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FOREMOFXI 

A s i g n i f i c a n t   f a c t o r   i n   t h e  development of new technology i s  the   t imely  
exchange of in format ion   to   h ighl ight   a reas  of progres s   and   t o   e s t ab l i sh   a r eas  
i n  need  of g rea t e r  emrphasis - i n   s h o r t ,   t o   p r o v i d e   b o t h  program management and 
technica l   cont r ibu tors   an   oppor tuni ty   to   rev iew  the i r  work and   p l ans   i n   t he  
context   of   the   requirements   and  constraints  of t h e   t o t a l  program. 

During  the  past  two years,  the  Langley  Reseasch  Center  has made a con- 
ce r t ed   e f fo r t   t o   suppor t   t he  NASA objec t ives  for develupment  of  a  low-cost 
space  t ransportat ion  system - the   space   shut t le .  The Langley e f for t   covers  a 
broad  base  of   technology  including  e lectronics   and  l i fe   support   systems,   but  
i t s  primary  focus has been i n   t h e   a r e a s  of Aerothermodynamics,  Configurations, 
and F l igh t  Mechanics;  Structures  and  Materials;  and Dynamics and  Aeroelasticity.  

Thus it was in   t he   con tex t  of the  need for a  technology  status  review  and 
our own active  involvement in   the  aforementioned  areas   of   technology  that   the  
Langley  Research  Center was p leased   t o   hos t   t he   Shu t t l e  Technology  Conference 
which  culminated i n  this document. As the   reader  will recognize,  the  develop- 
ment and  presentation of this information was largely  achieved by very  busy 
people  doing  an  additional  job.  Nevertheless, I be l i eve   t he   r e su l t s   o f   t he  
conference   re f lec t   a   h ighly   mot iva ted   and   coopera t ive   e f for t  on the   par t   o f  
industry  and NASA centers   to   p rovide   the   bes t   in foMnat ion   ava i lab le   for   t echni -  
cal  review  and  assessment. This e f f o r t  is deeply  appreciated by those  of  us 
involved  in  the  implementation of the  conference.  Thus, to   the   au thors ,   ses -  
sion  chairmen,  and numerous individuals   involved i n  the   log is t ic   suppor t  of 
this conference, I o f f e r  my thanks   bo th   for  your e f f o r t  and f o r  your coopera- 
tion. A job wel l  done! 

George W. Brooks 
General Chairman 
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DEVELOPMENT STATUS OF REUSABLE N O m T A L L C C  THERMAL PROTECTION 

By D. Greenshields, G. Strouhal, D. Ti l l i an ,  and J. Pavloslqy 
NASA Manned Spacecraft  Center,  Houston, Texas 

INTRODUCTION 

The concept of protecting an  entry  vehicle from the  aerothemodynmic  environment by the  use of 

refractory ceramic materials i s  not new; such  materials were considered  for  the first ICBM applications,  

and a nose  cap of c intered  z i rconia   t ides  was developed f o r   t h e  DYNASOAR program. Likewise,  carbon- 

carbon  laminates have been used  extensively  in  missile  applications,  and were used on the ApoVo thermal 

protection system. However, both  the  ceramic  and  carbon  systems  exhibited  severe  shortcomings as 

reusable,  thermally, and structurally  efficient  systems. The ceramics  were  extremely b r i t t l e   w i t h   h i g h  

modulus  and r e l a t ive ly  low strength,  and  were sensi t ive  to   thermal  shock. The carbon  systems  were 

subject  to  oxidation  although  oxidation  rates were r e l a t ive ly  low. 

Within the  past  few years,  approaches t o  circumventing  these two major  deficiencies have been 

developed; as a result  both  the  ceramic and carbon  materials were aga in   in  a cmpe t i t i ve   pos i t i on  when 

serious work on the  reusable  space  shuttle began i n  1969. Small but   intensive  effor ts  on these two 

materials began  under NASA sponsorship i n   t h e  Spring of 1970, j u s t  one year ago,  and  system  development 

contracts have  been  underway since July 1970. The f i rs t  set of contracts i s  concluding t h i s  month; 

fdlow-on  effor ts  will soon be  ini t ia ted.  Because the development  programs are  only  in  the  preliminary 

phase, this paper must be  oonsidered as only a progress  report. 



FIGURE 1 

Sufficient  progress  has  been made i n   t h e  development of oxidation-resistant  carbon-carbon  laminates 

and surface  insulat ion  mater ia ls  that both  phase B shuttle  study  contractors have  serious3y  considered 

the  use of these  mater ia ls  f o r  the   shut t le   o rb i te r .   In   addi t ion ,   the   use  of these  mater ia ls  on the 

booster  appears  promisilzg.  Figure 1 i s  a   sketch  of   the  shut t le   orbi ter  showing use of surface  insula- 

t i o n ,   t h e   l i g h t e s t  weight and simplest  of  the two systems,  on,the  large  areas of the  vehicle  lower 

sur face ,  and of the  carbon  materials on the  leading  edges  and  nose  regions where higher  heating  and 

more severe  erosion  environments  are  expected. A s  dis t r ibuted  here ,   the   surface  insulat ion would not 

encounter  tenrperatures  greater  than l40O0 K (20000 F) ,  and the  carbon-carbon  material,  greater  than 

1800' K (28000 F) . 
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FIGURE 2 

The nature  of  the  oxidation-inhibited  carbon  laminate  material i s  ind ica t ed   i n   f i gu re  2. The 

bas ic   mater ia l   cons is t s  of a carbon  cloth  laminate  bonded with a polymeric  resin  which has been  converted 

t o  carbon by pyrol izat ion.  This process  forms a chemically  stable  material  of high  specif ic   s t rength,  

which it maintains  even a t  temperatures t o  250O0 K ( 4 5 0 0 O  F). A t  the   surface of the  laminate,   the  porous 

carbon  matrix  has  been  treated  with  metals  such  as  si l icon and  zirconium t o  form  highly  stable,  although 

weaker,  carbides  which resist oxidation a t  temperatures  approaching 1950° K (3000' F). This  conversion 

a l so   decreases   the   sur face   poros i ty   to   the   ex ten t   tha t   the  oxygen of the   en t ry  environment i s  la rge ly  

excluded from t h e   i n t e r i o r  of the  mater ia l .  To W t h e r   r e s t r i c t   o x i d a t i o n  of the  s t rong  inner  matrix, 

smaU amounts  of t he  same metals may be  included i n   t h e   b a s i c   r e s i n   u s e d   t o  form  the  bond with the  fiber 

p r io r   t o   py ro l i za t ion .  
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FIGURE 3 

Many canbinations  of  carbon  f i laments,   binder  materials,   and  inhibit ing and  coating  material  and 

techniques  have  been  develaped  and  tested by the  two contractors   involved  in   the MSC-sponsored program 

to   da t e ;  MDAC and W C . *  These  combinations a re   ind ica ted   in   s impl i f ied  form in   f i gu re  4. Both  yarns 

and  cloths of carbon  and  graphite,  with  phenolic  and epoxy u s e d   a s   t h e   i n i t i a l b i n d e r s ,  were  evaluated 

for   basic   s t rength  prapert ies ;   f ’ur ther   s t rengthening by the  C X D  reimpregnation  process  and by reimpreg- 

nat ion  with  pi tch and fVrfural   alcohol  were  also  evaluated. The various  metal  and  boride oxid&A.on 

inh ib i to r s  were considered  as  diffused-in  coatings  and  as  additives  to  the  init ial   binders.   Overlay 

coatings  of  refractory  oxides  were  also  tested. 

%C NASA Manned Spacecraft  Center. 

MDAC McDonnell  Douglas  Aerospace Corp. 

IXSC Lockheed Missi les  and  Space Corp. 
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FIGURE 4 

Extensive  oxidation  testing  has  been  performed on these  various  materials.  To determine  structural  

charac te r i s t ics   bo th   before  and after  thermal  exposure,   mechanical  tests were a l so  conducted. The  two 

best  performing  materials  appear  to  be  the  carbon-cloth  Laminates  diffusion-coated  with  either  silicon 

metal  o r  cambinations of zirconium,  boron,  and  silicon. 

When these   ox ida t ion   da ta   a re   used   to   p red ic t   the  number of short  cross-range  missions  which  could 

be  sustained by a thermal  protection  system (TPS) of  such  materials  before  significant  oxidation  occurred, 

t h e   r e s u l t s   a r e  as depicted  in   f igure 4. The r a t e  of oxidation damage t o  the  s i l icon-metal   t reated 

carbon i s  the  lowest; 100 short cross-range  missions  could  be  flown a t  peak  temperatures  of  almost 

l9OO0 K (2950' F) before  replacement was necessary. For the Zr-B-Si coating  system,  which shows s m e  

mechanical  advantages, 100 missions  could  be  flown a t  18500 K ( 2 8 0 0 ~  F) before  replacement. It should 

be  noted  that   these  projections  are  based on only  a  few  cycles  of  testing on any  one sample, and have 

been  extrapolated on the   bas i s  of mass loss as   a   funct ion of heat- t ransfer   coeff ic ient ,   a   correlat ion 

drawn from classical   oxidation  theory.  It should  also  be  noted  that  approximately 50° K lower  tempera- 

t u r e s  would r e s u l t  i f  these  calculat ions were made for  long  cross-range  missions. 



PREDICTED 
NUMBER OF 

MISSIONS 

PREDICTED MISSION 
CAPABILITY OF 

DIFFUSION  INHIBITED 
CARBON, 

SHORT  CROSS RANGE 
LEADING EDGE 

BASED UPON 
hk/h CORRELATION t 

EATED CARBON 

D 

1- 
1600 1800 2000 2200 

PEAK TEMPERATURE, O K  

Figure 4 



Flexure  tests  were among the many s t ruc tu ra l -p rope r ty   t e s t s  conducted  during this i n i t i a l  phase 

of deve lopent .  This technique i s  p a r t i c u l a r l y   s u i t e d   t o   t h i n   b r i t t l e   m a t e r i a l  and i s  representat ive 

of  the  type of loading  anticipated  in  secondary  structure  applications.   f igure 5 ind ica tes  same of 

the  data   col lected on the  s i l icon  diffusion-treated  system made by W C . *  

A s  expected,  the  strength of this mater ia l   increases   s l ight ly   with  tes t   temperature .   Al though 

the  as-fabricated  system has high  s t rength,   the   effects  of r epea te&hea t ing   cyc le s   i n  a furnace  environ- 

ment apparently  degrade i t s  strength.  However, o ther   t es t s   ind ica te   tha t   in te r - laminar   s t rength  may 

increase with such  exposure. It i s  an t ic ipa ted   tha t   the   use  of an "Admix" system i n  conjunction with 

the  diffusion  system may r e t a r d  such  pr0per-Q  changes. 

vough t   N i s s i l e s  and  Space Corp. 
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Figure 6 ind ica t e s  data similar t o   t h a t  shown i n   f i g u r e  5 ,  bu t   fo r   t he  multicomponent Zr-B-Si 

diffusion-coated system. The i n i t i a l   s t r e n g t h s  shown are somewhat lower than   those   for   the   s i l i con-  

treated  system, but do not  appear t o  degrade with thermal  exposures.   Other  tests which  have  been  per- 

formed on both  mater ia ls  under repeated  loading  cycles   indicate   that   mechanical   pTopert ies  do not 

degrade  significantly  from  mechanical  fatigue.  Both of these  materials appear t o   j u s t i f y   f u r t h e r  

t e s t i n g  under r e a l i s t i c   h e a t i n g  and  loading  environments,  and  further  development i n  processing. 
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FIGURE 7 

The conclusions  which  can  be  reached as a r e s u l t  of t h e   i n i t i a l   m a t e r i a l s  and   des ign   e f for t s   a re  

summarized i n   f i g u r e  7. The system,  coated by the   d i f fus ion   process ,   e i ther  with s i l i c o n  o r  . 

z i rconia-boron-s i l icon ,   appears   to   o f fe r   the   bes t   thermal  and  mechanical  performance.  These  systems 

appear   to   be   usefu l  t o  near 1900° K for   the   shut t le   reuse   requi rement .   In   addi t ion ,  it has  been  found 

tha t   the   s i l i con   coa t ing   sys tem i s  noncatalyt ic  and may operate at lower  than  radiation  equilibrium 

temperatures  because  peak  heating will be  suppressed. 

The prel iminary  f indings,   together  with t h e   r e s u l t s  of  phase B hea t ing   s tud ies ,   ind ica te  t ha t  t he  

oxidation  inhibited  carbon-carbon system can  serve as a reusable   thermal   protect ion  system  for   the 

highest   heat ing  regions of the  space  shut t le ,  and that fur ther   eva lua t ion ,  development  of  design,  and 

mater ia l   p rocess  development i s  j u s t i f i e d .  It shou ld   be   no ted   t ha t   i n   add i t ion   t o  this ma te r i a l  work, 

MRAC i s  present ly   construct ing a full-scale  leading-edge  section  under  the  phase B t e s t  program  which 

will be   t e s t ed  a t  MSFC.* 

* Marshall Space Flight  Center. 
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FIGURE 8 

Surface  insulation  systems  are  being  developed  for  application  to  the  space  shuttle by MDAC and 

W C  under  contract   to MSC, and by GE* and G A P  under  other  sponsorships. The systems  being  developed 

under MSC sponsorship  are  both  based on a " r ig id i zed"   f i be r  concept  and, i n  this respec t ,   a re  similar t o  

the  carbon-carbon  systems. The use  of  f ibers  as a basic   bui lding  block  for   the  mater ia ls  makes them 

much less   r igid  than  typical   s intered  ceramics ,   a l though  they must s t i l l  b e   c l a s s i f i e d   a s   b r i t t l e  

mater ia ls .  These mater ia l s   a l so   requi re  a  coating: i n  this  case  to  provide a  high-emittance  surface, 

t o  preclude  absorption  of  water, and t o   r e s i s t   e r o s i o n .  The densi ty   of   the   basic   mater ia l ,  which 

consis t  of r i g i d i z e d   s i l i c a  or mul l i t e   f i be r ,  i s  su f f i c i en t ly  small t o  obtain good insulat ion  perfor-  

mance. However, the  mater ia l   has   very low strength,  and must be  continuously  supported by e i t h e r  a 

substrate   panel  or bonded d i r ec t ly   t o   t he   a i r f r ame  of the  vehicle .  The system  under  develapment by 

LMSC, ca l led  LIlfjOO, i s  bas i ca l ly  a s i l i c a  system. S i l i c a   f i b e r s   a r e  bonded  with s i l i c a   f i l l e r ,  and 

s i l i c a  i s  used  as   the  carr ier  f o r  the  surface  coating. Chromium ofide i s  added to   the   coa t ing   to   p rovide  

a  high  emittance. The MDAC system i s  based on mul l i te ,  a  form of aluminum s i l i c a t e ,  and i s  named HCF 

(hardened  compacted f i b e r ) .   M u l l i t e   f i b e r s   a r e  bonded  with s i l i c a ,  and mixtures of bo ras i l i ca t e   g l a s s  

and  phosphates  are  used  as  the  basis  for  the  coating.  Cobalt   oxide i s  used  as  the  high-emittance  pig- 

ment. The s i l i c a  system  has  demonstrated  reuse  capability to  surface  temperatures of 1330° K (2300O F),  

and the  mulli te  system t o  1640O K (2300° F). 

* 
General  Electric Company. 
Grumman Aerospace  Corp. 
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FIGURE 9 

A swmnary of t h e   s t a t u s  of t h e  work on surface  insulation  systems by LMSC and MDAC i s  ind ica ted  i n  

f igu re  9. Preliminary  property  measurements  have  been made on both  materials,   and a first attempt t o  

develop a simrple system  using  these  mater ia ls   to  meet design  requirements  for  typical  short   cross-range 

shuttle  orbiter  applications  has  been  completed.  It must  be  noted  that   only  f irst-generation  versions 

of the  coatings,  bonding  techniques,  and  subpanel  designs  have  been  developed.  Directions for f u r t h e r  

development  and  improvement i n   a l l   t h e s e   a r e a s ,  as we l l   a s   i n   t he   baS ic   ma te r i a l s ,  have become apparent 

during  the program.  These first-generation  systems  have  been  translated  into  demonstration  hardware. 

Both cont rac tors   a re   de l iver ing   near   fu l l - sca le  examples  of  both  the  subpanel  and  direct   structural  

app l i ca t ions   t o  MSC f o r   t e s t i n g   i n   t h e   i m e d i a t e   f u t u r e .  
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Since  the  usefulness of sur face   insu la t ion  depends heavi ly  on i t s  thermal  performance, one of the  

key p rope r t i e s  of t he   ma te r i a l  i s  thermal  conductivity.  Measurements  of the  conductivity of both  the 

mul l i t e  (HCF) and s i l i c a  (LI1500) systems  were  performed by the   respec t ive   cont rac tors  by using  the ASTM: 

standard  guarded  hot-plate  technique. The data obtained  are shown i n  f igu re  10, for both one atmosphere 

(101.3 kJl/m2) and  lower  pressures  as  might  be  encountered during entry (1.0 kJ!T/m2). These da ta   ind ica te  

that  the  thermal  performance i s  very similar f o r   t h e  two mater ia ls .  However, t e s t s  under both rad ian t  

and convect ive  heat ing  in  which  temperatures  throughout  the  material  were  measured  indicate  inconsisten- 

c i e s  with t h i s   r e s u l t .  For example,  lower condu.ctivit ies  were  indicated  for  the LI-1500 by a r c - j e t   t e s t  

data.  More extensive  thermal  exposure  data will apparently  be  required  before  the  thermal  performance 

o f   e i t he r   ma te r i a l  will be known with confidence. 
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Figure 11 indicates  sane of the  mechanical  property  data  collected by MDAC and WSC during  the 

develupment  program. Proper t ies  are d i f fe ren t   in   the   p lane   o f   the   mater ia l   b locks ,  and  normal t o   t h i s  

plane,   s ince  the  f iber   or ientat ion i s  nonuniform. 

P rope r t i e s   fo r   t he  HCF mater ia l  were  measured on the  insulator   before  and af te r   apply ing   the  

impervious  coating. F r m   t h e s e   d a t a  it was poss ib le   to   es t imate  some propert ies  for  the  high modulus 

coating. Data were col lected f o r  the  IJ-1500 mater ia l   on ly   in   the   coa ted   s ta te ;   thus ,  no coating-alone 

proper t ies   a re  deduced. 

It will be  noted  that   the  Z-direction  properties of the   mater ia l s   a re   qu i te  similar, and it might 

be   in fer red  tha t  t h e   p r o p e r t i e s   i n   t h e  X-Y direct ion  of   the L I - l 5 O O  shown are   cont ro l led  by the  coating 

and  not the bare   mater ia l .   In   both  cases ,  it would appear   tha t   the   u l t imate   s t ra in  of  both  systems i s  

l imi ted  by the  coating, which indicates   the  coat ing modulus t o   b e  a c r i t i ca l   pa rame te r   ca l l i ng   fo r  

improvement. The next most c r i t i c a l   p r o p e r t y ,  as indicated by structural   analyses  performed by both 

contractors ,  i s  the  low shear  strength of the   mater ia l s .  
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FIGURE 12 

Both contractors   are   providing MSC w i t h   t e s t   a r t i c l e s  which represent   the  appl icat ion of the  sur- 

face  insulators   to   l ightweight   subpanels   and  to   load-carrying  skins .  The designs  developed by the  con- 

t r a c t o r s   f o r   t h e   s u b p a n e l   a p p l i c a t i o n   t e s t   a r t i c l e s   a r e   i n d i c a t e d   i n   f i g u r e  12. 

Both a r t i c l e s   r ep resen t  a 0.61 m by 0.61 m (2 f t  by 2 f t )  pro tec ted   a rea   wi th  an overlay of t h e  

s u b s t r s t e   t o   p r o v i d e   f o r   l o a d   t e s t i n g .  Both  systems  consist of four   0 .3  m (1 f t )  square t i l e s ,   w i t h  

j o i n t s  between t h e   t i l e s   d e s i g n e d   t o  limit heat  i n  flux. The t i l e s  of t he  MDAC system are  coated on all 

f ive   s ides ;  whereas t h e  W C  t i l e s   a r e   c o a t e d  i n  the   jo in ts   on ly   to   the   s tep  of the   jo in t .  

These panels  were  designed for a peak  surface  temperature of 16000 K (2300° F) and a short  cross- 

range  heating  history.  The peak  bond l ine  temperature   specif ied was 533O K (500° F). The ul t imate  

p r e s s u r e   d i f f e r e n t i a l   t o  be  applied at peak  bond l ine  temperature  i s  26 600 N/m2 (4 psi)   wi th   the  panels  

simply  supported on opposite ends. 

The MDAC substrate   panel  i s  a t i tanium honeycomb sandwich with  beryll ium  face  sheets.   This 'sub- 

s t r a t e ,   bu i l t   u s ing   ava i l ab le   ma te r i a l  gages,  should  have a mass of approximately 4.34 kg/m2 

(0.9 l b / f t 2 ) .  NSC selected  Z-stiffened  beryll ium  sheet  as  the  subpanel;   the  weight of this panel  i s  

expected t o  be 1.95 kg/m2 (0.4  lb/f t*)  . 
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FIGURE 13 

Figure 13 i s  a photograph of t h e   t e s t   p a n e l   f a b r i c a t e d  by WSC t o  r ep resen t   t he   d i r ec t  bonding of 

t h e  LI-1500 material   to   load-carrying  s t ructure .  The protected  area  of this panel,   and  the similar panel 

t o  be  supplied by MDAC, i s  0.3 m by 0.9 m (1 f t  by 3 f t )  . The t i t an ium  s t ruc tu ra l   subs t r a t e ,   w i th  a 

unit mass of approximately 19.5 kg/m2 (4 lb/f t2)   extends beyond the  pro;tected  area  at   each end t o  allow 

imposing s i g n i f i c a n t   t e n s i l e  and  bending  loads on t h e  system. 
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The elements which cont r ibu te   to   the   weights  of the  two appl ica t ions  of sur face   insu la t ion   a re  

ind ica ted  i n  f igu re  14. I n  concept I, the  weight of t he  TPS includes  not  only that  of the  coating, 

i n su la t ion ,  and bond, bu t   a l so   t ha t  of the  supporting  subpanel. The weights of attachments  between  the 

subpanel  and  the  load-carrying  structue,  and f o r  some cases  the  weight  of  insulation below the  subpanel, 
. 

have  been  included i n  weight   t rade  s tudies ,   but   are   not   included i n  the  demonstration  hardware  weights. 

I n  t h e  second  concept i l l u s t r a t ed ,   t he   we igh t  of the   load-car ry ing   s t ruc ture  i s  generally  not 

included as p a r t  of the  TPS. 

. 
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Figure 15 shows the  weights ,   calculated from  design  drawings, of t he  four types of demonstration 

hardware  being  delivered  to MSC by LMSC and MDAC. The weight of the  MDAC subpanel, as previously  dis-  

cussed, i s  the  primary  cause of the  weight  difference  in  the  concept 1 hardware. However, it will a l so  

be  noted  that   the  insulation  weights for both  concepts   are   higher   in   the MDAC designs,  although  the 

thermal  conductivit ies of the  two mater ia ls   appear   to   be similar based on the   da ta  of f igure  10. Exami- 

nat ion of the  design  analysis  performed by the  two cont rac tors   ind ica tes  two contr ibut ing  factors :  

F i r s t ,  LNSC included  the  thermal  capacity of the  e las tomeric  bond i n  the  thermal   analysis ,  which was not 

included by MDAC, and  second, MDAC appl ied a thickness   penal ty  for the   higher   effect ive  thermal  conduc- 

t i v i t y  of the  gaps  between  material   t i les on the   bas i s  of t e s t   d a t a ,  an effect   not  accounted f o r  by 

LMSC . 
It i s  ant ic ipa ted   tha t   the   ex tens ive   in -house   t es t ing  of t h i s  hardware,  as  well as of o ther   ins t ru-  

mented  samples supplied by both   cont rac tors ,  will determine  the  accuracy of the  thermal  designs. 
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Numerous t r ade   s tud ie s  have  been  performed t o   a s s e s s   t h e   r e l a t i v e  merits of the  surface  insulat ion,  

carbon-carbon,  and  competing me ta l l i c  systems on t h e  basis of  weight.  These s tudies   are   cont inual ly   being 

re f ined  by MSC, and it i s  of i n t e r e s t   t o  compare the  weights of the  demonstration  hardware with such 

weight  projections. 

Figure 16 indicates   calculated  weights  of  a  superalloy WS concept  and the   sur face   insu la t ion  con- 

cepts. These ca l cu la t ions   a r e  shown f o r  a cen t r a l   l oca t ion  on the  lower surface of a del ta-wing  orbi ter  

as   a   funct ion of heat  load. The hea t  load at  this one loca t ion  was var ied  by computer simulations of 

different  cross-range  missions: The lower  heat  loads  below 60 KT/m2, represent 200 n. mi. missions, 

whereas, the heat  loads between 125 and 160 MJ/m2, correspond t o  missions with cross  ranges on the   o rder  

of 1100 t o  1500 n. mi.. For a l l  the  missions  simulated,   the  peak  surface  temperature a t  the   loca t ion  

considered was between l l 5 O O  K (1600~ F) and 1-350' K ( 1900° F) ; thus,   a  cobalt   superallay  panel was used 

as the   meta l l ic   re fe rence  system. The upper  curve for   the   meta l l ic   sys tem i s  based on a conservative 

pane l   des ign   w i th   su f f i c i en t   i n su la t ion   t o   p ro t ec t  an under ly ing   s t ruc ture   to  410' K (300° F). The lower 

boundary  of metall ic  system  weights  represents  a near-optimum panel   weight ,   and  insulat ion  to  6150 K 

(6500 F) for   the  pr imary  s t ructure .  

The surface  insulation  system  weights on the  upper  boundary  represent a concept I system with a 

278O K ( 5 3 3 O  F) bond l ine   r e s t r i c t ion ,  and in su la t ion  between the  subpanel and s t ructure .  The lower 

boundary  represents a concept I1 system with a bondline  temperature of 615O K (670° F). The ac tua l  

weights   ca lcu la ted   for   the  LSMC demonstration hardware agree  wel l  with these   p red ic t ions ;  however, the  
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MDAC hardware  weights are   s ignif icant ly   higher ,  as has  been  previously  discussed. Also shown fo r   r e f e r -  

ence  are  the  phase B point  designs  developed by North American  Rockwell (NR) and MDAC as pa r t  of t he  

shuttle  studies  for  the  surface  insulation  concept.  The NR weights  agree  with  predicted  weights;  the 

MDAC phase B calculat ions  are  i n  keeping  with  the MDAC demonstration  hardware  weights. 



FIGURE 17 

An a t t empt   t o   eva lua te   t he   s t a tus  of surf'ace  insulation  system development a t   t h i s   t i m e  i s  indi- 

c a t e d   i n   f i g u r e  17. Six   d i f fe ren t   types  of  candidate  surface  insulation  materials have  been  screened 

by MSC. O f  these ,   on ly   the   s i l i ca  and mul l i t e  systems  appeared t o  warrant f u r t h e r  development fo r  use 

in   t he   ea r ly   ope ra t iona l -phase  of t he   shu t t l e  program with i t s  current  schedule. For these  two sys- 

tems, t y p i c a l  hardware  designs  have  been f ab r i ca t ed  and will be   sub jec t ed   t o   ex t ens ive   t e s t ing   i n   t he  

immediate fu ture .   In   addi t ion ,   the   weights  of t h i s  hardware a r e  commensurate with  the  weight  estimates 

which i n i t i a l l y  prompted i n t e r e s t   i n   t h e s e  systems. However, shortcomings i n  these  early  systems  are 

becming  apparent,   and  direction  for improvements i n  the  system have  been iden t i f i ed .  
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CONCLUDING FSitAFKS 

Both inhibited  carbon-carbon  systems  and  surface  insulation  systems have  been  under  intensive 

development f o r   t h e   p a s t  6 months under MSC sponsorship. A la rge  number of mater ia l s  have  been  developed 

and  evaluated,  and  prime  candidates  chosen. Early property measurements  and  design  studies  indicate  that 

systems  satisfying  all   shuttle  requirements  can  be  developed  with  use of these  materials,   and  that   system 

weights will be  lower  than  those for other  system  concepts for t h e  same temperature  ranges. 

A s  anticipated,  problem  areas  in  both  'systems  are becoming evident as t e s t   d a t a  accumulate; how- 

ever, d i rec t ions   for   f 'u r ther  development are  l ikewise  evolving. The conclusion  reached i s  that these 

cu r ren t   e f fo r t s  have success fu l ly   i n i t i a t ed  development  programs  which  can establ ish,   wi thin  the  next  

year  or  18 months, the  technological  base  required f o r  appl ica t ion   of   the   nonmeta l l ic   mater ia l s   to   the  

shut t le   thermal   protect ion system. 



REUSABLE  EXTERNAL INSULATION TPS FOR THE  SPACE  SHUTTLE 

By P. D. Gorsuch, R.A. Tanzilli, and D. E.  Florence 
General Electric Company, Philadelphia, Pennsylvania 



INTRODUCTION 

The  General  Electric Company's Re-entry and Environmental  Systems  Division (GE-RESD) has 

been  developing and evaluating a series of high insulative  efficiency,  rigidized  fibrous  insulation  materials. 

Thermal  protection  systemspPS)based on these  materials are much lighter in  weight than  those  using  other 

candidate  materials  such as coated  refractory  metals.  This weight saving is extremely  important  since 

it can be used  to  increase  the  payload  weight  fraction of the  space  shuttle  vehicle.  The GE-RESD designa- 

tion  for  this class of materials is - Reusable - External - Insulations  (REI). 

The  inherent  simplicity, low density,  capability  for  repeatedly  surviving the maximum  expected 

surface  temperatures  during  normal  entry  missions without significant  performance  degradation and 

reserve  margin  are  the  strong  forcing  functions (a) for  the  development of REI  materials and (b) for 

establishing  their  multimission  capability  for  use  in  space  shuttle  TPS. The ultimate goal of the  development 

and evaluation  program is an  REI  TPS with a 100 mission  capability. 

In this paper  the  development and evaluation  activities at GE-RESD are summarized. Much of the 

work described was supported  through  the  use of General  Electric Company discretionary  funds. Applica- 

tion of the  REI  materials  to the shuttle  orbiter is being  conducted under a gurchase order from  the North 



American Rockwell Corporation (Nlt) as part of their space  shuttle  Phase B contract.  mher  contract 

activities include (a) fabrication of samples of composite  insulation  systems  utilizing both zirconia 

and mullite  base  fibers  for the NASA Manned Spacecraft  Center and (b) the development of insulation 

materials  for  the NASA Langley Research  Center. The latter program will emphasize  the development 

of zirconia  base  insulative  composites as well as the  development and evaluation of coatings  for  silica, 

mullite and zirconia base systems. 



SYMBOLS 

TPS 

m 
NDT 

REI 

atm 

BP 

BTU 

cP 

€ 

FTY 

O F  

G 

in 

OK 

kg 

kw 

- Thermal  Protection  System 

- North  American  Rockwell  Corporation 

- Nondestructive  Testing 

- Reusable  External  Insulation 

- Atmosphere 

- Body Point 

- British  Thermal Unit 

- Specific Heat 

- Total  Hemispherical  Emittance 

- Failure  Tensile Yield Strength 

- Degrees  Fahrenheit 

- Shear  Modulus of Elasticity 

- Inch 

- Degrees  Kelvin 

- Kilogram 

- Kilowatt 

L - Length 

lb - Pound 

mw - Megawatt 

m - Meter 

,U - Micro 

n - Newton 

ppm - Parts Per  Million 

p - Density 

sec  - Second 

X - Distance Along Vehicle 

K - Thermal Conductivity 

t - Thickness 

7 - Shear  Strength 

Me - Mach  Number At Edge of Boundary  Layer 

M, - Free-Stream  Mach  Number 

RTV - Room Temperature Vulcanizing 



REUSABLE  EXTERNAL  INSULATION  FOR NR ORBITER 

(Slide 1) 

The REI  class of materials  consist of about 5 percent by volume of near  randomly  oriented 

silica,  mullite,or  zirconia  fibers  rigidized by bonding their  points of contact with pyrolyzed  silicone, 

mullite, or  zirconia  base  cements,  respectively.  The  designations  REESilica, REI-Mullite,, o r  REI- 

Zirconia have been  selected  to  describe  each of these  three  types of insulative  composites.  The 

silica and yttria  stabilized  zirconia  fibers  are  commercial  grades of materials supplied by Johns- 

Manville Products  Corporation and Union Carbide  Corporation,  respectively.  The  mullite fibers  are 

alumina rich  near  stoichiometric (3 A1203-2 Si02) materials  supplied by Babcock and Wilcox. The 

diameter of the fibers  are typically 0 . 5  t o  0.75 1 m for  REI-Silica, 5 p  m for REI-Mullite,  and 4 to 

6 ,U m for REI- Zirconia. Although made  over a range of composite  densities,  the  density  range  selected 

to  be  near optimum for  each  system,  such as 185 kg/m3 (11.5 lb/ft3) for  REI-Silica,  reflects a compro- 

mise between mechanical  properties  such as strength and strain-to-failure and insulative  efficiency. 

The temperature  range of applicability shown in  the slide for  each  REI  system is based on 

considerations  relative  to  the  sintering and densification  tendencies and phase  stability of the  fibers and 



binders. Although REI-Zirconia would appear  to be the  most  logical  candidate  system  because of its 

capability  for  meeting  the  complete  range of expected  surface  temperatures,  other  factors  must be 

taken  into  consideration.  These  include  cost,  availability of raw materials, ease of manufacture, 

properties,  thermal-mechanical  compatibility  with  structure  and  availability of suitable  coating  systems. 

Thus it may be both cost and performance  effective  to  use  REI-Silica  and/or  REI-Mullite  on  the  large 

vehicle  surface areas exposed to  the  lower  surface  temperatures. 



REUSABLE EXTERNAL INSULATION FOR  NR ORBITER 
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DESIGN AND SYSTEM  REQUIREMENTS 

(Slide 2) 

The  development  and  effective  application of a light  weight, high performance  surface  insulative 

TPS  requires  an  iterative  procedure  in which  design,  system,  and  mission  requirements  are  defined and 

translated  into  material  property and  behavioral  requirements  and  subsequently  into  specific test and 

evaluation  criteria. With respect  to  design, REI materials  offer both great  flexibility  and  simplicity 

since  the  insulation  thickness  can be sized  to  achieve  sufficiently low operational  backface  temperatures 

to  permit  the  use of adhesive  bonds  for  attaching the panels  to  the  primary  structure. However, the 

limited  strength  levels of the REI materials,  e.g., 689 kN/m2 (100 lb/in2)  in  tension and compression, 

mandate  the  use d finite  thickness flexible adhesives  to  reduce b t h  the stress concentrations  and the 

shear and  normal stress requirements of the  adhesive  and  insulation. 

An important  feature of the REI TPS is the  need  for a multifunctional  surface  coating  to  provide 

environmental  protection  against  handling  damage,  rain and dust  erosion and moisture  absorption  and  to 

increase  heat  rejection by radiation.  The  development of suitable  reusable  coatings is probably  the 

principal  problem  which  must  be  solved if REI materials are to  be  used  in  the  thermal  protection  system 

on  the  shuffle  orbiter.  The  current  approaches  for  developing a coating  system  involve  densifying  the 

outer  layers  or  covering  the  insulation with a suitable dense refractory  inorganic  material. 
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TIME HISTORIES OF AMBIENT PRESSURE AND 

TYPICAL HEAT FLUX FOR NR ORBITER 

(Slide 3) 

The  insulation  efficiency  and  thermal  stability of the  REI class of materials  depends  on both 

the  temperatures  and  the  pressures  to which  they are exposed.  Thus it is necessary,  in sizing the 

REI  insulation  thickness  and  predicting its useful  operating life, to  consider  the  operational  conditions 

at each  stage  in  entry.  Slide 3 shows  that the peak  heating  on  typical  lower body panels of an  orbiter 

occurs when the local  pressure is 10 newtons/meter  atmospheres).  Assuming  that  the 

insulation is vented  to  the  local  boundary  layer  edge  pressure, this lower  pressure  condition would 

result typically in a 50 percent  reduction  in  the  thermal conductivity of the  insulation  compared with that 

3 2 

for  atmospheric  pressure. Slide 4 shows  the  magnitude of the TPS  weight  drop  for  this  increase in 

insulative  efficiency. 
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cn 
0 INSULATION  WEIGHT DEPENDENCE ON Kp /Cp 

(Slide 4) 

The  weight of the TPS  using  ceramic  insulation  systems is minimized when the  value of "P 
CP 

is minimized.  Thus  the  designer should select  the  material  system with minimum values of this 

parameter  across the operating  temperature range, consistent with the  mechanical  property  require- 

ments.  Slide 4 shows  that  the  predicted  insulation weight for  REI-Silica  made  from available binders 

and fibers is quite low.  However, there  exists  the  possibility of making  marked  performance  improve- 

ment  from a weight standpoint  through  material  modifications.  Determination of the  extent  to which 

this  performance  gain is realizable would require  an  extensive study of the  relationship  between 

mechanical  properties  and  insulative  efficiency and a manufacturing  development  program  to  obtain  the 

required  fibers and binders  in  quantities  sufficient  for  detailed  evaluation. 

The specific  approaches which can be used for weight  minimizing  in  each of the three material 

systems include (a) employing  lower  density  composites, (b) using  fibers of the  optimum  diameter  and 

spacing for  their  temperature range of operation,  (c)  introduction of appropriate  opacifiers  (metallic 

flakes or  fiber  coatings)  into  the  composites and (d) operation of the insulations at as low a pressure as 

possible. Also further  reductions  in Kf /Cp can be achieved by interleaving  radiation barriers such as 

sputtered  layers within the composites. 
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REI STRAIN REQUIREMENTS BASED ON BOTH THERMAL AND STRUCTURAL LOADS 

(Slide 5) 

REI  mechanical  property  requirements are dependent  upon  the  detailed  TPS  design as well as 

the  structural  materials  used  in  supporting  the  panels.  The  coefficients of thermal  expansion  for all 

three  REI  systems are equal  to  or  less  than  the  coefficients of the  candidate  structural  support  materials, 

namely,  aluminum  and  titanium.  Slide 5 shows the tensile  and  compressive  strain  requirements based 

on  both thermal  and  structural  loads  for 2 different  designs  and  the  various  REI  and  structure  material 

combinations.  Typically  strain-to-failure  values of at least 0.84% are  required when the  REI  materials 

are bonded to a continuous air frame stressed skin  structure  and 0.4% for a design involving non- 

structural air load  carrying  panels.  Reproducible  achievement of these  strain-to-failure  properties  in 

the  materials would greatly  simplify  their  application  to  shuttle  orbiter  TPS. 
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REI-ADHESIVE  INTERFACE  SHEAR  STRESS  REQUJREMENTS 

(Slide 6) 

To  prevent  loss of insulation  material by delamination,  the  REI  materials  and  adhesive 

system  utilized  for bonding must have an  ultimate  shear  strength  capability  compatible  with  the 

shear  stiffness of the adhesive  system. Slide 4 shows  this  general  relationship  between  required 

insulation  shear  strength  and bond shear  stiffness. A s  indicated, a value of 689 kN/rn2 (100 lb/in2) 

for the  shear  strength of the insulation  has  been found to be adequate for 2 different  types of REI-Silica 

and  REI-Mullite  provided the bond shear  stiffness was properly  tailored. 
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SCANNING ELECTRON PHOTOMICROGRAPH OF REI-SILICA 

(Slide 7) 

REI-Silica is made by rigidizing silica fibers with high purity silica produced by the  pyrolysis 

of a silicone resin. The  silica  fibers  are first treated and the coated with the silicone 

resin.  The  coated  fibers  are  then  slurry  processed  to  give a near  random  distribution  in a fiber 

composite.  The  composite is subsequently  compressed  to the required  density  and  fired  to  reduce  the 

silicone  resin  to a high purity  silica  residue which rigidizes  the  fibers.  Impregnation,  drying  and 

pyrolysis  conditions  have  been  selected  to  achieve  material  uniformity  and  to  maximize  concentration 

of the binders at fiber  intersections  through  control of surface  tension. 

hsulative  composites  over a wide range of densities  from  about 160 to 320  kg/m3 (10 to 20 

lb/ft ) have  been  reliably  and  reproducibly  fabricated by using  pyrolyzed  silicone as a rigidizing  agent. 

Currently a density of 185 kg/m (11.5 lb/ft ) is considered  to  represent the mcst  effective  compromise 

3 

3 3 

between  mechanical  properties  and  insulation  efficiency. 



SCANNING ELECTRON PHOTOMICROGRAPH OF REI-SILICA 



THERMAL EXPANSION OF THE SILICA MODIF'ICATIONS 

(Slide 8) 

REI-Silica is made  from  binders  and fibers which are essentially  amorphous  in  nature after 

processing.  Unfortunately  amorphous  silica  tends  to  devitrify  or  crystallize as a result of exposure 

at temperatures  above  about 1475'K (1800OF) for extended  periods of time.  The  crystal  modifications  formed 

are  generally  quartz,  tridymite and cristobalite.  Formation of the  crystalline  material is detrimental 

because  each of the  crystalline  forms  undergoes  polymorphic  phase  transformations when the  insulation 

is cooled.  Another  bad  feature, as shown in  Slide 8, is the  high  coefficients of thermal  expansion of 

the  crystalline  modifications. T b s e  tend  to  increase the design  problems  because of greater  thermal 

mechanical  strain  incompatibility  between  the  insulation  and  structure as was shown in  Slide 6. 

The  devitrification  tendencies of amorphous  silica are influenced greatly by fiber  and  binder 

purity  and test atmosphere as well as the  time and temperature of exposure.  Because of the known 

effects of contaminants  in  promoting  devitrification,  the  fiber  pretreatment  material  and  binder  system 

were selected  to  have high purity.  Available data suggest that REI-Silica  may  have  sufficient  stability 

for  multi-cycle  reuse at temperatures of 1365'K (2000'F) and  above. 
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GENERAL TRENDS IN SHRINKAGE AND CRYSTOBALITE FORMATION 

RATES FOR REI-SILICA 

(Slide 9) 

In addition  to  having  devitrification  tendencies,  silica  base  insulation  materials  also  have 

a tendency to shrink in  dimensions as a result of sintering and surface  tension  effects  during  high 

temperature  exposure.  However,  the  magnitude of this shrinkage is the  same  regardless of 

temperature of exposure  despite  marked  differences  in  rates of shrinkage with temperature. An 

attempt is now being  made  to  accumulate  sufficient  quantitative  data  for  REI-Silica so that a time, 

temperature and atmosphere  for  processing  can  be  adopted which will result  in good dimensional 

stability  for  the  material  during  service without  having  unacceptable levels of crystobalite  formation. 
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REI-SILICA CHEMICAL ANALYSIS 

(Slide 10) 

Slide 10 provides  confirming  evidence of the uniquely  high  purity level of the  REI-Silica 

binder. In addition,  the  fiber  pre-treatment  tends  to  put a high purity  silica  coating  on the less pure 

fibers and aids in  preventing  their  devitrification. Ari additional  advantage  resulting  from  the 

pre-treatment of the  fibers is improved  mechanical  integrity  in  the  composites.  This is indicative 

of better  adhesion  between  the  fiber  and  the  binder. 
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REI- SILICA  PROTOTYPE  PANEL FABRICATION 

(Slide 11) 

Slide 11 shows  several  steps  in  the  fabrication of prototype  panels of REI-Silica  in  finished 

sizes up to 0.46 by 0.92  meter (18 x 36 inches)  with  thicknesses up to 0.10 meter (4 inches). A 

pilot  plant  for  the  continuous  production of large  panels is now being  assembled  and will  go into 

operation  about 1 April 1971. 
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REI-MULLITE  PROTOTYPE  PANELS 

(Slide  12) 

Mullite  fibers  produced by Babcock  and  Wilcox  have  been  rigidized with a synthetic  mullite 

binder  and  the  resulting  composites  have  been shown to  be  phase and  dimensionally  stable at 

temperatures up to at least  1645'K (2500'F) for  times  ranging up to 64 hours.  Panels of this  material 

appear  to  be  strain  compatible with aluminum  structural  support  panels  during  entry  simulation  testing 

provided  properly  tailored  adhesive  bonds  are  used  for  attachment. Development of compatible 

inorganic  coatings  for  REI-Mullite  appears  to  be  much  simpler  than  for  REI-Silica  because of its 

higher  thermal  expansion  characteristics. 

Slide 12 shows a typical  0.3  x  0.3 x 0.025  meter (12 x 12 x 1 inch)  thick  panel.  Other  panels 

have  been  fabricated  up  to  0.46 x 0.92 x 0.025  meter  (18 x 36 x 1 inch)  thick.  The  slide  also  shows 

the  post-entry  simulation test appearance of a smaller  panel which was adhesively bonded to   an 

aluminum  plate. 
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SILICA OMNIWEAVE  CONSTRUCTION (UNRIGIDIZED) 

(Slide 13) 

Much of the  material  development  emphasis  reported here has  centered  around  the  use of 

micron-sized fibers, randomly  oriented  and  rigidized  into a low  density  composite.  This  approach 

simplifies  the  composite  fabrication  cycle but does not necessarily  yield a system with  optimum 

mechanical  properties.  Multi-dimensional  reinforcement  techniques are being  considered as methods 

for obtaining  the  most  effective  compromise  between  insulation  efficiency,  mechanical  properties  and 

fail-safe  characteristics.  The  approach  shown  in Slide 13 consists of a multi-dimensional  weave of the 

fiber  yarn which is filled during  weaving with low  density  felt  mats of the  same  fibers.  Layer  inter- 

locking  during  weaving  provides  through-the-thickness  reinforcement without permitting  direct fiber 

paths  for  thermal conduction. Also, surface  reinforcement  can  be woven  into the  basic  insulation by 

omitting  the  top  several  layers of low density filler and  allowing  the yarn  to  densify at the  surface. 



SILICA OMNIWEAVE  CONSTRUCTION (UNRIGIDIZED) 

Slide 13 



C OATIN,GS 

(Slide 14) 

Surface  coatings are required  for REI materials (a) to  minimize handling  damage, rain and 

dust  erosion and moisture  absorption,  and (b) to  increase  heat  rejection by radiation. High tempera- 

ture  resistant  or  refractory  viscous  glasses  applied by conventional  enameling  techniques  and  yielding 

glassy  surfaces which are self healing at service  temperatures is one  approach  being  evaluated  for 

solving the water  absorption and surface  erosion  problems. An attractive  feature of these  viscous 

glass  coatings is the relative ease with  which their viscosity  characteristics and  optical  properties 

can be controlled by compositional  adjustments  to  the  glass itself or by addition of color  pigments 

to  the  slurry  during  initial  application. With these  types of coatings, a minimum  emittance  goal of 

0.8 is readily obtained. 

Slide 14 lists a few of the  many  complex  and  interrelated  design  and  operational  requirements 

for  the  coating  systems. Also a few of the  more  successful  coating  systems  evaluated  to  date  are 

listed for  each REI class of m.aterials.  The  ductile  metal  foil tests demonstrated  quite  conclusively 

that  metal  foils bonded to  the  insulation  and  properly  surface  coated  do  merit  consideration  for 

environmental  protection of REI thermal  protection  systems. 
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NONDESTRUCTIVE TESTING BEING USED ON REI 

(Slide 15) 

Slide 15 lists some of the NDT techniques  being  evaluated (a) for  in-process  inspection  and 

control,  (b) for determining  flight-worthiness of TPS  panels  both  before  and after flight  and (c) for 

use  in  conjunction  with repair or  refurbishment of damaged or  degraded  TPS  panels.  Radiography, 

in particular,  has  been found to be a very  effective  tool  for  monitoring  the  results of efforts to upgrade 

the manufacturing  cycle  from a panel  uniformity  standpoint  and  in  following  potential  degrading of the 

panels  during  entry  simulation  testing. 

Slide  15  shows a radiograph  produced by a technique  called slit radiography. It was  taken  on 

mounted  REI-Silica  panel  which was thermally  cycled. Some evidence of the  high  resolution  achieved 

is given by the  sharp  line  produced by the  fine  thermocouple  wire  running  across  the honeycomb. 
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REI SYSTEMS SCREENING TEST 

(Slide 16) 

A screening test program was devised  to  determine the thermal-structural  performance 

of both  coated  and  uncoated  panels of the  candidate REI materials  under  simulated  shuttle  service 

conditions. The basic  specimens  tested  consisted of 0.1 x 0 . 2  x 0.025 meter (4 x 8 x 1 inch) REI 

panels  adhesively  bonded to aluminum  alloy  plates.  The  specimen  geometry was selected to 

analytically  simulate the edge  conditions  which  exist  in a shuttle  panel  and  also  to  have  sufficient 

length to  achieve  plane  section  geometry  in  the  center of the  specimen.  Thus  this  specimen,  under 

thermal and structural  loads,  simulates the two basic  potential  failure  modes,  namely,  cracks 

occurring  normal  to the insulation  surfaces and  delaminations  parallel  to  the  surfaces. 

The  screening  criteria  used  in  this  program are listed in  Slide 16. Also the  cycle  used  in 

the entry  simulation tests is contrasted with the  surface  temperature  history  for a point  on  the body 

of the NR orbiter. The  longer  exposure  to  constant  peak  surface  temperatures  in  the  simulated  entry 

tests  permits  greater  definitization of the  temperature  level  effects on material  behavior. 
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ENTRY SIMULATION TESTING 

(Slide  17) 

Slide  17 illustrates the test  equipment  used  in  the  entry  simulation test program.  Quartz 

encapsulated  silicon carbide electrodes  are  used  to heat the  surface of the  specimen  to  the desired 

temperature.  To  achieve  the  correct  temperature  distribution  through  the 0.025 meter (1 inch) 

thick  sample, a water cooled  plate is attached  to  the back of the  aluminum  support plate. The entire 

test assembly is then  placed  in a vacuum chamber so that the test can be carried out at reduced 

pressure (10 kN/m20r  atmospheres). The last picture  in  the  slide  shows a specimen after 

cyclic testing. 
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LOAD-STRAIN COMPATIBILITY TEST - REI-SILICA 

(Slide 18) 

The  load-strain  compatibility  between  the  bonded  insulation  panel  and  aluminum  structure was 

evaluated by testing  specimens of the  same  design as those  used  for  entry  simulation testing. The 

specimen was loaded  to  levels  representative of the limit  loads  for  the  aluminum  structure  and the 

insulation  panel was examined  for  cracks.  The data reported  in  Slide 18 show that REI-Silica  has 

more  than  adequate  strain-to-failure  capability  to  meet  these  expected limit loads. 

Similar tests are now being  conducted  on  specimens after each 5 cycles of entry  simulation 

testing  to  determine  to what extent the REI-Silica  strain  capability  degrades with cyclic  temperature 

exposure. 



LOAD  STRA IN COMPATI B IL ITY TEST 
REI  - SILICA 

400 r 56 1 YIELD POINT 

52 1 48 

44 
2% 

MIL  HDBK 5A FP/liB" VALUE 
REI CRACK, 
S PEC I MEN NO. 

REI FAILURE,  SPEC l M N  NO. 29 
MIL  HD BK 5A FwllA" VALUE 

1 

34 t 
BOND DELAMI.NATION AT . 

AND 0.725% I N  ALUMINUM 
340 M N / ~ '  (49,000 PSI) 

"0  0.2 0.4 0.6 0.8 LO 
ALUMINUM STRAIN, % 

Slide 18 

4 
W 



PLASMA ARC TESTS 

(Slide 19) 

A series of plasma  arc  ground tests were performed  in  the GE-RESD 5 MW plasma arc 

facility  to  evaluate  the  ablation  performance of coated  REI-Silica  in a simulated  orbiter  entry 

environment.  Slide 19 shows  the test model  configuration  and lists the test conditions and test 

results  for  three of the  tests.  These data indicate  that the relatively low aerodynamic  shear 

forces of shuttle  entry are not an  important  factor  even  in  an  over  temperature  condition  in the 

design of a REI  thermal  protection  system. 
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REI TPS PANEL WEIGHT 

(Slide 20) 

This complete REI thermal  protection  system will  consist of a coated  panel  which is 

adhesively  bonded  to a metal  plate. Slide 20 compares  typical  weights for REI materials with  and 

without coating  and bonding for 2000 second  entry at body point 8 on  the NR delta  wing  orbiter. 

Even though coating  and bonding does  increase  the TPS weight  to  some  degree,  the  TPS  weight 

values  indicated for either a titanium or aluminum  support  structure  are still comparatively low 

compared with other  candidate  systems. 
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TYPICAL REI THERMAL  PROTECTION SYSTEM  DESIGNS 

(Slide 21) 

The  two approaches or concepts  for  attaching  coated  REI  panels  to the orbiter  vehicle  shown 

in Slide 21 have  been  considered  in detail. The first concept  assumes  that  the air frame  construction 

is conventional  with a continuous  outer  skin  to which the REI is attached. In this  approach,  the  coated 

REI panels are bonded  directly  to the outer  surface of the structure. Although the  panel  dimensions 

will  be variable and  dependent  on  curvature  and  geometry  constraints, it appears that panels as large 

as 0.46 by 0.92 meters  (18 by 36 ihches) are feasible to install. 

The  second  approach  involves the use of large  modular  structural  panels. In this  design,  the 

coated  REI would be attached  to  the  major area of the panel  in  the  same  manner as discussed above. 

However, it would be necessary  to  make  provisions at the  periphery of the  panels  for  access  to 

fasteners. A method for providing  this  access is shown in the drawing. 
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REI USE TEMPERATURE  CERTIFICATION 

(Slide 22) 

Slide 22 shows  schematically  the  approach  being  used  to  determine  the  maximum  use 

temperature  capability of the  candidate  REI  materials.  Coated  and  uncoated  panels of the  type 

described  in Slide 16 are  adhesively bonded to  aluminum  plates.  They are then  cycled  in  the  entry 

simulator  in  the  appropriate  surface  temperature  range  for a multiple  number of cycles.  Similar 

panels unmounted a r e  exposed to constant  temperature  conditions  in  the  same  temperature range 

for  times up to 75 hours. The performance of cyclically  tested  panels is monitored by subjecting 

the  panels after each 5 cycle  exposure  to  the  design  limit  loads of the aluminum  structure  and 

examining  the  insulation  material  for  tendency  to  crack.  Phase change and  shrinkage  tendencies 

are established by x-ray  diffraction  techniques  and  dimensional  change  measurements at appropriate 

intervals of tes ts  on  both  types of samples.  Comparison of data  between  panels  exposed  to  both 

cyclic  and  isothermal test conditions  provides  definitive  information  concerning any potential effects 

of cyclic  testing  on  property  or  performance  degradation. 

Sufficient  quantitative data of this type (a) will provide a basis  for  reliably  estimating  the 

maximum  service  temperature  for 100 mission  reuse  capability  for  each type of REI  material, (b) can 

be  used  to  estimate  service  life at higher  surface  temperatures  and (c) will provide  information as to 

compatibility of the coatings  and the rigidized  insulation  materials. 
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The  general  obj 

REI FLIGHT  TEST  EXPERIMENT 

(Slide 23) 

ective of this  activity is to  flight test sample s of REI  materials  on USAF 

experimental  flight test vehicles. The  specific  objectives are (a) to assess the  overall  performance 

of REI  materials in a representative, transient heat  flux,  pressure and temperature  flight  environ- 

ment  and (b) to validate the  thermodynamic  performance  prediction  model  derived  from  ground test 

data for  flight  environments. Flight test data to be obtained will include  both  surface  and backface 

temperature  response. 

Slide 23 shows  both a picture of the  flight test hardware and a comparison of the  aerodynamic 

heating  conditions  to be obtained  in  these  flights  with  those  expected  for  several  locations  on a shuttle 

vehicle. 
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SUMMARY OF  REI DEVELOPMENT ACCOMPLISHMENTS 

(Slide 24) 

Much progress  has  been  made  toward  establishing low density ceramic  fiber  insulations 

as viable  and  competitive  candidate  thermal  protection  systems  for  shuttle  orbiter  vehicles. REI- 

Silica  and  REI-Mullite  have  been  reproducibly  fabricated  in  panel  sizes  required  for full-scale 

hardware(0.46 x 0.92  meters (18 x 36 inches)).  Multimission  reuse  capability  has  been  demonstrated 

for both coated  and  uncoated  materials  adhesively bonded to  representative  shuttle  structural 

materials. However,  completion of the task of developing  these  materials  to  the  point where they 

are fully  qualified  for  use  in  the  thermal  protection  system  on  man-rated  shuttle  orbiter  vehicles will 

require  additional  development  and  evaluation  activities. 
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ADDITIONAL REQUIRED PROGRAMS 

(Slide 25) 

Definition of an  REI  TPS which is considered  to  be  fully  qualified  for  use on shuttle  orbiter 

vehicles will  require  additional  development  and  evaluation  efforts.  These will include (a) establishing 

the  range of applicability of the  candidate  material  system(s)  under  orbiter  entry  conditions,  with 

appropriate  design  constraints, (b) development of improved  coatings  from  an  insulation  compatibility 

moisture  pickup,  rain and dust  erosion  and  emittance  standpoint, (c) obtaining  adequate  statistical 

property data for  design  purposes, (d) development of adhesive bonding systems with tailored  proper- 

ties to  assure good insulation-structure  strain  compatibility and  (e)  demonstration of adequacy of design 

through  testing of f u l l  scale  coated  and bonded panels.  The  above are required but it would also be 

appropriate  to  achieve  performance  improvements  through  insulation weight  minimization by establish- 

ing  the  best iterative compromise  between  thermal  efficiency,  mechanical  properties and service life. 

To  achieve a high degree of cost  effectiveness, it will  also be  necessary  to  give  consideration 

to  simplification of panel  fabrication  process  through  automation  and/or  continuous  processing.  Also 

effective  repair  and  refurbishment  techniques  must be established, and NDT techniques  must  be 

selected  for  evaluation  and  recertification of the TPS  on  an  orbiter  prior  to  each  flight. 
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METALLIC  HEAT-SHIELD  MATERIALS  FOR  SPACE  SHUTTLE 

BY 

Robert W. Hall 
NASA  Lewis  Research  Center 

Cleveland,  Ohio 

INTRODUCTION 

i 

The  purpose of this  presentation  is  to  indicate  the  current  status .of metallic 

heat-shield  materials  being  investigated f o r  use  on  the  space  shuttle. It is  pri- 

marily a progress  report  on  the  technology  program  administered  by  the  Space  Shuttle 

Structures  and  Materials  Technology  Working  Group.  Materials f o r  thermal  protection 

systems (TPS) will  be  emphasized  rather  than  heat-shield  design or evaluation  because 

it  is  in  the  materials area that  the  most  progress  has  been  made  to  date. 



METALLIC TPS  MATERIALS 
(S l ide  1) 

The m e t a l l i c   m a t e r i a l s   o f   i n t e r e s t  f o r  the   space   shut t le ' s   thermal   p ro tec t ion   sys tem 

a r e   l i s t e d   i n   t h e  f i rs t  s l ide ,   a long   w i th   an   e s t ima te   o f   t he i r  maximum-use temperature. For  

most  of these   candida te   mater ia l s ,   the  maximum-use temperature and reuse  capabi l i ty   have 

no t   ye t   been   f i rmly   e s t ab l i shed .   Gene ra t ion   o f   t he   da t a   necessa ry   t o   e s t ab l i sh   such  limits 

i s  an  important   par t   of   the   mater ia ls   technology program for   thermal   p ro tec t ion   sys tems.  

The column  on t h e   r i g h t  shows an  es t imate   of   the   orbi ter   area  below  the  corresponding 

maximum-use temperature.  It is e v i d e n t   t h a t   h e a t   s h i e l d i n g   f o r  most  of t h e   o r b i t e r ' s  sur- 

face  area  could  be  provided by t i tanium  al loys  and  nickel-   and  cobal t -base  superal loys.  A 

large  background  of   experience  with  these  mater ia ls  is ava i l ab le   i n   t he   ae rospace   i ndus t ry .  

For temperatures  above  about 1000°C, l e s s  proven   mater ia l s   such   as   d i spers ion   s t rength-  

ened N i C r  (TD-NiCr) and  coated  refractory  metals   are   the  pr ime  metal l ic   heat-shield  mater ia l  

candidates.  Some pe r t inen t   expe r i ence   w i th   t hese   ma te r i a l s   a l r eady   ex i s t s   i n   t he   ae rospace  

indus t ry .  For example, TD-NiCr has   been  extensively  evaluated f o r  turbine  vanes  and  f lame 

h o l d e r s   i n  advanced  turbojet  engines.  Coated columbium was success fu l ly   u sed   i n   t he  Air 

Force 's  ASSET r e e n t r y   v e h i c l e .   I n   t h i s  respect, t he   t echno logy   o f   t hese   a l loys  is s i g n i f -  

i c a n t l y  more advanced  than  that   of   the   non-metal l ic   mater ia ls   current ly   basel ined  for   por-  

t i o n s   o f   t h e   s h u t t l e  TPS. S t u d i e s   a r e   c u r r e n t l y  underway t o  provide  the  addi t ional   property 

informat ion ,   fabr ica t ion   exper ience ,and   s imula ted   reent ry   t es t ing   necessary   to   assess   the  

a p p l i c a b i l i t y   o f   t h e s e  newer me ta l l i c   ma te r i a l s   fo r   u se   i n   space   shu t t l e   hea t   sh i e lds .  
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SUPERALLOY  TPS  TECHNOLOGY  PROGRAM 

(S l ide  2) 

Because  of the  large  background  of  experience  with  nickel-   and  cobalt-base  super- 

a l l o y s ,   r e l a t i v e l y   l i t t l e   a d d i t i o n a l   e f f o r t  on t h e s e   m a t e r i a l s  was deemed necessary   in  

the   space   shut t le   t echnology program. A l i m i t e d  program is being  conducted t o  provide 

des ign   da t a   fo r   t h in   gage   shee t  of t h e   a l l o y s  of prime i n t e r e s t  and t o   e s t a b l i s h   t h e  

r euse   capab i l i t y   o f   t hese   ma te r i a l s  f o r  hea t   sh i e lds .   Cur ren t   con t r ac tua l  programs i n  

t h i s   a r e a   a r e   l i s t e d   i n   t h e   s l i d e .  

The B a t t e l l e  program  on des ign   a l lowables   has   resu l ted   in   the   compi la t ion  of  a 

s u b s t a n t i a l  amount of e x i s t i n g   d a t a  on propert ies   of   Hastel loy X ,  Inconel 718, L605, 

and Rend 41. However, it is a p p a r e n t   t h a t   t h e r e  w i l l  be   s ign i f i can t   gaps   i n   t he  

d e s i r e d   d a t a   a n d   t h a t   a d d i t i o n a l   t e s t i n g  w i l l  be   required.  

The program  on degradation and reuse of r a d i a t i v e  TPS materials  emphasizes  coated 

r e f r a c t o r y   m e t a l s   b u t   l e s s e r   a t t e n t i o n  is b e i n g   g i v e n   t o   t h e   c o b a l t   a l l o y s  HS25 and 

HS188. No d e f i n i t i v e   r e s u l t s  from the   supe ra l loy   po r t ion  of t h i s  program a r e   a v a i l -  

a b l e   y e t .  



SUPERALLOY TPS TECHNOLOGY  PROGRAM 

DESIGN  ALLOWABLE  STRENGTH  PROPERTIES OF ELEVATED BAllELLE 

TEM  PERATURE ALLOYS NAS8-26325 

HASTELLOY X, INCONEL  718,  L605, RENi  41 

HIGH TEMPERATURE EMISSIVITY MEAS. LOC  KHEED 

NAS8-26304 

DEGRADATION & REUSE OF RADIATIVE TPS  MATERIALS BAllELLE 

HS25,  HS 188 N  A S 8-  26205 
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EFFECTS OF MULTIPLE REENTRY ON CREEP OF R E N ~  41 

(S l ide  3) 

Although th is   p resenta t ion   dea ls   p r imar i ly   wi th   s tud ies   funded  by NASA as   pa r t   o f   t he  

space  shuttle  technology  program, some unpublished  results  of  an  in-house  funded  program 

conducted by J. W. Davis a t   t h e  McDonnell  Douglas  Corporation  on  the  effects  of  multiple 

r een t ry   cyc l ing  on the  reuse  of  Rene' 41 a r e   i n c l u d e d   h e r e   t o   i l l u s t r a t e  a p o t e n t i a l l y  

s i g n i f i c a n t  problem  area.   In   his   work,   Davis   subjected  thin  gage  sheet   tensi le   specimens 

of Rene' 41, HS188, and TD-NiCr t o   r epea ted   s t r e s s - t empera tu re -p res su re   p ro f i l e s   s imu la t ing  

r een t ry .  He measured the  resul tant   creep  deformation  and compared t h i s   w i t h   t h e   c r e e p  

predicted  f rom  the  best   avai lable   data   f rom  convent ional   constant   load,   constant   tempera-  

t u r e   c r e e p   t e s t s .  Such a comparison f o r  Rene' 41  specimens  which  had  been  aged a t  76OoC 

before t e s t  is shown on t h e   s l i d e .   S i m i l a r   r e s u l t s  were  observed f o r   t h e   o t h e r  two a l l o y s  

i n   t h e i r  proposed  use  temperature  range. 

The t e s t s   i nd ica t ed   t ha t   excess ive   c r eep   de fo rma t ion   can   occu r   du r ing   r epea ted   r e -  

en t ry   cyc l ing   a t   loads   lower   than   pred ic ted   f rom  ava i lab le   c reep   da ta .  The r easons   fo r  

t h i s   behav io r   a r e   no t   en t i r e ly   c l ea r   a t   t h i s   t ime .   E lec t ron   mic roprobe   sna lys i s   o f   t he  

tes ted   spec imens   ind ica ted ,   however ,   tha t  R e d  41 had  experienced a deplet ion  of  chromium, 

aluminum,and titanium.  These results i n d i c a t e   t h e   n e e d   f o r   s i m u l a t e d   s e r v i c e   t e s t i n g  a s  

a b a s i s   f o r   d e s i g n  of superalloy  heat-shield  panels  which must withstand  repeated  reentry.  

Previous  es t imates   of   the   temperature  o r  s t r e s s  limits f o r  some ma te r i a l s  may need t o  be 

r ev i sed  downward. 
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TECHNOLOGY PROGRAM FOR Ni-Cr-Th02 SHEET 
(Sl ide 4) 

Dispersion  strengthened  nickel-chromium  alloys  such  as Ni-Cr-2Th02 are  promising 

candida tes   for   the   t empera ture   range  above t h e  maximum limit f o r   s u p e r a l l o y s  ( d l O O O ° C )  

and  below t h a t  where  coated  refractory  metals   are   required f o r  s t rength  considera-  

t i o n s  ( 412OO0C). The prime  advantage  of t h i s   c l a s s   o f   ma te r i a l s   ove r   coa ted  columbium 

f o r  use i n  t h i s  intermediate   temperature   range is the i r   g rea t ly   supe r io r   ox ida t ion  

res i s tance   in   the   uncoated   condi t ion .  They a l s o   o f f e r  good po ten t i a l   fo r   we igh t  and 

cos t   s av ings   ove r   coa ted   r e f r ac to ry   me ta l s   i n   t he i r   app l i cab le   t empera tu re   r ange .  

Only  one  Ni-Cr-Th02 a l loy   (Fans tee l ' s  TD-NiCr) is commerc ia l ly   ava i l ab le   a t   t h i s  

time. Although t h i s   m a t e r i a l   h o l d s  much promise, i ts technology was n o t   s u f f i c i e n t l y  

advanced f o r  immedia te   appl ica t ion   to   space   shut t le   hea t   sh ie lds .   Therefore  a program 

t o  develop  the  required  technology  has   been  ini t ia ted.  Its major  elements are  shown 

i n   t h e   s l i d e .  

A s  w i l l  b e   d i s c u s s e d   l a t e r ,   t h i s  program also  includes  an  explorat ion  of   a l loy 

modif icat ions t o  improve the   p rope r t i e s  of t h i s   c l a s s  of   mater ia l s .  



TECHNOLOGY  PROGRAM FOR Ni  -Cr-Th02 SHEET 
1. IMPROVE SHEET MANUFACTURING  PROCESS 

THINNER GAGES (0.51 + 0.25 mm) 
WIDER SHEETS (457 + 610 mm) 
IMPROVE  QUALITY  CONTROL & REPRODUCIBILITY 
IMPROVE  HIGH  TEMP  DUCTILITY 

2. DEVELOP ALTERNATE SHEm MANUFACTURING PROCESS 

3. DEVELOP IMPROVED  PANEL  FABRICATION  PROCESSES 
SHEET FORMING 
JOINING 

4. DETERMINE DESIGN  ALLOWABLE PROPERTIES 

5. DUERMINE EFFECTS OF REENTRY CONDITIONS 
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PROGRESS I N  TD-NiCr PROCESSING  PROGRAM 
(Sl ide  5) 

Over t h e   l a s t   e i g h t  months  under t h e  NASA-sponsored program, s ign i f icant   p rogress   has  

been made by the  manufacturer of  TD-NiCr (Fansteel)   in   improving  both  the  manufactur ing 

p rocess   and   t he   qua l i t y   o f   t he  T D - N i C r  supplied.  Improvements in   the   shee t   manufac tur ing  

process   have   resu l ted   in   h igher   p rocess   y ie lds ,   be t te r   gage   cont ro l  and s u r f a c e   f i n i s h  

and,  most  importantly, more c o n s i s t e n t   p r o p e r t i e s   f r o m   s h e e t   t o   s h e e t .  Accompanying t h e s e  

process  improvements', a s i g n i f i c a n t  improvement in   h igh   t empera tu re   duc t i l i t y   has  been 

achieved,  along  with  sl ight  increases  in  strength.   These  property  improvements  are due 

p r i m a r i l y   t o   b e t t e r   c o n t r o l  of t e x t u r e ,   g r a i n   s i z e ,   e t c .  

About 200 k i lograms  of   shee t   has   been   de l ivered   to  NASA Cen te r s   t o   suppor t   t he i r  

hea t - sh i e ld   f ab r i ca t ion  and evaluation  programs.  These  programs w i l l  b e t t e r   e s t a b l i s h  

t h e   f u t u r e   r o l e  of  Ni-Cr-Th02 a l l o y s   f o r   s p a c e   s h u t t l e   h e a t   s h i e l d s .  

Although  the  basic  Ni-Cr-Th02 a l l o y  looks  very  promising, it is probable   tha t  i t s  

p rope r t i e s ,   e spec ia l ly   h igh   t empera tu re   duc t i l i t y  and o x i d a t i o n   r e s i s t a n c e   i n  a high 

ve loc i ty   a i r   s t r eam,   can   be  improved by a l loy ing .  A s  par t   of   the   technology program a t  

Fans tee l ,   a l loy   modi f ica t ions   a re   be ing   explored .  A Ni-l6Cr-3.5A1-2ThO2 al loy  has   been 

found t o  possess   superior   oxidat ion  res is tance  under   s imulated  reentry  condi t ions and is 

.cur ren t ly   be ing   sca led  up f o r  comparison  with  unmodified T D - N i C r .  



PROGRESS IN TD-Ni  Cr PROCESSING PROGRAM 

PROCESS  IMPROVEMENTS 
1. HIGHER YIELDS (-20% + 40%) 
2. BElTER GAGE CONTROL (dl. 05 mm "+ fiO%) (dl. 002 IN. "+ do%) 
3. BElTER  SURFACE  FINISH (35 RMS * <16 RMS) 
4. IMPROVED  REPRODUCIBILITY  (MORE  CONSISTENT  PROPERTIES) 

PROPERTY  IMPROVEMENTS 
1. INCREASED  HIGH-TEMP  DUCTILITY (1%+ 4% ELONG - 1093' C) 
2. SLIGHT  INCREASES IN RT & ELEVATED TEMP STRENGTH 

SHEET PRODUCTION 
1. 200 kg SHEET DELIVERED TO NASA CENTERS 

ALLOY  MODIFICATIONS 
1. ALLOY  SCREENING  STUDIES IN PROGRESS 
2. SCALE-UP OF Ni-16Cr-3.5  AI-2Th02 STARTED 
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ARC J E T  OXIDATION TESTS 

(S l ide  6) 

TD-NiCr ' s  r epu ta t ion  f o r  exce l l en t   ox ida t ion   r e s i s t ance   a t   h igh   t empera tu res  was 

based on t h e   r e s u l t s  of s t a t i c   f u r n a c e   t e s t s .   S i n c e   t h e   p r o t e c t i v e   o x i d e  which  forms, 

Cr203,  has  an  appreciable  vapor  pressure  above 1000 C ,  a p o t e n t i a l  problem of enhanced 

oxida t ion   under   shut t le   reen t ry   condi t ions  was recognized.  This  problem  area  has  been 

0 

i nves t iga t ed  a t  t h e  Ames, Langley  and  Lewis  Research  Centers. The r e s u l t s  of   arc  j e t  

t e s t s  a t  Ames typify  the  observed  behavior .  

In  a h igh   ve loc i ty  a i r  stream a t  1204OC and 1 5  t o r r  p ressure ,  TD-NiCr does  indeed 

oxidize much more r a p i d l y   t h a n   i n   s t a t i c   f u r n a c e   t e s t s .  The curves shown are  based on 

weight l o s s  measurements.  Based on such  measurements,   the  calculated  metal   recession 

f o r  TD-NiCr  is not  excessive;  only  about 0.017 mm (0 .65 mi l )   a f t e r  50 cycles ,   each of 

30-minute  duration a t  1204OC. However, p o s t  t es t   meta l lographic   examinat ion  of  t h e  

Ames specimens a t  t h e  Lewis  Research  Center  indicated  that   the  actual  metal   consump-'  

t i o n  was much greater ,   approximately 0 .05  mm (2 .0   mils) .  For ve.ry t h i n ,   l i g h t   w e i g h t  

h e a t   s h i e l d s ,   t h i s  amount o f  metal l o s s  might  be  excessive'. 

Note tha t   t he   expe r imen ta l   a l l oy ,  TD-NiCrAlY,  showed g rea t ly   supe r io r   ox ida t ion  

r e s i s t ance   unde r   t hese   t e s t   cond i t ions .  Its measured   sur face   recess ion   a f te r   for ty  

30-minute  cycles w a s  only 0 .02  mm (0.8 m i l ) .  
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POROSITY I N  TD-NiCr AFTER ARC J E T  TESTS 
(Sl ide  7 )  

Metallographic  examination  of 0.30 mm ( 1 2  mil)   thick  sheet  specimens  of TD-NiCr 

a f t e r  50 one-half   hour   cycles   to  1204OC i n   t h e  Ames a r c  j e t  f a c i l i t y   r e v e a l e d   s e v e r e  

poros i ty   th rough  the   en t i re   th ickness   o f   the   shee t .  X-ray d i f f r a c t i o n  measurement  of 

l a t t i c e   p a r a m e t e r s   i n d i c a t e d   t h a t   t h e  chromium content   a t   the   surface  had  been  reduced 

from 20 pe rcen t   t o   on ly  11 percent.   This is b e l i e v e d   t o   r e s u l t  from  vaporization  of Cr03. 

The meta l lographic   resu l t s   conf i rmed  the   super ior   ox ida t ion   res i s tance   o f  TD-NiCrAlY 

a t  1204OC. Only a few pores   developed  during  for ty   arc  j e t  cycles.  These do not  appear 

t o  have  resul ted  f rom  surface  vaporizat ion.  No d e c r e a s e   i n  Cr content   o f   the   sur face  

was ind ica ted  by t h e  X-ray ana lys i s .  The A 1  0 s c a l e  which  forms  during  oxidation  of 

t h i s   a l l o y   a p p e a r s   t o   e f f e c t i v e l y   i n h i b i t  chromium vaporizat ion.  
2 3  

The e f fec ts  of  the  porosi ty   developed  in  TD-NiCr during  s imulated  reentry  heat ing 

on the   p rope r t i e s  of t h e   m a t e r i a l  must be  determined. Arc j e t  tests o f   l a rge   shee t  

specimens whose mechanical   propert ies  w i l l  be  measured af ter   exposure  are   current ly   under-  

way a t   t h e  Ames Research  Center. However, it appears now t h a t  1200°C is  too   h igh  a tem- 

perature   to   achieve  the  desired  100-mission reuse capab i l i t y   w i th  TD-NiCr. A maximum- 

use temperature  of 1150°C may be  achievable .   In   view  of   the  excel lent   oxidat ion re- 

s i s tance   o f  TD-NiCrAlY a t  1200°C under  simulated  reentry  cycling,  increased  emphasis 

on t h e  development  and cha rac t e r i za t ion  of t h i s   a l l oy   appea r s   war ran ted   i n   t he   space  

shuttle  technology  program. 



ARC-JET  EXPOSURE OF TWO TPS ALLOYS 
1204' C; 15 TORR; 1 CYCLE = 30 MIN AT TEMP 

-I , 0.025 m m  
I .  
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TECHNOLOGY PROGRAM  FOR COATED Cb  TPS 
(Sl ide  8) 

Fused s l u r r y   s i l i c i d e   c o a t e d  Cb a l l o y s   a r e  pr ime  candida tes   for   meta l l ic   thermal  pro- 

t ec t ion   sys t ems   fo r   u se   i n   t he   t empera tu re   r ange  l l O O ° C  t o  13OO0C. Two commercial  coatings 

a re   ava i lab le   wi th  good po ten t i a l   fo r   mee t ing   shu t t l e   r equ i r emen t s :   t he  R512E (Si-20Cr-20Fe) 

coating  developed  by  Sylvania  under Air Force  sponsorship,  and a propr ie ta ry   coa t ing ,  VH109, 

developed by t h e  Vac  Hyd Corporation. The leading  columbium a l loy   cand ida te s   i nc lude   t he  

modera te   s t rength ,   h ighly   fabr icable   a l loys   such   as  FS85, Cb752, and C129Y. 

During t h e   l a s t   s i x  months a major  in-house and con t r ac tua l  program t o  provide  the 

r equ i r ed   t echno logy   t o ,pe rmi t   t he   u se   o f   coa ted  Cb a l l o y s   i n   s p a c e   s h u t t l e   h e a t   s h i e l d s  

h a s   b e e n   i n i t i a t e d .  The major   e lements   of   this  program a re   i nd ica t ed  on the   s l i de .   S ince  

t h e  program is st i l l  i n  i t s  e a r l y   s t a g e s ,  l i t t l e  s ign i f i can t   i n fo rma t ion  is a v a i l a b l e   a t  

t h i s   t i m e .  The i n i t i a l   r e s u l t s  of   coat ing  evaluat ion on small  t e s t  specimens  confirms  the 

good ox ida t ion   r e s i s t ance  and cons is ten t   per formance   of   the   fused   s lur ry   s i l i c ide   coa t ings .  

I n  tests involving  repeated  thermal   cycl ing  of   coated t e s t  specimens  under  simulated 

shu t t l e   r een t ry   cond i t ions ,  few  coat ing  fa i lures   have  been  observed  a t   fewer   than 100 

s imulated  reentry  cycles .  The few fa i lu re s   obse rved   have   a lmos t   a l l   been   l oca t ed   a t  

edges  of   specimens.   This   suggests   the  need  for  more s t r ingen t   p rocess   con t ro l   t o   a s su re  

tha t   edges   a re   un i formly   coa ted   wi th  a s u f f i c i e n t l y   t h i c k   c o a t i n g .  



TECH PROGRAM FOR COATED Cb TPS 

ESTABLISH  TPS PERFORMANCE  REQUIREMENTS 

SELECT & CHARACTERIZE  BEST  COATINGICb  ALLOY  SYSTEM 

SCALE-UP  COATING  PROCESS 

DESIGN, FABRICATE, & TEST TPS  COMPONENTS & FULL  SIZE  PANELS IN 
SIMUMTED REENTRY ENVIRONMENT 

ESTABLISH REUSE CAPABILITY 

DEVELOP NDT & DEFECT REPAIR  PROCESSES 

PROJECT SYSTEM  PERFORMANCE & COSTS 
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YIELD STRENGTH OF R512E COATED Cb-752 
(S l ide  9) 

For h e a t - s h i e l d   d e s i g n ,   t h e   e f f e c t s  of t h e   c o a t i n g  on the   p rope r t i e s  of t h e  sub- 

s t r a t e  must  be known. Such da ta   a r e   cu r ren t ly   be ing   gene ra t ed .   In i t i a l   r e su l t s   f rom 

McDonnell  Douglas  under t h e  NASA sponsored  program on f u s e d   s l u r r y   s i l i c i d e   c o a t i n g s  

f o r  columbiumare shown on t h e   s l i d e .   Y i e l d   s t r e n g t h   d a t a   a s  a funct ion  of   temperature  

a re  shown for   the   as -coa ted   sys tem and a f t e r  50 t o  100  s imulated  reentry  cycles   to  

1316'C. I n  addition,  defected  samples  were  evaluated. 

The r e s u l t s  show t h a t  some reduct ion   of   s t rength   as  a r e s u l t  of i n t e r d i f f u s i o n  

between the   coa t ing  and substrate   does  occur .  However, t h e   e f f e c t  is not  unduly  large.  

Elongation  measurements  indicated no embr i t t l ement   resu l t ing   f rom  such   in te rd i f fus ion .  

Significantly,   specimens  which  were  intentionally  defected and then   sub jec t ed   t o  

f i v e  o r  t en   r een t ry   cyc le s  showed no ca t a s t roph ic  l o s s  of s t r e n g t h  o r  embrittlement 

due t o   o x i d a t i o n ,  and  none  of t h e   t e n s i l e   f a i l u r e s   o c c u r r e d   t h r o u g h   t h e   d e f e c t e d   a r e a s .  



YIELD  STRENGTH OF R512E COATED Cb-752 

BASED  ON  ORIGINAL  SUBSTRATE  CROSS  SECTION  PRIOR TO COATING 
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TECHNOLOGY PROGRAM FOR COATED TANTALUM TPS 

(S l ide  10) 

Coa ted   t an t a lum  a l loys   a r e   o f   i n t e re s t   fo r   poss ib l e  use i n   s p a c e   s h u t t l e   t h e r m a l  

pro tec t ion   sys tems  in   the   t empera ture   range  1300°C t o  about 15OO0C. Rela t ive ly   smal l  

a r eas ,   ma in ly   l ead ing   edges   and   con t ro l   su r f aces ,   a r e   l i ke ly   t o   encoun te r   t empera tu res  

i n  t h i s  range  during  reentry.  

Coat ings  technology  for   tantalum is much l e s s  advanced  than  for columbium. The 

b e s t   f u s e d   s l u r r y   s i l i c i d e   c o a t i n g   f o r   t a n t a l u m   a v a i l a b l e   a t   t h e  s t a r t  of t h e   s h u t t l e .  

technology  program  appeared t o  have   reuse   capabi l i ty   for   on ly   e ight  o r  t en   miss ions  

under   reentry  cycl ing t o  1425'C.  The purpose of the  present   technology program is t o  

develop  improved  coatings,   hopefully  to meet a goa l   o f .   100-miss ion   capabi l i ty   a t  15OO0C 

or higher .  

Two con t r ac to r s ,   So la r  (NAS 3-14315)  and  Lockheed (NAS 3-14316) are   about  s i x  

months into  the  coat ing  development   effor t .   Al though  their   approaches  are  somewhat 

d i f f e ren t ,   bo th   con t r ac to r s   a r e   i nves t iga t ing   s i l i con - r i ch   s lu r r i e s   wh ich  depend on 

the  presence  of a l i q u i d  phase  during  par t   of   the   coat ing  process   to   assure  good 

coverage. 



TECH PROGRAM FOR COATED TANTALUM TPS 

OBJECTIVES 

DEVELOP IMPROVED  COATINGS FOR Ta TPS 
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PROGRESS ON TANTALUM COATINGS 
(Sl ide 11) 

Both  tantalum  coating  contractors  have  conducted  an  extensive  screening program 

i n  which  numerous coating  compositions  were  applied  to Ta-1OW t e s t  specimens.  These 

were  subsequent ly   thermally  cycled  as   indicated on the   s l i de .   Seve ra l   coa t ings   have  

exhib i ted   l ives   severa l   t imes   longer   than   the   base l ine   coa t ing ,   Sylvania ' s  R512C. 

These  preliminary  data  suggest  that  a coated  tantalum  alloy  thermal  protection  system 

w i t h   s i g n i f i c a n t   r e u s e   c a p a b i l i t y   i n   t h e  1300' t o  1500°C temperature  range may be 

achievable.  

Several   of   the  more promising  coat ing  systems  are   current ly   being more exten- 

s ive ly   eva lua ted  and t h e i r   e f f e c t s  on the   p roper t ies   o f   the   subs t ra te   de te rmined .  If 

promis ing   resu l t s   a re   ob ta ined ,  one o r  more coa t ings  w i l l  be   fur ther   op t imized  and a 

controlled  manufacturing  process  developed s o  t h a t   f u l l - s i z e  Ta heat-shield  panels  may 

be  coated  and  evaluated. 
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SUMMARY 

I n   t h i s   p a p e r ,   t h e   c u r r e n t   s t a t e   o f   t h e   a r t   o f   m e t a l l i c   m a t e r i a l s  f o r  space   shu t t l e  

h e a t   s h i e l d s  is reviewed  and  recent   progre 'ss   in   the  space  shut t le   mater ia ls   technology 

program is summarized. The major   points   of   design  s ignif icance  are   as   fol lows:  

1. Accelerated  creep  of  thin  gage sheet of Ren6 41, HS188 and TD-NiCr under   mult iple  

reent ry   cyc l ing   condi t ions   has   been   observed .   This   e f fec t  and the  observed  degrada- 

t ion   in   mechanica l   p roper t ies   o f   th in   gage   shee t   under   such   condi t ions  must  be  con- 

s ide red  i n  the   des ign   o f   l i gh t   we igh t   me ta l l i c   hea t   sh i e lds   i n t ended  f o r  100-mission 

se rv ice .  

2.  Improvements i n   t he   manufac tu r ing   p rocess   fo r  T D - N i C r  shee t   has  made a v a i l a b l e  

mater ia l   wi th  more c o n s i s t e n t   p r o p e r t i e s ,   b e t t e r   g a g e   c o n t r o l  and s u r f a c e   f i n i s h ,  

and  improved  high  temperature  ductility. 

3 .  Severe  porosity  develops i n  TD-NiCr shee t  when it is cyc l ica l ly   exposed   to   s imula ted  

r e e n t r y   s e r v i c e   i n  a h igh   ve loc i ty   hea t ed   a i r   s t r eam,   a s   i n   a r c  j e t  t e s t i n g   a t  1204OC 

An aluminum and  yt t r ium  modif ied  a l loy,  TD-NiCrAlY, exh ib i t s   exce l l en t   ox ida t ion   r e -  

s i s t a n c e  and  develops l i t t l e   p o r o s i t y   u n d e r   s i m i l a r   c o n d i t i o n s .  

A major  program t o   f u r t h e r   d e v e l o p  and eva lua te   coa ted   re f rac tory   meta ls  f o r  space 

s h u t t l e   h e a t   s h i e l d s   h a s  been in i t i a t ed .   Resu l t s   o f   des ign   s ign i f i cance   a r e   no t   ye t  

a v a i l a b l e   f r o m   t h i s  program. 
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SUMMARY 
This  paper  presents  the  results of  an effort  to  correlate  creep  analysis  with  observed  creep  behavior  in 

Haynes-25  TPS  panels  under  simulated  mission  environment. An analysis  based  on  the  assumption  that  the 

TPS material  will  creep  continuously  over  a  total  design  life  of 100 missions (25 hours)  without  expe- 
riencing  the  effects  of  the  load  and  temperature  interruption  of  each  mission  indicated a considerable 

discrepancy  with  the  test  results. An effort  to  pinpoint  the  apparent  anomaly  between  theory  and  expe- 
rimentation  led  to  a  detailed  investigation  of: l. ) the  effect  of  using  different  creep  theories  (the 
Nadai  law  and  the  Pao-Marin  theory); 2. ) material  oxidation  during  elevated  temperature  testing; 3. ) the 
effect  of  residual  stresses; 4.) magnitude  of  biaxial  stress  effects  in  the  bead;  and 5 . )  the  validity 
of ignoring  the  effects  of  periodic  loading  and  heating.  The  most  reasonable  correlation  with  panel 

test  results  occurred  when  the  cyclic  effect  of  loading  and  heating  on  the  material  behavior  were 

incorporated  into  the  analysis. 

Tests on uniaxial  creep  coupons  indicate  that  the  Haynes-25  material  will  exhibit  nearly  the  same  creep 

behavior  in  each  mission  as  the  virgin  material; for example,  there  is  no  memory  effect  of  the  t.emper- 

ature  and  strain  history  of  previous  missions.  The  implications of this  cyclic  effect,  when  incorpo- 

rated  into  the  creep  analysis,  indicated  that  the  cumulative  creep  deflections  become  several  times 

greater  than  those  predicted by an analysis  based  on  a  continuous  creep  time assmption. 

The  cyclic  effect  was  incorporated  into  the  analysis  to  predict  the  cumulative  creep  deflections of  the 

latest  Grumman  TPS  panel  design  for  Haynes-25.  The  results  show  that  allowable  creep  stresses  must  be 
limited  to  levels  which  accumulate  approximately 0.1% creep  strain  in 25 hours  exposure  to  heat  and 

load  in  order  to  meet  a  maximum  0.5-inch (1.27-cm) permanent  deformation  per 20 inches (50.8 cm). 



INTRODUCTION 

The select ion of a mater ia l   for  a metallic  thermal  protection  system will be  governed  by the  material's 
creep  properties a t  elevated  temperatures.   In  order  to minimize the  penalt ies due t o  aerodynamic drag 

and thermalheating,  the  successful  material  must exhibit  a minimum amount of  permanent creep  deformation. 

Presently,  material  creep  data  are  obtained under constant   s t ress  and  temperature  conditions.  Unfortu- 

nately,  these  experiments  yield no information  for  evaluation of candidate  material  behavior  under  cyclic 

l a d  and tempera,ture environment. What i s  needed i s  an  extensive  tes t  program, supplemented by ana ly t ica l  

techniques, to   invest igate   the  cycl ic   behavior  of a l l  candidate  metallic TPS mterials. 

A simple  engineering  analysis which  can predict  TFS creep  deformation  subsequent to  transient  temperature 

and load  application i s  far frm being  available. By using a beam model of  the TFS p n e l s ,  two simple 

d i g i t a l  programs have  been  formulated. The programs,  which u t i l i z e  beam theory to   p red ic t   c reep  deforma- 

t i on  and s t resses  and two different  creep  theories,   yield good correlation  with  Rapes-25 TPS t e s t   pane l  

resu l t s .  The theory  used i n  one of  these programs i s  capable of predicting  the  simultaneous  action of 

creep  and  creep  recovery. 

A review of metal l ic  TPS technology  has  recently been presented  (ref.  1). In addition, a continuing  effort 

under the Grumman IRAD program has  focused on the  developent  of reusable  metall ic TPS systems for   Shut t le  

Applications  (refs. 2 and 3 ) .  The present  study which i s  par t  of t h i s  program i s  the  outgrowth  of i n i t i a l  

a t temptsto  correlateTPS  panel   creep  tes t  aata with  analysis. 



STATEDENT OF THE CREEP PROBLEM ( F I G W  11 

Consideration  of  the  results  shown  in  figure 1 indicates  the  large  discrepancy  which  was  eccountered 
in  an  attempt  to  correlate  experimental  results  with  a  creep  analysis.  The  article  tested  was  an 
18 in. (45.72 cm) x 18 in. (45.72 cm)  Haynes-25  heat  shield  which  had  the  accumulated  permanent  deflec- 
tions  shown  in  figure 1 under  a  simulated  load  and  elevated-temperature  environment. An analysis  was 

made  using  available  creep  data  and  an  assumption  that  the  cyclic  behavior  of  the  panel  could  be  approxi- 

mated  by  assuming  continuous  creep  behavior  through  the  time  span  of 100 missions.  This  procedure 

implies  that 100 15-minute  missions  are  the  same  as  one  1500-minute  mission.  The  discrepancy  between 

the  experimental  results  and  the  creep  analysis  based on these  assumptions  was so great  (an  order  of 

magnitude)  that  a  more  detailed  investigation  was  pursued. 

The question  arose  as  to  what  was  the  main  cause  of  the  differences. Was  it  the  method  of  analysis? 

Was  it  the  fact  that  the  creep data  were  obtained  under  constant  temperature  and  load  conditions, or 
was  it  some  unknown  effect in the  experimental  panel? 

The answer  to  these  questions  was  found in the  method  of  obtaining  and  using  material  creep  data. 

A considerable  cyclic  effect  was  discovered  to  govern  the  uniaxial  creep  behavior of  the  Haynes-25 

material. In effect,  the  material  appears  to  have  a  recoverable  primary  creep  effect  and  acts  as  if 
it  has  no  memory  of  previous  strain  history.  When  this  information  was  used  in  the  analysis,  the 

correlation  of  the  experimental  results  with  the  creep  analysis  was  improved. 
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DESCRIPPION OF KAYNES-25 PANELS (FIGURE 2) 

The  Haynes-25  panel,  for  which  the  test  results  are  shown  in  figure 1, was  extensively  described  in  refer- 

ences 2 and 3 and  is  shown  in  figure 2 .  The concept  and  advantages  of  the  beaded-skin  design,  stiffened 
by  corrugations  in  one  direction,  are  shown  in  figure 2 .  It can  be  seen  from  the  picture of panel 

No. 2, taken  after  the  test,  that  permanent  deformations  formed  in  the  beads  and  were  not  uniform in 

the  transverse  direction. In subsequent  designs,  the  initial  height  of  the  bead  was  increased to 
prevent  yielding  and to  allow  a more uniform  distribution  of  the  thermal  expansion to  take place. 
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hl DESIGN  CONSIDERATIONS  (FIGURE 3 ) 

An analytically  derived,  20-minute,  temperature-time  reentry  profile  with  an 1800"~ (982"~) peak  was 
chosen  for  design.  The 1800"~ (982°C)  is  a  reasonable  maximum  temperature  at  which  Haynes-25  and 

Haynes-188  super  alloys  could be expected  to  endure 100 missions. It was  decided  that  the  temperature 

of  a protected  titanium  substructure  should  not  rise  above 500°F (260"~) at  any  time. 

The  high  reentry  heating  rate  is  accompanied  by  varying  air  pressure  normal  to  the  surface.  After 

considering  the  temperature  and  pressure  profiles,  a  load  of 40 psf (1915 N/m ) appropriate to  the 
peak  temperature  was  chosen  as  a  critical  reentry  design  condition. For simplicity,  this  pressure  was 

held  constant  during  test. The temperature  and  pressure  histories  are  shown  in  figure 3 ,  together  with 
the  assumed  l5-minute constant-temperatwe pulse  used  in  the  creep  analysis  computations. 

2 

In the  design  and  analysis  of  the  test  panels,  the  material  properties  of  Haynes-25  were  obtained  from 
a  military  handbook.  At  high  temperatures,  the  material  allowables  were  chosen  as  the  stresses  that 

create 0.4% creep  strain  after 25 hours (100 15-minute  missions)  of  heat  and  load  exposure. As will  be 

shown  by  the  present  creep  analyses,  these  stresses  turned  out  to  be  too  high  to  meet  a  maximum  per- 

missible  panel  surface  deflection  of 0.5 inch (1.27 ch)  per 20 inch (50.8 Cm]  span.  This  permanent 
deformation  was  established on the  basis  of  aerodynamic  drag  penalty. 
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General 

METHOD OF ANALYSIS (FIGURE 4) 

The  creep  behavior  of  the  metallic  TPS  panels  during  a  typical  mission  will  be  governed  by  the  complex 

interactions  of  such  creep  mechanisms  as  strain  hardening  and  softening,  creep  recovery,  loading  and 

temperature  history,  metallurgical  changes in the  panel  material,  and  other  phenomena. A theoretical 

approach  which  attempts  to  incorporate all  of these  effects  would  lead  to  a  highly  nonlinear  mathematical 

problem  which  may  not be numerically  solvable by modern  computational  procedures.  Under  such  circum- 
stances,  the  goal  should  be  to  construct  a  reasonably  accurate  analysis  that  limits  consideration  to 

those  creep  mechanisms  which  lead  to  a  tractable  mathematical  formulation.  With  this  objective  in  mind, 

two  theoretical  procedures  based on simplified  versions  of  the  creep  laws  of  Pao  and  Marin  (ref. 4) and 
Nadai  (ref. 5 )  were  formulated  and  programmed  for  the IBM 360-75 computer  using  an  idealized  beam for 

the  panel  structure. 

Stress-Strain  Relations 

It is  assumed  that  the  total  strain E in each  fiber of the  beam  is  composed  of an elastic  strain 
component  e  and  a  creep  component e:  

E = e+c ( 1) 

The  elastic  deformation  is  governed  by  Hooke's  law.  Treating  the  Haynes-25  material  from  a  purely 

phenomenological  viewpoint,  the  creep  strains  will  be  assumed  to  result  from  a  process  of  time,  tempera- 

ture,  and  stress-dependent  viscous  flow: 

g = @(t,T) 1.1 m- 1, (2) 



CREEP  THEORIES  CONSIDERED IN ANALYSIS 
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where m is a positive  number, CJ is  stress,  and  the  function jd (t,  T)  is  determined  by  experimentation. 

Pao-Marin  Theory  According  to  this  theory,  total  creep  strain  is  composed  of a strain-hardening, 

(ref. 4) recoverable  component  and a viscous,  irrecoverable  component. For constant  stress 

conditions  the  function 6 (t, T) is  of  the  form  [K(l-e-qt)+Btl  where KY 9, 

and B are  temperature-dependent  material  constants.  Equation (2) yields  upon  substitu- 
tion  for pl: 

”_ 

E = [K( l-e-qt) + Bt] Iolrn-’~ 
(3) 

Through  the  assumptions  of  the  Pao-Marin  theory,  equation ( 3 )  can  easily be extended 
to describe  creep  recovery  and  creep  under  complex  stress  systems  which vary with  time. 

Nadai  Theory For a good  representation  of  strain-hasdening  on  the  total  creep  deformation in 

(According to  both  the  primary  and  secondary  stages,  Nadai  and  his  collaborators  proposed for 

Odqvist,  constant  stress $ (t, T) = Htn,  where H and n are  temperature-dependent  constants. 
ref. 5) Equation (2) yields  upon  substitution  for $: 

. .  

This  form  of  the  Nadai  theory  yields  good  results  for  slow  monotonic  changes  of  the 

stress  with  time,  but  it  is  not  capable  of  representing  the  simultaneous  action of 

creep  recovery  and  creep  and  is  therefore  inadequate for conditions  where  the 
applied  loads  vary  with  time. 



COMPARISON OF THEORIES WITH EXPERIMENTATION 

Using published  canstant  stress  creep data fo r  Haynes-25, reference 6, and similar data  obtained from 
a Grumman t e s t i n g  program, constants f o r  the Nadai and Pao-Marin creep laws were calculated f o r  t he  1.0 

t o  8.0 ksi (6.9 t o  55.2 MN/m ) s t ress   range   a t  1800'~ (982°C).  Tabulated i n   t a b l e  I are   the  creep con- 
s t an t s  which represent  averaged  values of the  published  data  results  and  the Gnumaan t e s t   r e s u l t s .  

2 

TABLE I 

ISOTRERMAL  CREEP  CONSTANTS. T = 1 8 0 0 " ~  ( ~ 8 ! ' " ~ ~  

Theory 

Constants  ( in. ,kips,   hrs.)  (m, Newtons, hrs .  ) 
and  English Units s. I. Units 

Nadai : 

m 3 342 3 342 
n 0 709 0 709 

H 5.19 x 10 -6 7.98 x 1 0 - ~ 9  
Fao-Marin : 

m 3 342 3 342 

9 1.0 1.0 

K 5.92 X 9.10 x 10-~9  
B 1.94 x 2.98 x lo-29 





When plot ted  against   the  Grurmnan constant-stress,  constant-temperature  data,  both  theories  indicated 

good cor re la t ion   in   the  3.0 t o  8.0 k s i  (20.7 t o  55.2 MN/m2) range. I n  no case, f o r  the  indicated 

s t ress   range,   d id   e i ther  law show  more than 10% deviation from the  experimental  results  for  time 

values less than one hour. A t  each s t r e s s   l eve l   t he  most prominent  deviations from experimentation 

were observed t o  occur i n :  1. ) the  transient  creep  stage,  where the Nadai theory  tended  toward  over- 

prediction  and  the  Pao-&rin  theory  indicated  underprediction; and 2. ) the  secondary o r  minimum creep 

ra te   s tage ,  where the  Nadai l a w  underestimates  the  experimental  creep  strains. 

The d i f fe rence   in   the  two predic t ions   l i es   in   the i r   curve- f i t t ing   capabi l i t i es .   Charac te r i s t ica l ly ,  a 
mathemtical   re la t ion such as the  Pao-Marin l a w ,  which combines the  strain-hardening  behavior  of  primary 

creep  with  the  viscous  behavior of secondary  creep, w i l l  provide a better  approximation to   s t eady- s t a t e  

creep  deformations.   In  this  sense  the Pao-Marin l a w  may be  considered t o  be more accurate. However, 

the   appl icabi l i ty  of the  phenmenological  assumptions of any  theory  used t o   p r e d i c t  TPS panel  creep 

behavior  under a ccunplex load  and  temperature  environment i s  a subject   that  i s  not  considered t o  be 

resolved a t  t h i s  time; it i s  a subject  that  should  be  given a more detailed  study. 



THF, APPAREWT CUMULATIVE CYCLIC EFFECT (FIGURE 5 1 

A s  c i t e d   e a r l i e r ,   t h e   r e s u l t s  of a creep  analysis  which ignored   the   cyc l ic   e f fec t  of repeated  exposure 

t o   t h e   m i s s i o n  environment  yielded  grossly  deficient  predictions.  Having a t  hand  what  appears t o   b e  two 
adequa te   t heo r i e s   t o   p red ic t  Haynes-25 creep  under  steady  conditions,   the  question  then  arose: what 

deviat ions from steady-state  creep  behavior  could  possibly  occur  under a cyc l ic  change i n  stress and 

%emperatme  environment?  Subsequent  cyclic  load  and  temperature  testing  provided scane explanation. 

F'igure 5 d i sp lays   t he   r e su l t s   o f   t he  first nine  mission  cycles,  each of  which en ta i led :  1. ) loading  an 

un iax ia l  specimen t o  8 k s i  (55.2 MN/m ) a t  room temperature; 2. ) increasing  the  temperature   to  1800°F 

(982°C) and  maintaining  that   temperature  for 15 minutes; 3. ) cooling  the specimen t o  room tanpera tme;  

and 4. ) unloading  the  specimen. A s  i l lus t ra ted ,   the   resu l tan t   exper imenta l   curve  for cumulative  creep 

strain  very  nearly  matches  the wavy l i n e  which p red ic t s  a superposi t ion of t h e  permanent  creep,which 

occurs i n   t h e   v i r g i n   m a t e r i a l   f o r   t h e  first cycle. By contrast ,   experimental   resul ts   for  a continuous, 

t ime  creep  tes t ,  on a n   i d e n t i c a l  specimen a t  1800'~  (982°C) and 8 k s i  (55.2 MN/m ) shown i n   f i g u r e  5 ,  
i n d i c a t e   l e s s   c r e e p   s t r a i n  for t h e  same t ime   du ra t ion   a t  peak  temperature  than i n   t h e   c y c l i c  test. 

2 

2 
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TPS  PANEL-IDEAT;IZATIONS AND METHOD OF SOLUTION  (FIGURES 6 AND 7). 

For analyt ical   purposes ,   the  TPS panel was idea l ized  as a s e r i e s   o f   p a r a l l e l  modular beams simply 

supported,  and  subjected to   cons t an t   s e l f - equ i l ib ra t ing  end moments M and  constant  temperature T. 

The s t i f f n e s s  and  area  properties  of a t y p i c a l  beam module  were establ ished by the  depth  and  pitch  of 

a t y p i c a l   p n e l  bead  and  corrugation  element. The bending s t r e s s   d i s t r i b u t i o n  and  creep  deflection 

t ime  h i s tor ies  were calculated  within two  computer  programs  by  use  of the   c reep   re la t ions  of equa- 

t i o n s  ( 3 )  and (4), respect ively.  

Within  each  of t he  two ana lys i s  programs the  cumulative  effects  of  creep  deformation  for  consecutive 

Shuttle  missions were simulated. The t o t a l  permanent def lec t ions  due t o  creep were calculated  by: 1.) 

modi fy ing   t he   i n i t i a l   e l a s t i c   bend ing   s t r e s s   d i s t r ibu t ion  a t  t h e   s t a r t  of  each  mission  by  the  residual 

stresses  accumulated  during  the  course  of  prior  missions;  and 2.) adding t o   t h e  sum of  previously  calcu- 

la ted  values   for   creep  def lect ions  the  def lect ion  quant i ty  computed for   the   modi f ied   load   s t resses .  

The general  method by which equations ( 3 )  and (4)  were  employed t o  account   for   the   e f fec ts  of s t r e s s   r e d i s -  

t r i b u t i o n  i s  commonly r e fe r r ed  t o  as the  "strain-hardening  rule."  This  concept i s  i l l u s t r a t e d   i n   f i g u r e  6 
i n  which isochronous  creep  curves   ( represent ing  e i ther  Pao-Marin or t h e  Nadai l a w s  ) a re   p lo t t ed .  When 
t h e   s t r e s s  "1 i n   t h e  first ;time i n t e r v a l  i s  changed t o  o2 a f t e r  a prescribed  increment of time Atl, 

t he   po in t  B moves t o  C along a cons tan t   s t ra in   l ine .   In   the   next   t ime  in te rva l   c reep   occurs  from C 

t o  D. 
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O3 A typical  inelastic  stress  distribution  which  results from  the  redistribution  of  the  elastic  stresses 

during  each  mission  is  shown  in  figure 7. The  stiffness  and  cross-sectional  properties of the  beam  were 

calculated  within  the  analysis  programs  by  idealizing  its  cross  section  as  illustrated  in  figure 7. The 

indicated  model  represents  an  eleven-element  approximation to  one-half  of  a  typical  bead  and  corrugation 
element.  Although  the  analysis  programs  are  capable  of  handling  more  refined  models,  the  preliminary 
nature  of  the  present  study  did  not  warrant  a  more  exact  description  of  the  cross  section, 
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EFFECT OF BIAXIAL STRESSES (FIGURF: 8 )  

A typical  corrugation-stiffened  bead  isolated  from  the  wide  simply  supported  panel  and  treated  as  a 

beam  for  purposes  of  a  creep  analysis  cannot  take  into  account  the  biaxial  stresses  which  exists  in  the 

bead. The transverse  stresses  caused by the  thermal  expansion  were  found  to  be  substantial. A s  the 

bead  deflects,  however,  there  is  considerable  redistribution  of  stresses  and  the  bead  acts  essentially 

as  a  flexible  membrane  but  basically in a  state  of  biaxial  stress. 

In order  to  evaluate  the  effect  of  the  biaxial  stresses on the  creep  deformations,  the  bead  effective 
thickness  was  varied  in  a  series of computations  for  panel No. 2 geometry. The  results,  shown in 

figure 8, indicate  that  the  reduction  in  thickness,  to  account  for  the  bead  reduced  effectiveness,  can 
have  a  very  large  influence on the  creep  deformations. 

The  experimental  results  of  panel No. 2 are  also  shown in figure 8. It should  be  pointed  out  that  the 

effect  of  oxidation  would  also  reduce  the  bead  effectiveness.  The  best  estimates  of  the  effect  of 

oxidation  in  the  case  of  the  Haynes-25  material  at  the  design  temperatures  would  indicate  a  reduction in 

the  structural  thickness  of  anywhere  between 0.0005 to 0.00075 inches (0.0127-0.019 mm). 
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MEASUREMENT OF MANUFACTURING RESIDUAL STRESSES (FIGURE 9 1 

A n  examination  of  the  manufacturing  residual  stresses  in  the  longitudinal  direction  was  made  on  panel 

No. 3. Reference  points  in  the  beaded  shingle  and  the  corrugated  sheet  were  punched  at  8-inch 
f2O.32 cm)  .gage  lengths..  The  gage  lengths  marked on the  panel  were  measured  before  and  after  welding 

and  the  changes  in  length  were  converted  to  stresses.  The  results,  shown  in  figure 9, indicate  that 
very  high  residual  stresses  can  exist  in  the  panels  prior  to  testing. The effects of  these  stresses on 

the  creep  deformation  were  evaluated  by  use  of  the  average  measured  results  of  the  seven  corrugations : 

shown  in figure 9. 

The  manufacturing  stresses  can be somewhat  reduced by a  refinement  of  forming  techniques  and  the  use of 
intermediate  annealing  operations  for  detail  parts.  However,  because  of  the  thin  gages of material  used, 

residual  stresses  would  continue to  be  induced  during  progress to higher  levels  of  assembly  (welding  and 

riveting of details  and  final  installation  of TPS). In the  higher  levels  of  assembly,  the  use of 
annealing  would  not be practical. In the  case  of  the 10 in.ch (25.4 cm) x 20 dnch (50.80 cm) test  article 
(panel No. X), attempts to reduce  residual  stresses  were  not  employed  in  order  to  keep  these  stresses 
at  a  level  where  their  influence  could  be  detected  experimentally. 
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CI EFFECT OF RESIDUAL STRESSES ON CREEP DEFOWION (FIGURE 10) 
I 

I The  effect  of  initial  residual  stresses on the  creep  deformations  were  studied  using  both  creep  laws 

and  panel No. 2 geometry. The  results,  shown  in  figure 10, indicate  that  residual  stresses  which  are 

approximately 10 percent of the  average  measured  values on panel No. 3A have  very  little  effect  on  the 
overall  cumulative  creep  deformation.  The  results  for  20-percent  residuals  (not  shown  in  fig. 10 for 

clarity)  likewise  showed  no  appreciable  influence  on  the  deflections. 

In the  case  of  panel No. 2 no  residual  stress  measurements  were  taken.  For  this  .panel,  which  had  a 

shallower  bead  and  a  thinner  upper  skin,  it  was  assumed  that  the  manufacturing  residual  stresses  would 

be lower  than  in  panel No. 3. For these  reasons  a  maximum  value  of 20 percent  of  the  measured  residual 
values  on  panel No. 3 was assumed.  These  residuals  were  self  balanced  on  the  cross  section  of  panel . 

No. 2 at  zero  applied  load,  and  were  superimposed on the  elastic  stresses  caused  by  the 40 psf (1915 
N/m ) constant  uniform  load. 

i 

2 

Figure 10 also  shows  the  combined  effects  of  reduced  bead  thickness,  to  account  for  biaxial  effects 

and  oxidation,  and  initial  residual  stresses.  Both  creep  laws  indicate  that  a  reasonable  correlation 

can  be  achieved  with  the  experimental  results  of  panel No. 2 provided  the  cyclic  effect  of  the  material 
is  taken  into  account.  The  results  of  the  Pao-Marin  theory  show  better  agreement  with  experiment. 
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CREEP ANALYSIS OF PANEL NO. 3A (FIGURF: 11) 

The comparison  of t h e   a n a l y t i c a l  and  experimental   resul ts   for   panel  No. 3A is shown i n   f i g u r e  11. 

The permanent def lec t ion   ob ta ined   in   the  first cycle was approximately  three  t imes  the  def lect ion 

obtained  in  subsequent  cycles. The r e s u l t s  up to   t he   t en th   cyc le   i nd ica t e  a steady  behavior  with 

approximately  the same permanent  deformation  obtained i n  each   cyc le   a f te r   the  first. The l a r g e r  

deformation  obtained on f irst  heat ing and  loading  of  the  panel m a y  be caused by t h e   l a r g e   i n i t i a l  

r e s idua l   s t r e s ses   l ocked   i n   t he   pane l  by the  manufacturing  process. The e f f e c t  of t h e  pyromarking 

procedure on the   i n i t i a l   r e s idua l   s t r e s ses   cou ld   no t  be evaluated  quant i ta t ively.  However, it is 
poss ib l e   t ha t  some reduc t ion   i n   r e s idua l s  did take  place  during  baking of t h e  pyromark coatings. 
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APPLICATION OF CREEP ANALYSIS TO DETE- DESIGN STFWS ALLOWAB~S (FIGURE  121 

The  creep  analysis  presented  is  used  to  evaluate  a  particular  orbiter TPS design  having  the  geometrical 
details  shown  subsequently  (fig. 15). Both  a low cross-range  requirement (low L/D vehicle  with 

100 missions  at 15 minutes  each)  and  a  high  cross-range  requirement  (high L/D vehicle  with 100 missions 

at 30 minutes  each)  are  considered  for  a  Haynes-25  design  at 1800"~ (982°C). The  results  shown in 

figure 12 indicate  the  expected  cumulative  creep  deflection  as  a  function of the  allowable  extreme  fiber 
stress  for  a  perfect  panel  with no initial  residual  stresses  and  no  oxidation  effects  but  taking  into 
account  the  cyclic  creep  effect of the  material. 

Using an  allowable  extreme  fiber  stress  which  causes 0.4% creep  strain  in 25 hours  the  results of 
figure 12 clearly  indicate  that  the  allowable  permanent  deformations  of  both  the  high L/D and  the low 
L/D vehicle  will be exceeded in 100 missions. From this  analysis  it  is  seen  (fig. 12) that  the  allow- 

able  extreme  fiber  stresses  should be  reduced  from 3.45 ksi (24 MN/m ) to 2.7 ksi (18 MN/m ) (this 
corresponds  to  approximately 0.1 percent  creep  strain) in order to meet  the  0.5-inch (1.27 cm) maximum 
permanent  deformation  per 20 inches (50.80 cm) for  the  low L/D vehicle. For  the  high L/D vehicle  the 
allowable  extreme  fiber  stress  for  meeting  the  required  0.25-inch (0.635 cm)  permanent  deformation  per 
20 inches (50.80 cm) is  only 1.85 ksi (13 MN/m ). 

2 2 

2 



HAYNES-25  PANEL  NO.  3A AT 1 8OO0F (982OC) 
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HAYNES-25 MATERIAL ALLOWABLE C m P  STRESS DATA (FIGURE 13 1 
.. - " . " " 

The avai lable   creep  data  on Haynes-25 mater ia l  for  25-hour  exposure  of  specimens  having  thicknesses 

from 0.005 inches  (0.127 mm) t o  0.020 inches (0.508 mm) a r e  shown i n   f i g u r e  13. The data shown a r e  

the  average  values for the  range of thicknesses  given  in  reference 6. As mentioned e a r l i e r ,   t h e  

a l lowable  s t resses  i n  the  design of panels No. 2 and No. 3 A  were  chosen  such t h a t  a s t r e s s   come-  

sponding t o  0.4-percent  creep  strain was chosen  from f i g u r e  13. After  evaluating the r e s u l t s  of 

f igu re  12, it i s  seen that an  a l lowable  s t ress   c loser  t o  the  0.1-percent  creep  strain  might have 

been more appropriate f o r  t h e  low L/D vehicle .  

- " 

. .  
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DESCRIPTION OF CREEP  COMPONENT PANEL NO. 3A (FIGURE 14). 

Test component No. 3A, shown i n   f i g u r e  14, i s  a 10-inch (25.4 cm) x 2Ginch (50.80 cm) Haynes-25 heat  

sh i e ld   f ab r i ca t ed   e spec ia l ly   t o   eva lua te   t he   e f f ec t s  of manufacturing  residual  stresses  and  the  creep 

behavior of the  panel  under  simulated  reentry  conditions.  

Unlike  panel No. 2 which was preoxidized  to   give  the  proper   emissivi ty   to   the  outer   skin  during  heat ing,  

panel No. 3A was  py-romarked a f t e r   t h e  thermocouples  were in s t a l l ed .  



HAYNES-25  PANEL  NO.  3A  BEFORE  TEST 

Figure 14 
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HAYNES-25 PANEL NO. 3A DETAILS (FIGURE 15) 

A number  of  modifications  to  the  design  of  panel No. 2 were  incorporated  in  panel No. 3A as  shown in 
figures 14 and 15. A wider  pitch  of 1.5 inches (3.81 cm)  was  used  in  the  corrugations in order  to 

increase  the  width of  the  flats  for  fastening  purposes. An increase  in  thickness  of  the  upper  skin  to 

0.010 inch (0.254 m) in order  to meet the  flutter  requirements  was  necessary.  Haynes-25  angle  clips 

0.060-inch (1.524 m) thick  were  used  to  attach  the  heat  shield to the  supports  as  shown  in  figure 14. 
This  design  eliminated  the  welding  procedure  used  in  panel No. 2. 

- "" . 

A bead  height to span  ratio of 1/10 was  used  in  panel No. 3. This  increased  bead  height  over  previous 
designs  allowed a more  uniform  distribution  of  the  lateral  thermal  expansion  to  be  taken by the  beads 

and  prevented  excessive  yielding  of  the  beads  which  occurred  in  the  testing  of  panel No. 2. 

The  1.5-inch (3.81 cm)  thick  insulation  bag  used  was  held to  the  panel  through  several  stand-offs 

made  of  Haynes-188  pins  spotwelded to  the  corrugations  as  shown  in  figure 15. The  insulation  bag 

consisted  of  layers  of  3/16-inch  (0.475-cm)  thick  fibrous  silica  quartz  felt  (Johns-Manville  Microquartz) 
encased  in a 0.00125 inch (0.0316 m) Inconel  foil  and  held  in place  by 0,010 inch (0.254 mm. ) washers. 

- 

Panel No. 3A was  tied  down  in  the  middle  by a longitudinal  drag  brace  (fig. 15) which  transfers  the 
horizontal  shears  due  to  lateral  vibration  into  the  supports  spaced 20 inches (50.80 cm) apart. 
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TEST SETUP (FIGURE 1-62 

The  test  setup  for  panel  No. 3A is shown  in  figure 16. The  panel  and  insulation  assembly  are  bolted to 

a titanium  support  frame  simulating  the  vehicle  structure.  A  titanium  pTate 0.1 inch (0.234 cm)  is 
situated  below  this  assembly  and  it  simulates  the  effective  heat  sink  of  the  vehicle  structure  and 

tankage. The panel,  support  frame,  and  plate  are  tied  down to a massive  test  fixture. This fixture 
consists  of  steel "1" sections  and  is  designed  as  a  rigid  reference  base.  Twenty-four  weights  are 

suspended  in  three  rows  to  simulate  the  parabolic  moment  distribution  caused  by  the  constant  pressure of 

40 psf (1915 N/m ) assumed  in  the  analysis. A quartz  lamp  array  is  mounted  above  the  skin  to  simulate 
reentry  heating.  The  lamps  are  coupled  to  a  programmed  data  track  which  plots  TPS  skin  temperatures 
against  time.  Additional  insulation  is  situated  off  the  panel  edges  and  behind  the  heat  sink  plate in 

order  to  obtain  data  consistent  with  the  initial  assumptions Of design. 

2 

Instrumentation  consists  of 40 thermocouples  on  the  panel,  frame,  and  heat  sink,  and 6 control  thermo- 
couples  on  the  skin.  The  control  thermocouples  are  averaged  to  yield  the  proper  heating  input. In 
addition,  there  are 26 deflection  probes  normal to  the  panel  skin  and edges.  Linear  potentiometers are 

used  to  obtain  deflection  readings. 

A l l  thermocouple  and  deflection  probe  readings  are  processed  through  a "CSC" (Computer  Science  Corp.) 

computer  which  puts  the  data  on  magnetic  tape.  The  Grumman  Data  Systems  reduction  facility  then 

processes  the  tapes  to  yield  plots  and  tabulations  of  temperatures  and  deflections  against  time  for  each 

test. 



TEST  SETUP FOR PANEL NO. 3A 
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COARSE FINITE-ELEMENT  IDEALIZATION 

Figure 17 
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ULATIVE TKEFMAL PROTECTION  SYSTEMS 

By L. F. Vosteen  and C. M. Pittman 
NASA Langley  Research  Center 

Hampton, Virginia 

INTRODUCTION 

One of  the most d i f f i c u l t  space shuttle  technology problems i s  the  development  of l i g h t  weight 

reliable  thermal  protection systems with a multi-mission l i f e .  A need f o r  minimizing  weight  has 

been well established and r e l i a b i l i t y  i s  e s s e n t i a l   t o  any manned system. A multi-mission l i f e  i s  

des i rab le   to  minimize operat ional   costs   during  the l i f e  of the  vehicle.  Previous  papers  (papers 1, 2 ,  

and 3 of  volume I1 of this  compilation) have described  such  multi-mission  systems. As  an a l t e rna t ive  

t o  a multi-mission  l ife,  how.ever, t o t a l  program costs  could  be  kept  to a minimum i f  the  thermal 

protection system  could  be made sufficiently  inexpensive s o  t h a t  it could  be  cliscarde; af ter  every 

f l i g h t  and replaced.  Ablative  materials  are  obviously a prime  candidate f o r  such a system.  This  paper 

will deal   Kith  the  ra t ionale   for   using  ablators  and the   s t a tus  of a technology  program  directed a t  

producing  inexpensive  ablative  heat  shields. The elements of t h i s  program are  described  in  reference 1. 
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Figure 1 shows some of  the  advantages  of  ablative  systems and the   f ac to r s   t ha t   de t e r   t he i r   u se  as a 

primary  thermal  protection  system  for  the  shuttle  orbiter.   Considerable  experience  exists  in  the  application 

of ab la t ive   ma te r i a l s   t o   r een t ry   veh ic l e s .  A l l  of our manned entry  systems, Mercury, Gemini, and Apollo 

used  ablative  heat  shields.   Also,   the X-15 and the  Prime reentry  vehicle  were  covered  with  abiator. A l l  of 

this   experience,   together   with  the  weal th  of  information  obtained  from unmanned b a l l i s t i c   e n t r y  programs  form 

a sound basis for   the   appl ica t ion   a f   ab la tors   to   the   shut t le .   Abla tors   a re  amenable t o  simple  designs, and 

t h e i r   r e l i a b i l i t y   h a s  been  proven by the   f l igh t   vehic les   descr ibed   prev ious ly .   Abla tors   a re   e f f ic ien t   hea t  

r e j ec t ion  systems and weight  competitive  with  other  proposed  thermal  protection  systems.  Ablators  have  the 

added advantage t h a t   t h e i r  performance i s  not  heating-rate  l imited.  Thus, the  design  of  an  ablative  heat 

sh i e ld  i s  n o t   s e n s i t i v e   t o  off-nominal t ra jec tor ies .   Abla tors   t end  t o  be a highly  forgiving  system and a re  

known t o  be i n s e n s i t i v e   t o  small imperfec t ions .   In   addi t ion   to   the i r   thermal  ad.vantages, ablators ,   especial ly  

those  with an  elastomeric  resin  base,   can  substantially  increase  the damping of a s t ruc tura l   pane l ,   thus  

giving  an added  margin aga ins t   ae roe la s t i c   i n s t ab i l i t y .  

The primary  objection  to  the  use of ab la to r s  on the   shu t t l e  i s  i t s  l i m i t e d   l i f e .  A t  t h i s  time, we do not 

consider   ablators  as multi-mission  thermal  protection  systems  for  the  shuttle  orbiter.  The cost   of   poducing 

ablators   for   previous manned systems was exceedingly  high.  Previous  design  cri teria  specified r'l defect  

f r e e   h e a t   s h i e l d  and, therefore ,   ex tens ive   qua l i ty   cont ro l  and defect  repair  procedures  were  necessary. 

Replacement  of t he   ab la to r  a f te r  every   f l igh t   could   s ign i f icant ly   increase   opera t iona l   cos t s  and  could  occupy 

a subs tan t ia l   por t ion   o f   the  time se t   as ide   for   re furb ishment   fo l lowing   each   f l igh t .  The present   ablat ive 

heat  shield  technology program i s  aimed a t   e l imina t ing   the  l a s t  four barriers so  t h a t  one mission l i f e  i s  

economically  acceptable. 



SPACE SHUTTLE  ABLATIVE HEAT-SHIELD TECHNOLOGY 
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Figure 2a shows a simple  replaceable ablative heat  shield  concept.  An ablat ive  mater ia l   re inforced 

with honeycomb and  bonded t o  a face  sheet i s  attached  with  mechanical  fasteners  to  the  primary  structure.  

Ref'urbishment i s  accomplished by coring  out  the plugs over   the  fas teners ,  removing the   spent   ab la tor  

together   with i t s  face  sheet  and replacing  the  entire  assembly. If the  pr imary  s t ructure  of the   vehic le  

does  not  include a structural  skin,   the   ablators   could be a,pplied t o  a load  carrying sub-panel. This 

design  kould look much the  same as t h a t   s h o w   f o r   t h e   s u r f a c e   i n s u l a t i o n  materials discussed i n  a paper 

by D.  Greenshields  (paper  no. 1 of volume I1 of this   compilat ion)  . 



I 

REPLACEABLE  ABLATIVE  HEAT-SHIELD 

ABLATOR IN HONEYCOMB 
Figure 2(a) 

L STRUCT.URE-. 
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firms t o   a c t u a l l y   f a b r i c a t e   f l a t  and curved  panels of specif ied  ablat ive  mater ia ls .   Typical   panels  

fabr icated  under   these  contracts   are  shown i n   f i g u r e  2b. The mater ia l   densi ty   including  face  sheet  

and honeycomb i s  approximately 15 lbs/cu.f t .   Panels   fabr icated were 0.6h (2 f t .  ) x 1.22m (4 f t .  ) 

x 0.05lr.n (2 i n .  ) t h i ck .  Based on the  actual   costs   incurred  during  the  fa-br icat ion of eight  panels,  

f o u r   f l a t  and four  curved,  the  contractors made cost   estimates  for  various  sizes,   shapes,  and quan t i t i e s  

of pane l s   ( r e f s .  2, 3, 4, 5 ,  and a B. F.  Goodrich  paper t h a t  i s  soon t o  be  published  as a NASA Contractor 

Report ) . 



Figure 2(b) 
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The estimated  costs of  1.22m (4 f t .  ) x 1.83m (6 f t .  ) panels  are summarized i n  f igure  3. Two of the  

contracts  were with major  a.erospace  companies. The other   three  contracts  were with companies t h a t  

f requent ly  work as  sub-contractors  in  the  fabrication  of  f l ight  systems. The cost   t rends shown are  

ve ry   s ign i f i can t .   F i r s t  it should be noted  that   the  highest   estimate  for  the  cost   of one panel i s  an 

order  of  magnitude  less  than  the  cost  of  ablators on previous manned entry  systems.  In  general   the 

aerospace  companies  project  costs  which  are  significantly  higher  than  those of the  other'  companies. 

The only  exception i s  i n   t h e   f a b r i c a t i o n  of one panel where the company  whose cos ts   a re   the   h ighes t  

chose to  build  compression molds to   f ab r i ca t e   t he   pane l s .  It i s  apparent, however, t h a t   t h i s   t o o l i n g  

cos t  i s  rapidly  amortized and cos ts   d rop   s ign i f icant ly  when as  few as  ten  panels  are made. Since it 

i s  est imated  that  one vehicle  would  have approximately 800 ablat ive  panels ,  many panels  of  approximately 

the same s i ze  and shape  would  be  required on each  vehicle.  



MANUFACTURING  COST OF ABLATIVE PANELS 
1.22 m X 1.83 m 
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Figure 3 
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tu 4 Another s i g n i f i c a n t   r e s u l t  from these   s tud ies  i s  shown i n  f igure  4. The t o t a l   f a b r i c a t i o n  cos t  

has  been  divided  into  various  cost  elements. More than  half  of the  costs   are   incurred  during  the manu- 

facturing  process.  Also,  approximately  me-half  the  material  costs and l / 3  of the  manufacturing  costs 

a r e   a t t r i b u t e d   t o   t h e   u s e  of  the  fiber-glass honeycomb reinforcement. Follow-on s tudies  w i l l  consider 

ways to  further  reduce  both  of  these  costs. 
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Since   t he   g rea t e s t   pa r t   o f   t he   cos t  i s  a t t r ibuted  to   manufactur ing,  it i s  not   surpr is ing  that  

t he   s tud ie s   a l so  show that   increasing  the  panel   s ize   decreases   costs   substant ia l ly .  This i s  shown 

i n   f i g u r e  5 .  Increasing  the  panel  area  by a f a c t o r  of t h ree   r e su l t s   i n   abou t  a l / 3  reduct ion   in   the  

uni t   a rea   cos ts   o f   the   pane ls .  The cost   t rends  are   consis tent  from one f a b r i c a t o r   t o   a n o t h e r  and the 

t rends  noted  in   f igur? 3 for   the  var ious  types of f ab r i ca to r s   a r e  s t i l l  apparent. 
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Q, Tests   are   current ly  underway i n  an  arc-heated wind tunnel  to  determine  if   the  thermal  performance 

of  the  materials  has  been compromised by the  cheaper  fabrication methods  employed. Shown i n  f igure  6 

a re   t he   r e su l t s   t ha t  have  been  obtained t o   d a t e  on specimens  taken  from  the  panels  fabricated by the  

I 
! 
i 

two major  aerospace  companies.  Test  specimens  from  each  panel  were  tested  under  constant  stagnation 

hea t ing   ra te   condi t ions   un t i l  a specified  back  surface  temperature  r ise was obtained. The time  required 

i s  then  used to   ca lcu la te   the   compara t ive   e f f ic ienc ies   o f   the   mater ia l s   t es ted .  The compositions  tested 

included  high and low-density  phenolic-Eylon and f i l l ed   s i l i cone   e l a s tomer .  The high  density  panels 

were  about 450 k g / m 3  (28 lbm/ft ) and the  low density  panels were  about 240 kg/m (15 lbm/ft ) .  3 3 3 

The shaded  bars  indicate  the  range  of  efficiency  values  obtained from t e s t s  of four  samples  taken 

from the  top and  bottom surfaces   of   both  the  f la t  and curved  panels. It i s  apparent  that  the  low-density 

mater ia ls  have the   h ighes t   e f f ic iency   a t   these   hea t ing   condi t ions .  Specimens  from the  curved  panels 

were more i n c o n s i s t e n t   i n   t h e i r  performance and t h i s   i s   t h e  primary  reason  for  the  scatter  in  the  data.  

Ef f ic ienc ies  of t h i s  magnitude  are  considered  quite  acceptable and are  comparable to   those  obtained 

from t e s t s  of  material  samples made under much more controlled  conditions.  
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4 Since  an  ablat ive  heat   shield must be rep laced   a f te r   each   f l igh t  and other   heat   shields  must  be 

inspected,  refurbished,and  eventually  replaced, TPS refurbishment  costs are important. We have two p a r a l l e l  

con t r ac t s   t o   s tudy   t h i s  problem ( r e f s .  6 and 7 ) .  Some s i g n i f i c a n t   r e s u l t s  of t h i s   e f f o r t  are shoxn i n   f i g u r e  7 .  

The contractors  studied  three  types  of  thermal  protection  systems:  replaceable  ablators,  low-density  ceramics, 

and meta l l ic   hea t   sh ie lds .  The r e s u l t s  shown are  based on an a rea  of 745m (8000 f t  ) and assumed a f ixed 

mater ia l   cos t  of $535/m ($5O/ft ) fo r   ab l a to r s ,  and $10400/m ($1000/ft ) f o r  low density  ceramics. The 

metallic  system was d iv ided   in to  two pa r t s :  280m (3000 f t  ) of  superalloys a t  $2150/m ($200/ft ) and 

4 6 5 3  (5000 f t  ) of  coated  refractory metal a t  $10400/m2 ($1000/ft ). The range  of  values shown for   the   var ious  

refurbishment  i tems  indicates  the  difference  in  the  estimates  of  the two contractors.   In  each  case  the low 

estimate was from one contractor  and the  high  es t imate  from the   o the r .  The  number of manhours .a l lo t ted   to   the  

removal and replacement  of a heat   shield  panel  i s  approximately  the same for  the  three  systems. The cos t   f i gu res  

on t h e   n e x t   l i n e  were  obtained'by  using a l a b o r   r a t e  of  $20/hr. The total   heat   shield  refurbishment   costs   for  100 

f l igh ts   a re   ob ta ined  by  assuming tha t   the   ab la tor  i s  replaced  af ter   every  f l ight ,   the   low-densi ty   ceramic  af ter  

about  25  f l ights,  and the   me ta l l i c   sh i e lds   a f t e r   abou t  33 f l i g h t s .  The t o t a l   c o s t s   f o r  100 f l igh ts   a re   ob ta ined  

by inc luding   mater ia l   cos t s ,   fabr ica t ion   cos ts ,  and refurbishment  costs.  It should be noted tha t   t he   cos t s  shDwn 

f o r  low-density  ceramics and me ta l l i c   hea t   sh i e lds  do not  include  between  flight  inspection and r e c e r t i f i c a t i o n  of 

these  systems.  This  study shows t h a t   m a t e r i a l   c o s t s  comprise a major   por t ion   o f   the   to ta l   cos t s   for   a l l th ree  

systems  and the  wide  range  of  estimates of the  manhours required  to  refurbish  systems  has  only a small e f f e c t  on 

the   t o t a l   cos t   fo r   t he   ce ramic  and metall ic  systems. For the  ablative  system, a fac'tor  of 10 v a r i a t i o n   i n   t h e  

estimate of   refurbishment   labor   resul ts   in  a f a c t o r  of 2 1 /2   in   the   es t imates  of t h e   t o t a l   h e a t   s h i e l d  cos t .  

2  2 

2 2 2 ' 2  

2  2  2  2 

2  2 



THERMAL PROTECTION SYSTEM REFURBISHMENT COST ESTIMATES 
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Figure 7 
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0 Because  the  cost  of  ablation  material  for  a  single  flight  is  relatively  low,  ablators  could  easily 

be used  on  the  first  few  flights  without  a  significant  increase  in  total  program  costs. 

Figure 8 shows  the  cumulative  cost  of  the  three  systems  discussed  on  the  previous  figure. , The 

costs  shown  do  not  include  development  and  qualification  costs or the  cost  of  between  flight  inspection 

and recertification.  The  flat  portions  of  the  curves  for  the  low-density  ceramic  and  metallic  systems 

would  have  a  positive  slope  if  between  flight  inspection  and  recertification  costs  were  included. 

Although  the  estimates shqw ablators to be  the  most  expensive  system  for 100 missions,  it  should be 

noted  that  the  development  costs  for  an  ablative  system  should  be  substantially  less  than  for  either 

of  the  other  two  systems  and  ablators  could  be  employed  on,  say,  the  first 10 flights  without  a  major 

impact  on  total  program  costs. 



HEAT SHIELD CUMULATIVE  COST  COMPARISON 
EXCLUDING DEVELOPMENT AND BETWEEN FLIGHT  INSPECTION AND 

RECERTIFICATION  COSTS 
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r u  As noted  above,  the  variations  in  estimates  of  labor  required  to  refurbish  ablative  systems  results 

actual  costs  associated  with  refurbishing  an  ablative  system,  a  follow-on  study  is  planned  using  the 

refurbishment  mock-up  shown  in  figure 9. The  mock-up  is  a  cylindrical  segment  approximately  3m (10 ft) 

wide  and 6m (20 ft) long and  can  be  positioned  by  rotating  about  an  axis  parallel to the  axis  of  the 

cylinder.  The  ring  sections  are  movable  and  can  be  used to simulate  various  ring  spacings  on  the  primary 

structure  or  to  support  the  heat  shield  attachment  structure. 



THERMAL PROTECTION SYSTEM  REFURBISHMENT MOCK-UP 

Figure 9 
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b P  In fabricating  thermal  protection  systems  for  manned  reentry  vehicles,  great  care  is  taken  to 

insure  that  the  system  is  free  of  any  flaws  or  defects  that  could  possibly  lead  to  failure  of  a  mission. 

Fabrication  time  and  cost  could be substantially,reduced  if  it  were  determined  that,  over  the  range  of 

environments of interest,  the  performance of the  heat  shield  is  not  critically  affected  by  defects 

previously  considered  unacceptable.  Some  evidence  that  defects  can  be  accepted  was  obtained  nearly  ten 

years  ago  in  relation to the  Apollo  program. It was  considered  necessary  at  one.  time  to  make  holes 

through  the  Apollo  ablative  heat  shield to accommodate  certain  external  connections.  Figure 10 shows 

a model  designed  to  investigate  this  problem.  This  model  ,about 7.5 em (3 in. ) in  diameter,  shows  a 

design  for  an  electrical  interface  through  the  heat  shield.  Many  of  these  holes  go  completely  through 

the  ablation  material. It was found that  the  presence of these  holes  did  not  significantly  affect 

the  thermal  performance of this  material. 



APOLLO ELECTRICAL INTERFACE  TEST  SPECIMEN 

Figure 10 



5 Because  of  this  Apollo  experience,  a  defect  study  on  space  shuttle  ablation  materials  was  initiated. 

The  objective  of  this  study  is  to  determine  what  types  of  defects  can  be  considered  non-critical  and 

establish  methods  for  identifying  critical  defects.  The  acceptance  of  certain  non-critical  defects 

should  lead  to  relaxed  quality  control  requirements  and  thus to a  further  reduction  in  ablative  heat 

shield  costs. m e  interaction of defects,  material  performance  and  cost  is  illustrated  on  figure 11. 

The ablation  material  being  considered  is  a  low-density  elastomer  in  honeycomb.  The  defects  shown  here 

are  typical of those  that'frequently  occur  in  fabricating  heat  shield  panels.  The  presence  of  defects 

such  as  these  may  or  may  not  influence  the  overall  material  performance  through  the  effect  on  certain 

properties  of  the  material  such as those  shown  here.  The  performance  and  cost  are  related  through 

various  cost  factors  as  shown  here.  Whether  or  not  a  defect  is  allowed,  of  course,  depends  ultimately 

on its  effect  on  material  performance. In this  study,models  containing  various  defects will be  tested 

and  their  performance  compared  to  that  of  control  models  which w i l l  be  as  free  of  defects  as  possible. 

The  sensitivity  of  performance  to  the  presence  of  defects will be determined  and  finally  the  cost 

impact  of  allowing  defects  in  shuttle  heat  shields will be  evaluated. 



THE  INFLUENCE OF DEFECTS ON PERFORMANCE AND COST 
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Figure 11 



Techniques f o r   d e t e c t i n g   c r i t i c a l  flaws are   a lso  being  invest igated.   Figure 12 shows a t y p i c a l  

X-ray radiograph  of   an  ablat ive  panel .   Interpretat ion  of   such  radiographs  has  always  been d i f f i c u l t  

and  time  consuming. 



X-RAY PHOTOGRAPH OF ABLATIVE PANEL 

A 

Figure 12 
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0 A new  technique  being  developed  by  the  Martin-Marietta  Corporation  utilizes  a  television  scanner 

and  digitizing  system to select  various  grey  bands  and  convert  them  to  a  pseudo  color  picture  as  shown 

on  figure 13. Here  each  color  represents  a  band of densities  on  the  X-ray.  The  color  picture 

prarides  a  type  of  enhancement  that  simplifies  the  interpretation  of  the  X-ray. 



COLOR REPRESENTATION OF X-RAY PHOTO 

Figure 13 
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The s ta tus   o f   ab la t ive  

Ablative  materials  such  as 

thermal   protect ion  systems  for   appl icat ion  to   the  shut t le  i s  shown 

those  flown on  Prime and Apollo  could be used now to  withstand  the 

on  f igure 14.  

shut t le   thermal  

environment. Newer mater ia ls ,  however,  which a re  more e f f ic ien t   for   shut t le   en t ry   hea t ing   condi t ions ,  

are  i n  an advanced s t a t e  of  development,  and,  therefore  the  research,  development, and f l i g h t   q u a l i f i -  

cat ion  costs   for   these  mater ia ls   should be subs tan t ia l ly   l ess   than   those   for  any other  thermal  protection 

system. Based on the  fabr icat ion  s tudies   performed  to   date ,  it i s  apparent   that   ablat ive  heat   shields  

for   shut t le   should  cost   an  order   of  magnitude less  than  those  currently  being  used  for  f l ight  programs. 

Costs  as low as  $540/m ($50/ft  ) appear  well   within  reach. A study  of  the  cost   involved  in  refurbishing 

thermal   protect ion  systems  indicates   that   basic   mater ia l  and manufacturing  costs  are s t i l l  t he  most 

s ignif icant   cost   factor .   Since  ablators  need  not be 10% defec t   f ree ,   in   o rder   to   func t ion   e f fec t ive ly ,  

we believe  that   quali ty  assurance  costs  can be significantly  reduced by accepting  defects  which do not 

substantially  degrade  thermal or mechanical  performance.  Because of the  extensive  experience  that   has  

been gained from the  use of  ab la tors  on reentry  systems,  ablators  are more advanced i n  t h e i r   s t a t e  of 

development  than  any  other  proposed  thermal  protection  system and could be appl ied   to   ear ly   f l igh t   vehic les .  

The use of ab la tors  on ea r ly   f l i gh t   veh ic l e s  would not impose a weight  penalty and would have l i t t l e  

impact on to ta l   p rogran   cos t .  

2 2 



ABLATIVE THERMAL PROTECTION SYSTEM STATUS 

FLIGHT  QUALIFIED  ABLATIVE  MATERIALS  ARE  AVAILABLE. 

RESEARCH DEVELOPMENT, AND  FLIGHT  QUALIFICATION COSTS FOR SHUTTLE 
ABLATORS  SHOULD BE SUBSTANTIALLY LESS THAN THOSE ASSOCIATED 
WITH OTHER THERMAL  PROTECTION  SYSTEMS. 

0 SHUTTLE ABLATIVE HEAT SHIELDS  SHOULD  COST  AN  ORDER-OF-MAGNITUDE 
LESS THAN CURRENT ABLATIVE  FLIGHT HEAT SHIELDS. 

0 MANUFACTURING  COSTS  ARE THE MOST  S lGNlF lC lENT COST FACTOR 

0 CURRENT STUDIES  SHOULD SHOW THAT Q.A. COSTS CAN BE SIGNIFICANTLY 
REDUCED. 

ABLATORS FOR SHUTTLE ARE IN  AN  ADVANCED STATE OF DEVELOPMENT AND 
COULD BE APPLIED TO EARLY  FLIGHT  VEHICLES  WITHOUT  WEIGHT  PENALTY 
AND  WITH LITTLE IMPACT  ON TOTAL PROGRAM COST. 

Figure 14 
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I N T R O D U C T I O N  

The  leading-edge  areas of the  Space  Shuttle  Orbiter  will   experience  temperatures of 1365OK (2,000°F) 

to 1920°K (3 ,  00O0F) during  entry.   For   this   temperature   range,   there   are   four   candidate   Thermal   Pro-  

tect ion  System  (TPS)  mater ia ls :   (1)   high  temperature   coated  refractory  metals ;  (2)  oxidation  resistant 

carbon/carbon; (3 )  zirconium  diborides,  and (4) ablators .  

Although  the  f irst   three  materials  offer  the  potential   advantage of limited  reusability,  they are not 

currently  available  and  will   incur  higher  r isks  (with  inherently  higher  costs  and  potential   schedule 

sl ippages)  associated  with  their   development.   Furthermore,   these  materials  would  raise  serious  ques- 

tions  about  their  reliability  for  the  first  few  flight  tests,  because of their   l imited  f l ight  test   experience 

and  the  difficulty  in  applying  rational  design  margins  in  their  application. 

Ablators,  on the  other  hand,  are  readily  available  and/or  can  be  developed  for  specific  applications 

with  minimum  costs,   t ime,  and  r isk.  An ablator  leading  edge  would  serve  to  determine  the  actual 

environment  during  initial  shuttle  flights.  This  environment  may  prove  to  be  different  from  that  pre- 

dicated  and  the  inherent  conservative  nature of an  ablator   mater ia l   wi l l   minimize  r isks   during  the 

ear ly   f l ight   tes t   program. 

This  presentation  summarizes  the  results of preliminary  efforts  in  the  design of an  ablator   leading 

CI edge  for  the  shuttle  orbiter.   Design  considerations,   refurbishment  concepts,   analysis  and  test   results 
ul are  discussed  together  with  the  significant  conclusions  reached  during  the  studies.  
(0 
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D E S I G N   O B J E C T I V E S  

F i g u r e  1 shows  the   goa ls   which   mus t   be   met   in   the   des ign  of an  ablator  leading  edge.  Unless  each of 

t h e s e   i t e m s  is accompl ished ,   i t   wi l l   no t   be   poss ib le   to   sa t i s fy   the   overa l l   low  cos t   ob jec t ives  of the 

space   shut t le   p rogram.  

Al though  the   f i r s t   four   i t ems   a re   se l f -explana tory ,   the   l as t   one   requi res   some  de ta i led   d i scuss ions .  

The  ablator   can  affect   the   shut t le   performance  in   many  ways  including:  

1. Shape   change   and   sur face   roughness   incur red   dur ing   en t ry   which   wi l l   a f fec t   subsonic  

p e r f o r m a n c e  

2. Aggravated  heating  conditions  on  adjacent  TPS  caused  by  differential   ablation  at  

joints 

3. Degradat ion of su r face  of adjacent   TPS  caused  by  ablat ion  products   f lowing  downstream 

These   t h ree   f ac to r s   mus t   be   min imized   t o   a l l ow  an   accep tab le   ab l a to r   l ead ing -edge   des ign .  



DESIGN  OBJECTIVES 

0 EAS  ILY REFURB ISHABLE 

LOW COST 

0 LOW WEIGHT 

0 M IN I M U M  DEVELOPMENT REQU IREMENTS 

0 MIN I M U M  EFFECT ON SHUTTLE  PERFORMANCE 

Figure 1 
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T Y P I C A L   L E A D I N G - E D G E   C O N F I G U R A T I O N  

It is envisioned  that   the  leading  edge of the  shuttle  will   consist  of s eve ra l   pane l s  as shown  in   Figure 2. 

The  span  length of each  panel   depends  on  the  wing  r ib   spacing  and  ground  handl ing  requirements .   In  

addi t ion,   thermal   growth  and  interpanel   gaps  caused  by  wing  def lect ion  must   be  considered  in   def ining 

panel   span  length.   Seals   wil l   be   required  between  ablator   segments   and  the  interfaces   between  the 

ab la to r   and   ad jacen t   t he rma l   p ro t ec t ion   sys t em  on   t he   w indward   and   l eeward   s ec t ions  of the  wing. 
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Figure 2 
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I N S T A L L A T I O N   C O N C E P T S  

These  panels   can  be  instal led  and  refurbished  in  a number  of ways .   F igure  3 depicts   possible   methods 

for   sequent ia l ,   a l ternat ing,   and  random  instal la t ion.   Al though  the  sequent ia l   approach  has   drawbacks,  

par t icu lar ly   f rom  the   unpredic tab le   damage   and   rep lacement   s tandpoin t ,   i t   does ,   by   p rovid ing   in te rna l  

accessibi l i ty   by  means of the  end of each   pane l ,   p resent   the   poss ib i l i ty  of eliminating a l a rge   number  of 

ablator   penetrat ions  (bol t   p lugs)   and  reducing  refurbishment   t ime  through  end-actuated  or   internal  

a t tachment   des ign   schemes .   To   remove  a lead ing   edge   (nose)   pane l   a t   random,  a draft   angle  along  the 

chord  is requi red   to   b reak   f ree   and   s l ide   a long   the   gap   sea l .   Each   pane l   cannot   have   pos i t ive   d raf t ,  

but   every  other   panel   can  be  wedge  shaped  and,   therefore ,   be   removed  or   instal led  as   shown  in   the 

al ternately  instal led  concept .   This   approach is cons ide red   fo r  a number  of the   concepts   for   i t s   o f fe rs  

a logica l   compromise   be tween  sequent ia l   and   random  panel   removal .   Random  panel   removal   requi res  a 

so lu t ion   to   the   wave   sea l   b reak- f ree   re lease   p roblem  o ther   than   dependence   on   chordwise   pane l   d raf t .  



INSTALLATION CONCEPTS 

( a  1 
( a  ) SEQUENTIALLY INSTALLED LEADING  EDGE 
( b )  ALTERNATELY INSTALLED LEADING EDGE 
( c )  RANDOMLY INSTALLED LEADING EDGE 

Figure 3 



A B L A T O R   L E A D I N G - E D G E   B O L T - O N   D E S I G N  

F i g u r e  4 depic t s   . an   approach   whereby   s tandard   hardware   (bo l t s )   a re   used   as   the   TPS  a t tachment .   The  

r e fu rb i shmen t   s equence   i s   i n i t i a t ed   by   t he   r emova l  of the  lower  panel  located  between  the  front  spar  and 

the   nose   sec t ion .   This   removal   p rocedure  is init iated  by  removing  the  threaded  ablator  plugs  which 

cover   the   heads  of the   pane l   a t tachment   bo l t s .   Once   these   bo l t s   a re   removed,   th i s   pane l  is f r e e  to  be 

removed  downward to al low  the  worker   access  to reach  into  the  wing  and  to   remove  the  bol ts   which 

secure   the   nose   pane l .   This   p rocedure  is r epea ted   fo r   eve ry   o the r   pane l   ( spanwise ) ;   t hus ,   t he   r ema in -  

ing  panels  can  then  be  removed  either  through  an  operation  similar  to  the  external  bolt   method  or  by 

in te rna l   means   access ib le   th rough  the   open   ends  of each  remaining  panel .  

F i g u r e  4 fur ther   depic t s  a th row-away  nose   s t ruc ture  (i. e.   ablator  bonded)  and a reusable   lower   pane l  

s t r u c t u r e  (i. e .   ab la tor   mechanica l ly   a t tached) .   E i ther   approach   can   be   cons idered   for   a l l   pane ls ,   the  

f inal   choice  being  dependent   upon  the  selected  substructure   cost   and  the  refurbishment   t ime.   I t  is in- 

terest ing  to   note   that   an  extra   set  of subs t ruc ture   pane ls   a l lows   of f - s i te   ab la tor   to   subs t ruc ture   re fur -  

b i shmen t ;   a s  a resul t ,   improved  working  and  inspect ion  condi t ions  are   provided  without   inf luencing 

vehic le   tu rnaround  t ime.  



ABLATOR LEAD1 NG-EDGE BOLT-ON DESIGN 

TPS  PANEL  ATTACHMENT 

ABLATOR  ATTACHMENT 

TPS  PANEL 

Figure 4 



A B L A T O R   L E A D I N G - E D G E   Q U I C K - R E L E A S E   D E S I G N  

This   concept   (F igure  5) presents   two  exce l len t   advantages   wi th   respec t   to   the   des ign   ob jec t ives   for  

leading-edge  thermal   protect ion  systems.  First leading-edge  removal   and  replacement  is ex t r eme ly  

rap id .   The   opera t ion   requi res   the   removal  of one  ablator   plug  and  the  rotat ion of a  single  drive  which 

ope ra t e s   t he   r emote   i n t e rna l   a t t achmen t s   wh ich   r e l eases   any   l ead ing -edge   pane l .   The   s econd   advan tage  is 

the   e l iminat ion of a l l   but   one  external   ablator   a t tachment   and  a t tachment   protect ion  plug.   Logis t ics ,   cost  

reduct ion,   and  re l iabi l i ty   advantages  exis t   for   this   approach.   This   concept   requires   an  act ive  program 

to  develop  a   smooth  working  internal   a t tachment   mechanism  which  can  withstand  the  ent i re   spectrum of 

shut t le   environments ,   including  vibrat ions,   cold soak, and  reentry  while   maintaining  acceptable   operat-  

ing   charac te r i s t ics .  



ABLATOR LEAD1 NG-EDGE QUICK-RELEASE  DESIGN 

LEADING-EDGE 
QUICK-RELEASE  LATCHES 7 
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A B L A T O R   L E A D I N G - E D G E   H I N G E - P I N   D E S I G N  

F i g u r e  6 shows a sequent ia l   panel   instal la t ion  ut i l iz ing a  continuous  piano  hinge.  The  hinge  pin is r e -  

moved  f rom  the  exposed  end of the  panel   to   re lease  the  leading  edge.   This   type of hinge  offers  con- 

t inuous  and  l ightweight  structural   continuity  as  compared  with  point  at tachment  concepts  and  totally 

e l imina tes   ab la tor   pene t ra t ions   (bo l t   p lugs) .   The   concept   would   requi re   some  deve lopment   t es t ing   in  

typ ica l   shut t le   envi ronments   to   demonst ra te   des ign   adequacy ,   The   sequent ia l   ins ta l la t ion   aspec t  of 

this des ign   inh ib i t s   s ingular   rep lacement  of damaged  panels .   However ,   th is   approach  could  a lso  be 

used  in  conjunction  with a concept  which  would  allow  individual  removal of every   o ther   pane l .  A 

combina t ion   sys tem  could   resu l t   in   the   mos t   e f f ic ien t   des ign   when  re furb ishment   t ime  and   ease  of a c c e s s  

fac tors   a re   cons idered .  



ABLATOR LEAD1 NG-EDGE HI NGE-PI N DESI GN 

I ABLATOR 

REMOVABLE: 
TPS PANEL 

Figure 6 
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A B L A T O R   A T T A C H M E N T  - -  M O L D E D - I N - P L A C E   I N S E R T  

T h e r e   a r e  a   number  of methods of a t taching  the  ablator   to  its subs t ruc tu re   w i th   t he   f i na l   s e l ec t ion   i n -  

f luenced   by   ab la tor   p roper t ies ,   vehic le   envi ronment ,   re furb ishment   approach ,   opera t iona l   cos t ,  as well  

a s  a number  of o ther   fac tors .   Adhes ive   bonding   and   mechanica l   (bo l t ing)   a t tachment   a re   two of t he   more  

prac t ica l   methods ,   the   l a t te r   o f fe r ing   prac t ica l   subs t ruc ture   reuse   and   the   poss ib i l i ty  of higher   backface 

t e m p e r a t u r e s .  

F i g u r e  7 depicts  a re furb ishable   ab la tor   pane l   which   i s   bo l ted   to   a   s t i f fened   shee t   subs t ruc ture .   This  

ab la to r l subs t ruc tu re   pane l   a s sembly   i s ,   i n   t u rn ,   bo l t ed  to   the  vehicle   s t ructure   on  i ts   per iphery,   access  

to these  bolts  being  provided  by  removable  ablator  plugs.   Integrally  molded  within  the  ablator  are a 

number  of thin-wal led  inser ts   containing  f loat ing  self- locking  nuts   which  provide  for   the  ablator   a t tach-  

ment. A thin  scr im  c loth  covers   the  ablator   backface  to   form a s t ruc tu ra l   t i e  to r e s i s t   c r a c k i n g   ( l o s s  of 

f ree   p ieces)   and   enhances   the   d i s t r ibu t ion  of a t tachment   loads.  



ABLATOR  AlTACHMENT - MOLDED-I N-PLACE  INSERT 

MOLDED-IN-PLACE 
METAL INSERT FLOATING NUT PLATE 

PANEL  ATTACHMENT^ \ 
ABLATOR  ATTACHMENT^ 

Figure 7 

SUBSTRUCTURE 



V I B R A T I O N   T E S T   O F   L E A D I N G - E D G E   A B L A T I V E   P A N E L  

Some  pre l iminary   exper imenta l   s tud ies   have   a l ready   been   conducted  at Avco  and  an  i l lustrat ion of the 

leading-edge  tes t   se t -up  used  is   shown  in   Figure 8. The   dynamic   t es t   envi ronment   inves t iga ted   inc lu-  

ded  both  s inusoidal   and  random  inputs .  

The   r e sponse   da t a   was   measu red   fo r   a l l   t h ree   axes   by   u se  of an   acce le romete r   l oca t ed   a t   t he   cen te r  of 

the   fas tener   a r rangement .  At the  fundamental   f requency of 150 Hertz   the  peak  accelerat ion  (s inusoidal)  

in   the   normal   d i rec t ion   was  60 g f 0 r . a  5 g  input. 

Response  PSD:: curves   were   a l so   ob ta ined .  An overa l l   acce le ra t ion   leve l  of 22 g rms$ was   recorded   in  

the   no rma l   d i r ec t ion   fo r   t he  16 g r m s  input. 

After  testing  the  panel  in  the  vibration  environment,   inspection  around  the  f loating-nut  inserts  showed 

no   damage   to   the   ab la tor   mater ia l .   Based   on   these   p re l iminary   t es t   resu l t s ,   the   mechanica l   a t tachment  

approach  looks  promising.   Addit ional   tes t   s tudies   are   planned  to   examine  different   spacings  on  larger  

pane l   s izes   and   response   to   h igher   input   v ibra t ion   leve ls .  

* PSD Power   Spec t ra l   Dens i ty  

r m s   r o o t   m e a n   s q u a r e  



Figure 8 



A B L A T O R - T O - A B L A T O R  P A N E L  S E A L  

RTV mater ia ls   in   combinat ion  with  ablators   appear   adaptable   to   the  par t icular   requirements   ( inter-  

changeability  and  low  cost) of the  space  shuttle.  A f lexible   seal   configurat ion  has   been  developed 

and is shown  in   Figure 9. The   sea l   can   be   p recas t ,   cu t ,   and   ins ta l led   fas te r   than   by   cas t ing   in   p lace ;  

and ,   as   a   resu l t ,   cos t s   a re   reduced .   Inspec t ion   can   be   eas i ly   accompl ished   in   the   fac tory .   The  

cavity  formed  by  the  walls of the  abut t ing  panels   converges  toward  the  outer   surface of the TPS, 

t raps   the  seal ,   and  prevents   f low of hot   gases   to   the  vehicle   s t ructure .  
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ABLATOR-TO-ABLATOR  PANEL SEAL 
I 

ABLATOR PANEL 

RTV SEALJ 
(COMPRESSED) 

Figure 9 



A R C  T E S T S  O F  S E A L S  

Figure  10  shows  the  resul ts  of two a r c   t e s t s   o n   t h e   c o r r u g a t e d  ty-pe of seal .   As  can  be  seen,  these 

tes t s   were   conducted   by   use  of the  Avcoat   5026-39  honeycomb  mater ia l ;   but   s imilar   resul ts   should 

be  expected  with  the  molded  version of Avcoat  5026-39. 

The  f igure  on  the  r ight   shows  the  performance of the  seal   under  low  heating  conditions of 113 kW/m2 - 
sec  (10  Btu/f t   -sec) .   In   this   case  the air flow  was  along  the  gasket  length.   The  f igure on the  left  

shows  the  resul ts  of a tes t   under   heat ing  condi t ions  which  reached 565 kW/m2 - s e c  ( 5 0  Btu/f t2-secl  

and   where   the   f low  was   perpendicular   to   the   ab la tor /gaske t   sur face   ( sp lash   type) .  

2 

In  both of these   t e s t s   t he   t empera tu re   da t a  as measured   by  a thermocouple   located  on  the  back  surface 

indicated  that   no  "over- temperature"   condi t ion  was  experienced  beneath  the  seal  (i. e., the   t empera ture  

r i s e   was   t he   s ame  as beneath a sample  containing  the  ablat ion  mater ia l   only.  ) 





A B L A T O R  T O  M E T A L L I C  T P S  J O I N T  

Oil   f low  s tudies   indicate   that   th is   joint   runs  perpendicular   to   the  local   f low  over   most  of the  wing. 

Because  of t he   r eces s ion  of an   ab la t ive   sys t em  fo rward  of the  metal l ic   interface,   the   joint   and  seal  

des ign   mus t   p revent   the   poss ib i l i ty  of a forward- fac ing   s tep   a f te r   ab la t ion  has occurred.   The  joint  

can  be  located at the  point   where  negl igible   recession  takes   place,   but   this   approach  could  resul t   in  

the  use of more   ab la tor   than   requi red   which   in t roduces   addi t iona l   re furb ishment   cos ts   and   weight .  

One   poss ib le   approach   to   the   ab la tor /meta l  seal des ign  is shown  in   F igure  11. 

This   design  ut i l izes   appl icat ion '  of a loca l   h igh-dens i ty   ab la t ive   mater ia l   immedia te ly   ups t ream of 

the   meta l l ic   in te r face .   The   h igh   dens i ty   mater ia l s   wi l l   recede   on ly   s l igh t ly   and ,   therefore ,   p rovide  

a m o r e   g r a d u a l   t r a n s i t i o n   f r o m   a b l a t o r   t o   m e t a l  TPS. Candida te   mater ia l s   inc lude   f iberg lass  lami- 

na tes   o r   s i l i ca   phenol ic .  

In  addition  to  the  design  problems,  consideration  must  be  given  to  the  effects of ablat ion  product  

r e s idue   o r   t he   poss ib l e   occu r rence  of t ransi t ion  on  the  metal l ic   TPS.  
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Figure 11 



A B L A T O R   M A T E R I A L   C O N S I D E R A T I O N S  

The   fac t   tha t   the   shut t le   mus t   wi ths tand   a l l   ascent   and   reent ry   envi ronments   and  still have   acceptab le  

subson ic   ae rodynamic   cha rac t e r i s t i c s   p l aces   many   r equ i r emen t s   on   t he   s e l ec t ion  of the  ablator  ma- 

ter ia l .   Figure  12  shows  the  main  factors   that   wi l l   u l t imately  affect   the   choice.  

The   s ta te  of development  is impor t an t   because  of the  resul tant   low  cost   to   the  program.  Surface  rough-  

ness   and   recess ion   wi l l ,  of course ,   a f fec t   the   subsonic   per formance .   Char   s tab i l i ty  is a fac tor   s ince  

the  leading  edge will undergo   v ibra t ion   and   o ther   loads   a f te r   reen t ry   hea t ing   bu t   p r ior   to   l anding;   and   i t  

is impera t ive   tha t   the   l ead ing-edge   contour   remain   s tab le .   Low  cos t   fabr ica t ion   and   inspec t ion   pro-  

c e d u r e s   a r e   n e c e s s a r y   b e c a u s e  of the   re furb ishment   requi rement .  In   addi t ion,   the   mater ia l   se lected 

should  be  compatible  with  the  adjacent  TPS  to  insure  that   the  reusabili ty  requirement is not   sacr i f iced 

because  of ablator   products   impinging  on  the  surface.  



ABLATOR  MATERIAL  CONSIDERATIONS 

STATE OF PEVELOPMENT 

0 SURFACE  ROUGHNESS AND  RECESSION EFFECTS 

0 CHAR STABIL ITY 

0 LOW COST FABRICATION  AND  INSPECTION 

0 COMPAT I B IL ITY W ITH  ADJACENT  TPS 

Figure 12 
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A B L A T O R   C A N D I D A T E S  

F igure   13  shows s o m e  of the   l ead ing   mater ia l   candida tes   for   the   ab la tor   l ead ing   edge .   The   mater ia l s  

a re   c lass i f ied   in   th ree   dens i ty   ca tegor ies .   The   lowes t   dens i ty   candida tes   would   p robably   have   to   be  

p laced   in   honeycomb  to   insure   char   re ten t ion   and   thereby   resu l t   in  high cost .   The  moderate   densi ty  

mater ia l s   have   the   advantage  of increased  char   s t rength  in   the  non-honeycomb  vers ion  and  a lso  some 

of t hese   ma te r i a l s   a r e   man- ra t ed   (Avcoa t   5026-39   and  DC  325).   The  highest   density  materials  have 

s t rong   char   charac te r i s t ics ,   would   cos t   about   the   same  as   the   modera te   dens i ty   mater ia l s   bu t   would  

add  significant  weight  to  the  leading  edge.  The  si l ica  phenolic  and  carbon  phenolic  materials  have  been 

f lown  in   severa l   ba l l i s t ic   miss i les   and ,   therefore ,   a re   cons idered   in   the   wel l -deve loped   ca tegory .  



A B L A T O R   C A N D I D A T E S  

0 LOW DENSITY - P = 256 kg/m3(16  Ib/ft3) 
NASAlLRC ELASTOMER 
SLA 561 
AVCO 480-2 

0 MODERATE DENSITY - P 561  kg/m3(35  Ib/ft3) 
AVCOAT 5026-39 (Honeycomb) 
AVCOAT 5026-39 (Molded) 
NYLON  PHENOLIC 
ESA 3560 (Prime) 
PURPLE  BLEND MOD 7 
DC 325 P = 881 kg/m3 (55 Ib/ft3) 

0 HIGH DENSITY - P = 1602  kg/.3(100 1blft3) 
SILICA PHENOLIC 
CARBON PHENOLIC 

Figure 13 
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A B L A T O R   P E R F O R M A N C E  

Figure   14   shows a   weight   comparison of the   var ious   mater ia l s   under   cons idera t ion   for  a s t r u c t u r e  

t e m p e r a t u r e  of 589OK (600OF).  As  would  be  expected,  the  lowdensity  ablator MOD 480-2 is m o r e  

efficient at the  lower  heat ing  levels   than  the  other  materials. However ,   the   weaker   char   s tab i l i ty  

a n d   l a r g e r   s u r f a c e   r e c e s s i o n  of th i s   mater ia l   o f fe r   s ign i f icant   d i sadvantages .  

The   bo t tom  f igure   shows  the   sur face   recess ion  of the   candida te   mater ia l s   for   the   range  of heat ing  possible  

over   the  leading  edge  ( including  interference  effects) .  

This   ana lys i s   shows  tha t   there  is insignif icant   dif ference  in   the thermal p e r f o r m a n c e  of Avcoat  5026-39 

and   Purp le   Blend   whereas  a severe  weight   penal ty   would  occur   with  the  use of s i l ica   phenol ic .   The 

pr imary  difference  between  the  Avcoat   5026-39  and MOD 7 m a t e r i a l  is, of course ,   in   the i r  state of de-  

velopment.  
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R O V E R S   T E S T   R E S U L T S  

In order   to   deve lop   rea l i s t ic   ab la tor   l ead ing-edge   weight   es t imates ,   t es t s   were   conducted   a t   the   Avco 

ROVERS  fac i l i ty   under   representa t ive   shut t le   reen t ry   hea t ing   condi t ions .   Typica l   resu l t s  of these  

t e s t s   a r e   s h o w n   i n   F i g u r e  15 for   Avcoat  5026-39 and  Purple   Blend MOD 7. The  comparison  between 

p red ic t ed   and   measu red   t empera tu re   and   r eces s ion   a r e   s een   t o   be   qu i t e  good. These   da ta   ind ica te  

that  the  analytical   tools  used  to  calculate  the  ablator  thickness  and  surface  recession  distribution 

around  the  leading  edge  are   adequate .  

.I. 
I- 

* ROVERS  (Radiat ion  Orbi ta l   Vehicle   Reentry  Simulator)  



ROVERS TEST RESULTS 
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A B L A T O R   F A B R I C A T I O N  

Studies  to  date  indicate a p rac t i ca l   spanwise   d imens ion  of 1 . 2 2   m e t e r s  (4.0 feet)   for   the  leading-edge 

panels  considering  the  influence of wing  flexure  and  ground  handling.  In  conjunction  with  the  mock-ups 

fabr ica ted   in   suppor t  of in-house  studies  simple  plaster  tooling  was  uti l ized  and  leading-edge  nose  sec- 

tions 1. 02 meters   long   were   molded   in   an   au toc lave   to  a f ina l   i nne r   mo ld   l i ne   ( IML)   a s   s een   i n   t he   uppe r  

photograph  (Figure  16) .   These  ablator   par ts   were  subsequent ly   cut   into  smaller   segments   such  that  

spanwise  panel   joints   (seals)   could  be  incorporated  on  engineer ing  mock-ups.   The  lower  photograph  de-  

p ic t s  a la rge   f la t   pane l   a l so   molded   to   IML  us ing   the   same  au toc lave   p rocess .  

The   au toc lave   p rocess   was   inves t iga ted   in   an   a t tempt   to   reduce   cos ts   involved   in   u t i l i z ing   match   meta l  

d ies   (as   on   Apol lo)   p re l iminary   dens i ty   checks   on   the   au toc lave   p rocess   ind ica te   tha t   acceptab le   va lues  

a re   ob ta ined .  
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0.81 METER (32 INCH)  MOLDED  AVCOAT 5026-39 FLAT PANEL 

Figure 16 



F U L L - S C A L E   L E A D I N G - E D G E   M O C K U P  

F i g u r e  17 shows  an   ab la t ive   l ead ing-edge   mock-up   which   was   fabr ica ted   a t   the   Avco  Sys tems Division. 

This   model   consis t ing of actual   ablator   sect ions  includes  several   refurbishment   techniques,   wi th   the 

emphas i s   on   qu ick - re l ease   mechan i sms .   These   mock-ups   have   been   u sed   t o   demons t r a t e   f ea s ib i l i t y  as 

we l l   a s  to   conduct   prel iminary  cost   and  maintainabi l i ty .  





C O N C L U S I O N S  

Figure   18   summar izes   the   main   conclus ions   reached   dur ing   the   e f for t s   on   the   ab la tor   l ead ing   edge .  

While   the  refurbishment   t ime  and  weight   are   important ,   the   most   s ignif icant   factor  is tha t   man- ra t ed  

a b l a t o r s   a r e   c u r r e n t l y   i n   e x i s t e n c e   a n d   c a n   b e   u t i l i z e d  on  the  shuttle  with a re la t ive ly   smal l   deve lop-  

ment   p rogram.   The   Avcoat  5026-39 molded   m ,a t e r i a l   i s   r ecommended   fo r   u se   due   t o   i t s   pe r fo rmance  

on  the  Apollo  f l ights   and  the  indicat ions  f rom  prel iminary  tes ts   that   the   mater ia l   can  perform  wel l   in   the 

wide  range of shut t le   environments .  
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C O N C L U S I O N S  

LEADING EDGES CAN BE REFURBISHED FOR 4.30MAN  HOURS/m2 (0.40man hours/ft2) 

LEADING EDGE WEIGHT  (ABIATOR, STRUCTURE, ATTACHMENTS) 
AVERAGES  15kg'/m2 (3.0 Ib/ft*) (STRA I GHT WING ORB  ITER) 

MODERATE DENSITY  ABIATORS ( p  = 561  kglm3 OR 35 Ib/ft3) SEEM TO  BE THE BEST 
COMPROMISE  CONSIDERING WEIGHT, SURFACE RECESSION  AND DEVELOPMENT 
STATUS 

COST OF MOLDED  ABIATORS  APPROXIMATES 645 DOLlARS/m2 (60 dollars/ft2) 

USE OF MAN-RATED  APOLLO  MATERIAL  (AVCOAT 5026-39)  WOULD M I N I M I Z E  
DEVELOPMENT COSTS 

PRELIMINARY TESTS INDICATE  RELATIVELY  SIMPLE  SEAL  AND  ATTACHMENT 
CONCEPTS CAN BE USED 

Figure 18 





BOOSTER THERMAL PROTECTION SYSTEM  EVALUATION 

BY 

A l l a n  M. Norton 

Martin-Marietta  Corporation,  Denver,  Colorado 



T U  BOOSTER  TPS EVALUATION PROCESS 
(F igure  1) 

The b a s i s   f o r   t h e   e v a l u a t i o n   o f   t h e   t h e r m a l   p r o t e c t i o n   s y s t e m  (TPS) c a n d i d a t e s   f o r   t h e   b o o s t e r  
was t o   d e v e l o p   d e s i g n   c h a r t s   o f   t h e   r e s p o n s e   o f   t h e   v a r i o u s  TPS c a n d i d a t &   t o   t h e   f l i g h t   e n v i r o n m e n t .  
The maxisaum leve l s   o f   t he   t he rma l   and   p re s su re   d i s t r ibu t ions   ove r   t he   boos t e r   exposed   su r f ace  were 
de r ived   f rom  the   ae ro the rma l   env i ronmen t .   Then ,   t he   des ign   cha r t s   were   u t i l i zed   i n   con junc t ion  
w i t h   t h e   e n v i r o n m e n t a l   d i s t r i b u t i o n  maps t o   o b t a i n   t h e   t o t a l   w e i g h t   o f   e a c h  TPS c a n d i d a t e .   I n  
a d d i t i o n ,   t h e   c o s t s  of t h e   v a r i o u s  TPS c a n d i d a t e s  were es t ima ted  s o  t h a t   t h e   f i n a l   s e l e c t i o n  of t h e  
b o o s t e r  TPS could   be   ob ta ined   by   op t imiz ing   bo th   cos t   and   weight .   This  is  extremely  important   be-  
cause   t he  TPS r e p r e s e n t s   a p p r o x i m a t e l y  13% of   t he   boos t e r ' s   i ne r t   we igh t   and  37% of the   main tenance  
and   t u rna round   cos t   fo r   t he   boos t e r .  
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BOOSTER TPS EVALUATION OPTIONS 
(Figure 2) 

Of the  four  basic TPS fami l ies   tha t  were considered i n   t h i s   s t u d y  and the  multitude  of  deriva- 
tives within  each TPS family, a t o t a l  of 279 TPS combinations were eva lua ted   for   cos t  and  weight. 
In   the   meta l l ic   fami ly ,   f ive   d i f fe ren t   hea t   sh ie ld   pane l   and/or   suppor t   a r rangements  were analyzed 
for   f ive   d i f fe ren t   mater ia l s .   In   the   ab la tor   fami ly ,  two different   design  approaches  for   three 
ma te r i a l s  were assessed.  For  the  reusable  non-metallic  family, two d i f f e ren t   des igns   fo r  one 
material were evaluated. The heat   s ink TPS approach was analyzed  for one design. By considering 
t h a t  a l l  of  these TPS al ternat ives   potent ia l ly   could  be mixed on  one vehicle ,  a t o t a l  of 279 
possible  combinations were obtained. 

It should  be  recognized  that more than  f ive  metal l ic   design  approaches,   three  ablat ive mate- 
r i a l s  and  one reusable,  non-metallic material a re   poss ib le .  However, a n   i n i t i a l   e l i m i n a t i o n  was 
accomplished  to  obtain  the  f inal   design and material a l t e rna t ives   fo r   t h i s   s tudy .  
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BOOSTER  TPS EVALUATION  OPTIONS 
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THE BOOSTER  TPS  CANDIDATES - METALLIC 
(Figure 3 )  

The f ive   meta l l ic   hea t   sh ie ld   des igns  were  obtained by u t i l i z i n g  two basic  panel  concepts, 
i so t rop ic  and anisotropic ,   wi th  two support  arrangements,  simple ( S . S . )  and post  (P.S.). The 
anisotropic   panels  were skin/corrugat ion  (s /c)  and unid i rec t iona l   in tegra l ly   s t i f fened   (u . i . s . )  
which  were considered  to be representa t ive  of buil t-up and t o t a l l y  machined construction  techniquea, 
respect ively.  These two extremes  were  selected  primarily  because i t  was thought  that  the skin  
corrugat ion would be more weight   effect ive and the   i n t eg ra l ly   s t i f f ened  would be more cos t   e f f ec t ive .  
The  same type  of  reasoning was used t o   s e l e c t   t h e  honeycomb (h.c.) and i sogr id  ( i . s . )  construct ions 
fo r   t he   i so t rop ic   hea t   sh i e lds .  

The simple  support  system was selected  because i t  is  the most weight   eff ic ient   support   for   the 
anisotropic   heat   shields   while   the  post   support  is  the  most eff ic ient   for   the  is lotropic   panels .  

The f ive   mater ia l s   tha t   each  of these  metal l ic   designs were  evaluated  for  were 6A1-4V Titanium, 
Inconel 7 1 8 ,  Rene 41, L-605 and FS-85 Columbium. 

The r e s u l t s  of the   meta l l ic   por t ion  of the  study was that  the  post   supported honeycomb heat  
sh ie ld  was the most weight /cost   effect ive  concept   for   the  booster .  The individual  rankiingr  were: 

Configuration 
( d c  - S.S . )  (h.c. - P S.) (h.c. - S.S.) (u.i .s .  - S.S.) (1.8. - P.S.) 

Material  w $ $/W w $ $/W w $ $/w w $ $/w w $ $/W 

Titanium 1 3  3 3 2  2 2 4  4 5 5  5 4 1  1 
Inc one 1 1 3  3 3 2  1 2 5  4 5 4  5 4 1  2 
Rene 2 3  3 1 1  1 4 4  4 5 5  5 3 2  2 
L-605 3 3  3 1 1  1 2 4  4 4 5  5 2 2  2 
Columbium 1 3  2 * ' *  3 1  3 2 2  1 

*Was not  evaluated 
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THE BOOSTER TPS CANDIDATES - METALLIC 
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THE BOOSTER  TPS  CANDIDATES - NON-METALLIC 
(Figure 4 )  

For the  reusable  non-metallic  concepts, two design  concepts  were  applied  with  the  hardened 
compacted f i b e r  (HCF) mater ia l .  One approach was to   apply  the HCF d i r e c t l y   t o   t h e   s t r u c t u r e  and 
the  other was t o  bond the HCF t o  a subpanel  which was mechanical ly   a t tached  to   the  s t ructure ,  
Although  the  directly  applied HCF i s  theoretically  l ighter  than  the  subpaneled  approach,  the 
s t r a in   compa t ib i l i t y  between  the  structure  and  the HCF system  prevents  this  technique  from  being 
p r a c t i c a l .  Whenever the   s t ruc tu re  would s t r a i n  from applied l o a d s  or   f i l l i ng   t he   p rope l l an t  
tanks,  the HCF would tend to   spal l .   In   addi t ion,   the   cryogenic   temperatures   in   the  propel lant  
tank  regions would pose a moisture  problem i n   t h e  HCF (most of the  moisture  preventive  coatings 
w i l l  allow water vapor to   penetrate   but   not   sol id  water). Consequently, a subpaneled HCF approach 
was se l ec t ed .  However, i f   t he   s t r a in   compa t ib i l i t y  and  moisture  problems  can  be  solved,  the 
d i rec t  application  approach i s  approximately 9500 kg l i g h t e r .  

Three ablat ive  mater ia ls   appl ied  to  two design  approaches  similar to the HCF des  gns  were 
investigated.  The three  mater ia ls  were 242,  (SLA 561) 322 (S 20T) and 402 @A 2 5 s )  kglm’ dens i t i e s .  
Of these , the MA 25s material  was s ignif icant ly   cheaper  and not   tha t  much heavier when i n s t a l l e d .  
In   add i t ion ,  i t  has  been f l i g h t  proven  on  the X-15. Although  the d i rec t   appl ica t ion   technique  
was again  lighter,  the  refurbishment  of  the  ablator  could  not  be  accomplished  within  the  required 
two week turnaround  time.  Therefore,  the  direct  application  technique was not  considered  further.  
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BOOSTER TPS AREAS 
(Figure 5) 

A low cross  range  space  shuttle  system was used to   descr ibe  the  basel ine  booster   vehicle   for  
th i s   s tudy .  The Single Body Canard (SBC) booster - Model 14 had 3252 m2 of  exposed  eurface area 
and a dry  weight  of 182,000 kg. To determine  the  weights of the  various TPS candidates,  one ha l f  
of the  booster  surface  area was divided  into 107 d is t inc t   subareas .  These  subareas  were  determined 
from  the  heating  patterns and geometric  shape  of  the  booster (symmetry was assumed). 



BOOSTER TPS AREAS 
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TPS APPLICATION TO BOOSTER 
(Figure 6 )  

Each of  the 107 subareas was charac te r ized   as   to  geometry ( a rea ) ,  maximum heating  environment 
(4,  Q ,  T) and  primary s t r u c t u r e  ( y )  . In   addi t ion,   the   tankage  areas  were fur ther   descr ibed by 
assessments  for  purge,   cryogenic  insulation (CTI) and f r o s t .  Each of the  surviving TPS candidate8 
was applied t o  the   boos te r   to   ob ta in  a t o t a l   w e i g h t   f o r   a l l  of  the  elements of weight  that  could 
discriminate between the  candidates. 



TPS APPLICATION  TO  BOOSTER 
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BOOSTER TPS EVALUATION RESULTS 
(Figure 7)  

As can be seen from t h e   r e s u l t s  of  the  study on the  opposite  page,  the  modular  (subpanel) 
HCF i s  the   l igh tes t  and cheapest  reusable TPS concept. The ab la to r   cos t s  were  based  on a 100% 
replacement  per  f l ight.   Recent  data  has  indicated  that  a 50% replacement  per  f l ight may be 
possible  which would put   the   re la t ive   to ta l  program cos t   for   the   ab la tor   sys tem  a t  1.08. The 
a l l   m e t a l l i c  approach i s  considerably  heavier  than  the  non-metallic and consequently  the.   resizing 
cost   penal ty  made t h i s  TPS approach less competitive  than  the  subpaneled HCF design. The t o t a l  
heat   s ink  booster  was  shown to  be extremely  heavy i f  not  unfeasible. However, t he re   a r e   a r eas  on 
the  leeward  side of  the body and aero  surfaces where  the  heat  sink  approach i s  very  competitive 
from both  weight and cost   s tandpoints .  However, several   important  questions  regarding  the  partial  
application  of  heat  sink  remain unanswered. Namely, how  much f ros t / i ce   pena l ty  i s  r e a l i s t i c  (some 
sources  quote 590 kg/m2 as the  penalty and 12.3 kg/m  was used f o r   t h i s  8 tudy) ? Are  the  heating 
environment  predictions  accurate enough for  such  an  unforgiving  concept? How i s  the   t r ans i t i on  
between  the  heat  sink and shielded  concept  handled? What a re   the   cos t   pena l t ies   for  a back-up 
TPS if   the   heat ing  predict ions  are   unconservat ive? Because these  questiona  could  not be reasonably 
answered a t   t h i s  time,  any use of  heat  sink was not  further  considered. 

2 
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I BOOSTER  TPS EVALUATION RESULTS 

1 WEIGHT* ~ 

' TOTAL TPS 
PURE  CONCEPTS 

RESIZ. OPS F IRST UNIT i 
COST COST ' BUILD COST 

iI 

I 

HCF: 
Modu Jar 23,850 10 0 

ABLATOR: I 

Modular  MA25 S 23,700 . 16 

METALL I C: 
Post Supported 
Honeycomb 1.03 37,400 

1.0 1.0 
I 

2.93 0.99 

0.68 1.56 

HEAT SINK: 
Total " " 159,000 " 

TOTAL 
PROG.  COST 

10 0 

1.58 

1.15 

" 

+Includes Heat Shield + Supports + HT Insu la t ion  + Purge + Frost + Cryo 
Insu la t ion  - k g  

Figure 7 
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FEATURES OF SELECTHD BOOSTER TPS 
(Figure 8) 

The selected TPS approach  for  the  booster was the  modular HCF with a temporary  use  of  an 
interchangeable 25s a b l a t o r  TPS f o r   t h e   i n i t i a l   f l i g h t s .  The most important  advantage  of  this 
approach is  that   the  permanent TPS can be t a i lo red   t o   t he   ac tua l  environment a f te r   the   vehic le  
has  flown. By using  the  re la t ively  inexpensive and forg iv ing   ab la tor  TPS f o r   j u s t  a few f l i g h t s ,  
the  permanent HCF  TPS can  be  sized and i n s t a l l e d  on the  operational  vehicles  with minimal  time 
delay and cost   expense.   In   addi t ion,   i f  a "hotter"  mission is. encountered  af ter   the   design  has  
been  committed,  the  most d r a s t i c  impact would be  on the TPS and the  non-metallic  approach w i l l  
allow a re lat ively  easy  design change f o r   s u b s t a n t i a l   i n c r e a s e s   i n  performance. The metal l ic  
approach  does  not  have t h i s   f l e x i b i l i t y  because i t  i s  dependent  on  heating  rate and requires  a 
change in   mater ia  Is to   e f fec t   any   subs tan t ia  1 change i n  performance. 

Another  important  advantage is that  the  non-metallic  approach w i l l  not  require a separate 
thermal  conditioning  subsystem  for  the  propellant  tanks  during  ground-hold  to  prevent  moisture 
accumulation  whereas  the  metallic TPS does. 

The primary  disadvantage  of  the HCF  TPS i s  tha t   the  HCF mater ia l  i s  not  current  state-of- 
the-art.  Considerable  development is  requi red   to   b r ing   th i s   mater ia l   to   the  same technological 
statue  as  the  metall ics,   but  the  obvious  weight and cost  advantages  of  the HCF system make t h i s  
a worthwhile  investment . 



FEATURES OF SELECTED BOOSTER TPS 

SELECTED APPROACH: 

Modular HCF As Permanent  TPS  With  Temporary Use Gf Modular 
M A  25s Ablator 

ADVANTAGES: 

Flexibil i ty To Tailor TPS 
Less Sensitive To Staging  Velocity 
Less Expensive  Than  Metallics 
Relatively  Simple To Integrate  Into  Vehicle  Design 
Minimizes  Purge  Impact 
Lighter  Than  Metall ics 
Interchangeable With Proven  Ablator TPS 

D I SADVANTAGES: 

Permanent TPS. Material  Requires  Development 

Figure 8 





THE HEAT SINK CONCEPT FOR THE SPACE SHUTTLE BOOSTER 

This  paper  presents  current findings of an  investigation of a  heat  sink structural concept  applied to  the Space 
Shuttle booster. The concept is compared with the  more  generally  accepted  thermally  protected  arrangement, 
and comparative weight  and cost dataare presented. Since the characteristics of the  latter concept are  generally 
understood,  substantiating  data and problem discussions  presented are confined to  the heat  sink concept. It will 
be recognized  that  the  limited effort accomplished to  date on the  heat  sink  concept  probably  implies a lesser 
understanding of the  associated  problems  compared  to  those of the  thermal  protection  system (TPS) concept, 
and that,  conversely, the  heat  sink  approach may  be amenable  to  improvement when given further  consideration 
in certain areas, The following outline of this paper  includes  some  suggestions for additional  investigation. 

Grocnd rules  applicable  to  the  latest phase of the study are  presented  first. They are  subject  to  review, 
particularly  in  the  case of staging velocity and other  trajectory  parameters. The  need for a launch capability 
under  severe  icing conditions also  requires  reconsideration. A brief description of the two competing  concepts 
applied to  an  essentially  identical  vehicle configuration is presented  next.  This  approach is valid  since  the body 
thermostructural concept  does not appear  to  be a  configuration driver. The heat  sink  thickness  requirement 
based upon present ground rules is shown. These  values could be reduced if the  temperature  limitation of 
394°K  (250°F) for  the  cryogenic insulation and  bonding system could be increased. Next, a significant  difficulty 
with the  heat  sink  concept is discussed;  that is, sensitivity  to  total  heat input - a problem  aggravated by current 
uncertainties with respect  to  the value of this  parameter. The problem  will be resolved  in part when final . 

mission  requirements  are  established and overall  vehicle  system optimization and trajectory shaping  have  been 
completed. There  remains the  problem of uncertainties  in  predicting heating rates, a  problem that may  be 
largely  resolved by  wind tunnel test. Also, if the band of uncertainty could be assessed, a suitable  margin of 
heat  sink  thickness may be  acceptable. The problem of ice accumulation on  exposed cryogenic  tanks  requires 
correlation of the  data with actual launch site conditions and associated launch restrictions. The data  presented 
indicate  that  further  investigation may prove  that some  degree of ice  accumulation is tolerable.  Comparative 
weights for  the TPS  vehicle and several heat sink  vehicles with  and without allowances for  the ice problem o r  
aeroheating  uncertainties are  presented,  These  vehicles are synthesized on the  basis  that  current ground rules 
and all  other  relevant  criteria  are held constant.  Conclusions  reached at this point are  presented with a re- 
commended course  for  future action. 
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GROUND RULES 
(Figure 1) 

A comparison was, made of the  heat  sink  concept and the  more  familiar and highly com- 
petitive  thermally  protected  concept. The baseline  booster  selected by Convair  Aerospace 
for the Space  Shuttle  study features a thermally  protected  concept alad was therefore  used 
as  the  basis  for  the  comparative  study. The comparison  was  constrained  to  the  major 
portion of the body only. A previous  study of staging  conditions led to  the  selection of the 
values  given  in  Item 3 on the basis of minimum program  costs  for  both  the  heat  sink and 
TPS  concepts. The initial  entry  angle of attack  was 60", but  modulation  to  maintain  the 
specified  maximum 4g load factor  gave a value of approximately 40" at peak  heating. 

Aluminum alloy 2219-T87 was selected  since peak temperatures  were  determined by the 
limitations of the  cryogenic  insulation. The high specific  heat of aluminum provides good 
heat  sink  performance  compared to other  cost  competitive  materials. The initial  temper- 
atures of the LO2 tank and the LH2 tank at liftoff are  noted, as determined  for  the  most 
adverse  warm day  conditions and assuming  7.6cm (3 inches) of internal  insulation  on  the LH2 
tank.  Peak  temperature  limitations  for  recovery  were  established as 422°K (300"F), generally 
to  avoid overaging  the  aluminum, and 394°K (250°F) for  the LH2 tank  consistent with re- . 

usability of the  internal  crpgenic  insulation and its bonding system. 

- . . - - - . . - - - 
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GROUND RULES 

OVERALL VEHICLE COMPARISON  WITH A TPS  BOOSTER  ON A 
CONSISTENT  BASIS 

HEAT  SINK VERSUS  TPS  COMPARISON  FOR  BODY ONLY 

STAGING - CONDITIONS, VELOCITY = 3.17 km/s (10,388 fps) 
DYNAMIC PRESSURE = 718.5 N/m2  (15 psf) 

ENTRY ANGLE OF ATTACK = 40" AT PEAK HEATING 

HEAT  SINK MATERIAL: 2219-T87 ALUMINUM 

HEAT  SINK  STARTING TEMPERATURES - 100°K (-280°F)  BARE  LO2 TANK , 
294°K (70°F)  'REMAINDER 

HEAT  SINK PEAK  TEMPERATURES - 422°K (300°F) BARE LO2  TANK 
394°K (250°F)  LH2  TANK.422"K  (300°F)  REMAINDER 

CONSIDER ALL-WEATHER  LAUNCH  CAPABILITY WITH RESPECT 
TO ICE ACCUMULATION PROBLEM 

Figure 1 



COMPARATIVE  CONCEPTS 
(Figure 2) 

This figure illustrates  the  delta wing booster  configuration  used in  the  heat  sink  investigation 
and shows  the  essential  difference between  the two thermostructural  concepts. The  heat  sink 
investigation  was  limited to  the  fuselage aft of the  nose  section and forward of the  thrust sec- 
tion. This  constitutes  the  area  in which the  heat  sink  approach is most  attractive,  since it 
consists mainly of relatively thick-walled cryogenic  tankage, which, when combined with the 
additional  thickness  to  attain  the  heat  sink  requirement, is very  competitive with the double- 
walled  thermally  protected  concept. The lightly loaded nose  section  forward of the  propellant 
tanks is a highly efficient singlewall hot structure  on  the  thermally  protected  vehicle and 
was  retained  for  the  heat sink booster. The thrust skirt is a titanium  heat  sink  for  both 
concepts and  involved no changes in the study. Similarly,  the hot wing  and vertical  stabilizer 
structures  were  used without  modification for  the  heat  sink  vehicle. 

The thermally  protected  concept  features  aluminum 2219-T87 propellant tanks, which with 
the  intertank  adapter and the  thrust s k i r t  comprise  the  primary  load-carrying  structure of the 
fuselage.  This  aluminum  structure is protected  from  the  thermal  environment by a secondary 
outer  shell  structure of superalloy  materials. The outer  shell is supported  from  the al.uminum 
structure at a few discrete points which feature  slip  devices  to  permit  relative  expansion/ 
contraction between the two structures. Conventional  semimonocoque  construction is adopted 
for  the  tank  shells,  except  that  frames and stringers are external  to  simplify  the  internal 
cryogenic  insulation of the liquid hydrogen tank. 

The  heat  sink  concept  dispenses with the  outer  protective shel1,and the aluminum  primary 
structure is thickened  where  required  to  provide  the  heat  capacitance  required  to  obtain  the 
specified  temperature  limits. Since the  structural  shell is now exposed to  the  airstream,  the 
shell  stiffening  must  be  internal as opposed to  the external arrangement  used  on  the  thermally 
protected concept. In the case of the LH2 tank ,  the  stiffening is changed from  frame/stringers 
to a waffle  concept  to  avoid undue compromise  to  the  cryogenic  insulation. Unfortunately, some 
compromise is necessary  since  large  support  rings  for  the  orbiter and  wing attachments  must  be 
located  inside  the  tank.  Detail "A" illustrates  the  basic  differences between the two concepts. 
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HEAT SINK REQUREMENTS 
(Figure 3) 

The  total  heat  sink  thickness  requirement  for 2219 aluminum  was  computed  around  the 
periphery of several  stations  in  the LO2 tank,  the  intertank  section, and  in the LH2 tank. 
The figure  illustrates  a  typical  distribution  in  the  area of the LH2 tank. 

Plotted are  the  total  wall  thickness  requirements  versus  points around the body periphery 
from  the bottom center  line  to  the top center  line. The basic  strength  r.equirement for  over- 
all body loads and propellant  containment is also  plotted. Note that  additional  material  for 
heat  sink is needed only from  the  bottom  center  line  around  to  approximately  the 60" point. 

The  heat  sink  requirements  for a range of staging  velocities  are shown. These  values  were 
obtained from an initial  study  that  varied  staging  parameters  to  select  the  best  conditions  for 
both the  heat  sink and the  thermally  protected  concept. A s  noted, the 3.17-km/s  (10,388-fps) 
velocity  was  selected as  the  most  favorable  for both  concepts  from  the  total  vehicle  systems 
cost  aspect.  This  results in a lower centerline  thickness of 3.35 cm (1.32  inches). 

Areas  under  the  heat  sink  curves  for  this staging velocity  above  the  basic structural  require- 
ments  were used to  compute  the  item "Heat  Sink"  in the weight tabulations  presented  later. 

The plots shown are  for a nominal  trajectory  with no allowance  for  heating  uncertainties. 
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UNCERTAINTIES 
(Figure 4) 

Perhaps  the  most  important  consideration  affecting  the  assessment of the  viability of the 
heat  sink  concept  falls in the area of aeroheating  uncertainties. The figure illustrates  this 
problem.  The  nominal  line  showing  heat  sink  thickness  requirements is based on a given 
staging  condition and entry  trajectory;  the  staging  velocity is 3.17 h / s  (10,388 fps). As 
noted,  staging  velocity  may  vary with  engine  thrust  level which, in  turn,  depends upon the 
final  specified  thrust  per engine and the  number of engines  required  for  an  acceptable  thrust 
to weight ratio.  Mission  requirements may also  cause  variation and trajectories may change, 
depending upon final  vehicle  systems  optimization.  Uncertainties  also  occur  in  turbulent 
heating  prediction  techniques and in predicting  transition. Wind tunnel tests  require comple- 
tion  to assist in prediction,  particularly in areas of interference, and additional  confidence 
is required in  scale-up  techniques  to apply  wind tunnel  model  data  to  the  full-scale  vehicle. 

The uncertainty band  shown  on thefigure  represents a variation in staging  velocity from 
2.87 to  3.43 km/s (9,429  to  11,256 fps) and a margin on turbulent  heating rate predictions 
of  *250/0. The remaining  causes of uncertainty are currently  undetermined. A recent  study 
of staging  parameters  indicated  that  the  nominal  heat  sink  booster, without margin  for un- 
certainties and with  no  consideration of the  ice  accumulation  problem,is  competitive with 
respect  to weight  and cost with the  thermally  protected  concept up to a staging  velocity of 
3.35 km/s  (11,000 fps). Allowance for the  ice  problem and margins  for  uncertainties would 
reduce  this  break-even point. Some indication of the weight variation is given  in the  subse- 
quent  weight tabulation. 
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0 ! i ICE  ACCUMULATION ON EXPOSED PROPELLANT TANKS 

(Figure 5) 

If an all-weather  launch  capability is considered  for  the  heat s ink booster,  the  problem of ice 
accumulation on exposed cyrogenic  tanks  must  be  addressed. Two considerations are involved: 
obviously the  increase  in  gross liftoff weight, and the  possibility of damage  to  aerodynamic 
surfaces by impingement of falling  ice  during  the  boost  phase. A s  the  data  indicate,  the 
situation is most  critical on  the LO2 tank,  which  involves an exposed area of some 269.7 m2 
(2,900 square  feet). Under the  most  adverse conditions, 21,338 kg  (47,000  pounds) of ice approx- 
imately  8.6  cm (3.4 inches)  thick  might  accumulate. In the case of the LH2 tank for  the  vehicle 
considered  in  this  study,  the  tank is partially  shrouded by the  delta wing and the  large wing-to- 
fuselage  fairing. The  net  exposed area is approximately 595.2 m2 (6,400 square feet) which 
would accumulate  some 3651.9 kg (8,044  pounds) of ice  during a two-hour  ground  hold under  the 
most  adverse  weather  conditions.  These  data  were  calculated  for  the  Space Shuttle using 7.12 cm 
(3 inches) of internal  cryogenic  insulation,  the  thickness being required  to  cover  the  internal  grid 
stiffening of the  hydrogen  tank. The LO2 tank in  the  test was  uninsulated. 
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DOUBLE-WALL TANK 
(Figure 6) 

Several  concepts  for  alleviating  the ice accumulation  problem are  under  consideration. The 
L o 2  tank may  be  protected  on  the launch pad by a wraparound  blanket,  either  insulated and 
sealed o r  purged by dry nitrogen.  The  blanket would  be retracted  from  the  vehicle by a power- 
operated boom and cable  system  immediately  before liftoff. The unfurled size of this  blanket, 
however, would be 103 by32 m (35 by 105 feet) and  would involve complications  in  the  wrap- 
around areas of the  orbiter  attachment and the  canard.  Uncertainties  exist with respect  to 
the  reliability of the  retraction of this  arrangement and the  possibility of damage to the  oribiter 
windward thermal  protection  system, which  would be  very  close  to  the  free  edges of the  shroud. 
The  problem  requires  further  investigation, but at  this point the only  effective and reliable 
approach  appears  to  be  provision of an external  shell  over  the LO2 tank and  the  use of a dry 
nitrogen  purge in the  resulting  cavity. A tradeoff  study  readily  indicated  that  the  heat  sink 
approach is now not competitive in this area since  the  advantage of the  capacitance of the 
basic  structure is lost. The most  efficient  arrangement is illustrated. A superalloy  radi- 
ative heat  shield  shell is attached  around  the  periphery of an external  frame at the  aft end 
of the LO2 tank and extends  forward  to  support  the  nose  structure.  Thermal  expansion  rela- 
tive to the cold  tank is accommodated by forward  translation of the  outer  shell which is per- 
mitted by link supports  from  the  tank  structure. A dry  nitrogen  purge is provided. A s  shown 
later, a weight  penalty on dry  structure of 4,154 kg (9,151 pounds) is involved in adding the  outer 
shell. 

Concepts for  protecting  the LH2 tank are also  being  considered including  hot water  spray 
and heat  lamp  arrays. Pending complete  evaluation of such  approaches,  the  penalty  for 
carrying a two-hour ice accumulation is indicated  later in the  tabulated  comparison of vehicle 
weights. 



. __ 

DOUBLE-WALL TANK 

TPS PERIPHERAL  TANK 
FRAME  ATTACHMENT 

r TPS 

I !I 

i?*> ' L S I D E  LOAD SUPPORT 
(2 PLACES) 

Figure 6 

-SLIP JOINT 



SUMMARY 
HEAT  SINK VS. TPS BOOSTER WEIGHTS 

(Figure 7) 

Weight comparisons of a thermally  protected  booster and various  versions of the  heat  sink 
booster  are  presented. The first column is a tabulation  for  the  TPS  version. Next is the 
heat  sink  booster with a nominal  heat  sink  requirement  reflecting no provisions  for  trajec- 
tory  dispersions  or heating  uncertainties.  This  version  provides no alleviation of the  ice 
accumulation  problem, only a  bare  (single  wall) LO2 tank is used for example. The third 
column  includes  provision for a double-wall LO2 tank  with  an "on pad" dry  nitrogen  purge 
to  eliminate  ice  accumulation  in  this  area. The fourth  column represents a heat  sink boos- 
t e r  with the  double-wall LO2 tank and allowance for  ice on the LH2 tank  consistent with a 
two-hour  ground hold during  the  most  adverse  weather  conditions. The final  column, in 
addition  to  the  provisions of the  fourth  column  allows  for a 25% increase in heat  sink mass, 
representing  a 25% margin  over  the  nominal  heat load prediction. 

Item 1, the liquid  hydrogen  tank,  reflects  an  increase  for  the  heat  sink  booster  due to 
compromise  to  the  internal  stiffening  elements  required to avoid undue complexity of the 
internal  cryogenic  insulation. In Item 2 ,  the LO2 tank  weight is reduced  since  the  heat 
sink  booster  features  a  cylindrical  tank  as opposed to a conical  tank. The cylindrical 
tank,  however,  requires a larger nose structure,  the  increased weight of which is reflected 
in Item 3, which comprises  all  components of the body primary  structure  other  than  the 
propellant  tanks.  Item 4, Heat Sink, represents  the  additional  material added to  the body 
for  thermal  capacitance  over  the  basic  structural  requirement.  The  entry  against  Item 5,  
TPS, for  the  heat  sink  booster  represents the TPS  panels across  the  lower  surface of the body . 
in  the  area of the low delta wing.  The increase  in  the  remaining  columns  reflects  the  local 
radiative  heat  shield  shell which provides  the  outer  wall of the "double-wall" LO2 tank.  Item 6 
reflects  the  large  fairings  required  between  the  delta wing and the  bare  cylindrical  tank on the 
heat  sink  booster  plus  allowance f o r  fairing of subsystem  line  routing along the body.  The LH2 
insulation,  Item 7, is heavier  for  the  heat sink vehicle due to  the  necessity  for  covering  the 
internal  stiffening  elements.  Item 8 varies with the volume of the  cavities which require a nitro- 
gen  purge  around  the  propellant  tanks. The orbiter  attachment weight reflects  the  load  differences 
due to  the  variation  in  orbiter  offset  from  the  booster with and without a TPS. Item 10, Remainder, 
contains all  items not directly  affected by the  TPS  versus  heat sink arrangement,  Item 11 is the 
ice  accumulation on the  hydrogen  tank after  a two-hour  ground hold. 



SUMMARY, HEAT SINK VS. TPS BOOSTER  WEIGHTS 

CONCEPT 

1. LH2TANK 

2. LO2  TANK 
}***  

3.  BASIC  BODY 

4. HEAT SINK 

5. TPS 

6. FAIRINGS 

7. LH2 INSULATION 

8.  PURGE  SYSTEM 

9.  ORBITER ATTACH. 

10. REMAINDER 

11. ICE  AND  FROST 

DRY STRUCTURE 

GLOW (M) 

NOTES 
Kilograms 

** Pounds 

TPS 

29,853* 
65,756** 

8,041 
17,711 

16,237 
35,765 

27,648 
60,898 

271 
597 

2,550 
5,617 

836 
1,842 

10,488 
23,101 

135,356 
298,142 

231,281 
509.429 

1.9236 
4.237 

H.S. (SW) 

33,428 
73,630 

6,633 
14,610 

17,248 
37,991 

15,715 
34,614 

3,203 
7,056 

4,177 
9,200 

3,965 
8,733 

42 1 
928 

9,120 
20,088 

135,645 
298,778 

229,555 
505,628 

1.9122 
4.212 

H.S. (DW) 

33,863 
74,589 

6,726 
14,815 

17,387 
38,302 

12,516 
27,568 

8,695 
19,25 1 

4,177 
9,200 

3,999 
8,809 

614 
1,352 

9,554 
21,000 

136,197 
299,993 

233,709 
514,779 

1.9345 
4.261 

H.S. (DW) + ICE 

34,145 
75,2 10 

6,786 
14,947 

17,480 
38,502 

12,576 
27,700 

8,740 
19,251 

4,177 
9,200 

4,022 
8,858 

62 1 
1,367 

9,534 
2 1,000 

139,331 
306,896 

3,652 
8;Ou 

241,063 
530,975 

1.9567 
4.31 

*** Taper  tank  on  TPS  booster.  Cylindrical  tank  on  heat  sink  booster. 
- 

Figure 7 

- 

H.S. (D.W) + 25% + ICE 

34,392 
75,753 

6,838 
15,062 

17.560 
38,678 

15,798 
34,798 

8,780 
19,339 

4,177 
9,200 

4,041 
8,900 

627 
1,381 

9,535 
2 1,002 

142,073 
3 12,937 

3,652 
8.044 

247,473 
545,094 

1.9735 
4,347 



CONCLUSIONS 
(Figure 8) 

The  heat  sink  concept  does  indicate a potential  cost  reduction.  Preliminary  estimates 
indicate  total  program  cost  saving  for body of heat  sink  booster of $222 million versus 
the  thermally  protected body. This is for  the nominal  heat  sink  booster  per Column 2 
of Figure 7; that is, without provision for a double  wall LO2 tank o r  accumulation of ice 
on the LH2 tank. Adding these  provisions per Column 4 of Figure 7 reduces  this  saving 
to $147 million. The saving  realized by eliminating  the  heat  shield  shell is partially off- 
set by increased  costs of forming,  machining, and multiple-pass welding of the  thick  heat 
sink body segments. 

Some additional  advantages  accrue  to  the  heat  sink  booster  since  extensive areas  are 
fully  exposed for  inspection and maintenance. Safety is enhanced since  leakage  from  large 
areas of the liquid  hydrogen  tank is open to the  atmosphere and readily  detectable. 

A serious  disadvantage with  the heat s ink concept  concerns  extreme  sensitivity  to  the 
heating  environment,  compared with the  thermally  protected  concept. The latter  concept 
is relatively  insensitive  to  heating  rate and total  heat load since  most of the  thermal  energy 
is rejected by radiation.  Increases  can  be  accommodated by changes  in  surface  materials 
and/or  insulation  thickness. The heat s ink design, on the  other had, is relatively  inflexible, 
Within the  shuttle  ground  rules which currently  eliminate  consideration of extensive  use of 
ablatives,  increased  heat load can  be  compensated  only by increased  structural  shell  thick- 
ness, a change  which would  be difficult to  accomplish  late in the  program. 



CONCLUSIONS 

HEAT  SINK  BOOSTER  INDICATES  POTENTIAL FOR COST 
REDUCTION & EASE OF MANUFACTURING,  INSPECTION 
&MAINTENANCE 

@ 

@ 

HEAT  SINK  BOOSTER IS LESS TOLERANTTO  ENVIRON- 
MENTAL  UNCERTAINTIES  (WHICH  WILL  NOT BE RESOLVED 
UNTIL LATE IN PROGRAM) 

HEAT  SINK  BOOSTER  REQUIRES  MORE PRECISE DEFINITION 
OF "MAXIMUM" PERFORMANCE  REQUIREM.ENTS ' I  

Figure 8 



RECOMMENDATIONS 
(Figure 9) 

Largely  due  to  uncertainties in aerodynamic  heating  predictions  to  which  the  heat  sink con- 
cept is most  sensitive,  the  thermally  protected  booster is still  considered  to  be  the  most 
viable  concept  at  this point  in time. However,  the  potential  advantages of the  heat  sink 
arrangement  are so attractive  that  additional  study and supporting  experimental  work 
should be  pursued. A changeover  to  the  heat sink concept for  the body, should it  prove 
desirable, might be  accomplished later on in the  program. 
In view of this  possibility,  the  concept should  be retained  as  an  alternative  design  approach 
and effort should  be  expended  to  define the  necessary  design  criteria. A better  definition 
of the  maximum  mission  requirements  has  been  obtained  since  the  production of this  study 
material.  There  remains  a need for wind tunnel test  results and an  evaluation of heating 
uncertainties. When these  data  are  available,  the  comparison between  the heat  sink and the 
thermally  protected  concept should  be  completely reassessed. 
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RECOMMENDATIONS 

RETAIN TPS  BOOSTER FOR CURRENT  BASELINE  VEHICLE 

PURSUE DEFINITION OF PARAMETERS  REQUIRED  TO  DESIGN 
HEAT  SINK  BOOSTER 

RETAIN  HEAT  SINK  CONCEPT AS ALTERNATIVE  DESIGN 
APPROACH 

UPDATE  COMPARISON  UPON  RECEIPT OF 

UNCERTAINTY  ANALYSIS  RESULTS 
MAXIMUM MISSION  REQUIREMENTS 
WIND  TUNNEL  TEST  RESULTS 

Figure 9 





COMPARISON OF ACTIVE AND PASSIVE THERMAL PROTECTION 

SYSTEM WEIGHTS FOR A DEWA-BODY OFBITFB 

By H. D. Schultz  and F. L. Guard 
Lockheed Missiles & Space Company 

Sunnyvale, California 

SUMMARY 

A study was accomplished  which compares act ive and passive  Themal  Protection System (TPS) weights 
f o r  a delta-body  orbiter for crossrange up t o  1500 nautical   miles (NM). Two heat  shield  designs were 
considered: a clip-supported  metallic  heat  shield with 96-kg/m3 (6-lb/ft3) Dyna-Flex insulat ion,  and 
LI-1500, an  a l l -s i l ica ,   r igid  insulat ion  being  developed by Lockheed. I n  a l l  cases,  an aluminum pr i -  
mary st ructure  with 370% (2009)  temperature limit was assumed. For the passive  systems,  insulation 
was sized as a function of crossrange. For the   act ive systems, TPS insulation  thickness  and hardware 
were  optimized f o r  minimum weight a t  1500 NM. The reduction  in  expendable  coolant and auxiliary power 
unit (APU) f ie1  weights was then computed for  shorter  crossrange. The act ive TPS is  a redundant, 
indirect   act ive  cool ing system  which  uses  water-glycol as the  t ransport  f luid,  and water  and ammonia 
as expendable  coolants . 

Principal  conclusions  result ing from this study  are as follows: (1) Regardless of crossrange  an 
act ive TPS with L I - l 5 O O  heat   shield i s  the   l i gh te s t  weight of the   four  TPS concepts  analyzed,  (2) an 
act ive TPS i s  roughly one-half as weight  sensitive  to  crossrange as a passive TPS, and (3) fo r   bo th  
LI-1500 and metall ic  heat shields, the  passive TPS is  about  .I223 kg (2700 lb)  heavier   than  the  act ive 
TPS a t  200 NM crossrange and  about 2500 kg (5500 lb) heavier a t  1500 NM. 

INTRODUCTION 

The select ion of the  Space Shut t le   orbi ter  Thermal Protection System (TPS) will have a major 
impact on the ab i l i ty  of   the   shut t le   to  meet i t s  goal of  low cost  orbital  payload  delivery. This i s  
par t icu lar ly   t rue  for  those  configurations  capable of achieving  large aerodynamic crossrange  since 
the  entry  duration, and therefore  heat  input,   increases  significantly  with  crossrange. For a passive 
TPS, several  thousand kilograms of addi t ional  TPS weight are  required as the  crossrange is  increased 
from 200 t o  1700 NM. One method t o  reduce TPS weight sens i t iv i ty   to   c ross range ,  and  thereby  avoid 
most of the  payload  penalty  associated with a passive TPS, i s  t o  employ an  indirect  active  cooling 

N system. 
4 
CI 



OBJECTIVE/APPROACH 

(Figure 1) 

A thermal  protection  system  trade  study was performed t o  determine  the minimum weight  system 

for a del ta-body  orbi ter  as a funct ion of entry  crossrange. Both LI-1500 (a 240=kg/m [ l F l b / f t  ] 
al l -  s i l i ca ,   r ig id   insu la tor   be ing   deve loped   by  Lockheed)  and  metallic (columbium/Dyna-Flex) heat 

sh ie lds  were considered. The passive TPS u t i l i ze s   su f f i c i en t   i n su la t ion   t o   p reven t   excess ive   s t ruc tu re  

temperatures. The ac t ive  TPS i s  a redundant,   indirect   active  cooling  system which uses  water-glycol 

as the  transport   f luid,   and  water  and ammonia as expendable  coolants. 

3 3 

An outline  of  the  study  approach i s  shown. Whereas the  passive TPS i s  s ized  as a function  of 

crossrange,   the   act ive TPS i s  optimized  for minimum weight a t  a crossrange of 1500 NM. The r e su l t i ng  

ac t ive  TPS i s  therefore  capable  of  operation a t  any  crossrange up t o  1500 NM by  varying  the amount of 

expendable  coolant  and APU fuel ca r r i ed .  



OBJECTIVEIAPPROACH 

OBJECT I VE: 

0 COMPARE  ACTIVE  AND  PASSIVE  THERMAL  PROTECTION  SYSTEM 
WEIGHTS FOR A DELTA-BODY  ORBITER FOR ENTRY  CROSSRANGE 
UP TO 1500 NM. 

APPROACH: 

0 ESTABLISH  VARIATION IN THERMAL  ENVIRONMENT  WITH  CROSS- 
RANGE. 

e SIZE  PASSIVE  TPS  INSULATION FOR EACH CROSSRANGE. 

0 OPTIMIZE  ACTIVE  TPS  INSULATION  AND  HARDWARE FOR 1500 NM 
CROSSRANGE.  COMPUTE  REDUCTION IN EXPENDABLE  COOLANT AND 
APU FUEL  FOR SHORTER CROSSRANGE. 

0 COMPARE  RESULTING  TPS WEIGHTS. 

Figure 1 



DELTA-BODY ORBITER CONFIGURATION 

(Figure 2)  

The orbi ter   configurat ion i s  character ized by a 78 leading-edge-sweep  delta-lifting  bodyo 0 

For the   p resent   s tudy   the   o rb i te r  was s ized  as the   spacecraf t  of a stage-and-one-half  system which 

r e s u l t e d   i n  a reentry  planform wing loading of 239 kg/m (49 p s f ) .  The o r b i t e r  aerodynamic 

charac te r i s t ics   a re   such  tha t  maximum hypersonic   l i f t -drag  ra t io   and lirt coeff ic ient   occur  a t  

angles of a t t a c k  of 20’ and 55O, respec t ive ly .  

2 

Previous Lockheed  comparisons of act ive/passive TPS have shown a passive  upper  surface t o  be 

l i g h t e r  f o r  crossrange up t o  a t   l e a s t  1.500 NM. As a resul t ,   the   present   s tudy  considers   an  act ively 

cooled windward surface  area of 414 m (4455 f t  ),  which represents  about 36 percent of t h e   t o t a l  

surface  area.  The act ively  cooled  area  includes  the  ent i re   lower   surface a f t  of the  nose  cap skirt 

and  inboard of the  leading-edge  geometric  stagnation  l ine.  

2 2 



DELTA-BODY ORBITER  CONFIGURATION 

T I  ACTIVELY COOLED SURFACE 414 m *(a55 FT*) 
..... ... ... ............. ............. ............. ............. ............ ............. 

u 
Figure 2 



This f igure  shows the   four  TPS concepts  analyzed. The nonmetallic TPS cons i s t s  of 240 kg/m 3 

(15 lb / f t  ) LI-1500  bonded d i r e c t l y  t o  t h e  aluminum primary  structure.  The meta l l ic  TPS cons is t s  

of a clip-supported columbium heat   shield  with 96 kg/m (6  l b / f t 3 )  Dyna-Flex used t o   i n s u l a t e   t h e  

s t ruc tu re .  For inc reased   s t i f fnes s   t he  columbium outer  panel i s  formed with circular-arc   corrugat ions,  

using a pi tch  of  35.6 mm (1.4 i n . )  and a height of 3.56 mm (0.14  in.).  Consequently,  although  the 

en t ry   t r a j ec to r i e s   a r e   cons t r a ined   t o   p roduce  a smooth-panel  peak  temperature of 153OoK (2300 F) , 
local   temperatures  as high as 159OoK (240OOF) occur on the  corrugat ions.  

3 

3 

0 

For the  passive  systems,  insulation is s ized  for a 37OoK (200'F) backface  temperature. For t h e  

act ive  systems,   insulat ion  thickness  i s  optimized fo r  minimum TPS weight  and  the  structure i s  cooled 

by  flowing  water-glycol  through alwninum tubes which a r e   a t t a c h e d   t o   t h e   i n t e r i o r   s u r f a c e .  



LOWER SURFACE TPSlSTRUCTURAL  ARRANGEMENT 

240 KGM3 (15  LBFT? LI-1500 
ALUMINUM STRUCTURE 
ALUMINUM COOLANT TUBES 

L I   - 1 5 0 0   P A S S   I V E  L I  -1500 A C T I V E  

COLUMBIUM HEAT SHIELD 

ALUMINUM STRUCTURE 
ALUMINUM COOLANT TUBES 

- a  - Qd- - 96 KGIM3 (6 LBIFT3) ' DY NA +LEX .- J5 =- 

M E T A L L I C   P A S S   I V E  M E T A L L I C   A C T I V E  

Figure 3 
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ENTRY THEmAL E N v I R o m  

(Figure 4)  

The va r i a t ion   i n   t he rma l  environment a s  a function  of  crossrange was establ ished  by  generat ing 

temperature-constrained,  minimm-duration  entry  trajectories  for  the  naminal  crossranges shown. 

To minimize entry  t ime,  and  thereby TPS weight ,   the   vehicle . ' i s   banked as much as possible  without 

exceeding  .heating, dynamic pressure, o r  g-load limits. A lower-  surface/leading-edge  temperature 

limit of 153OoK (2300'F) was used   for   th i s   s tudy .  

. .  

The t r a j e c t o r i e s   a r e   b a s e d  on en t ry ,   tu rn ing  East, from a 270 NM, 55 i n c l i n a t i o n   o r b i t .  0 

Approximately 500 l!TM crossrange i s  obtained  for  

If desired,   this  crossrange  could  be  reduced by 

o r  TPS weight  would  be  achieved  compared t o  t h e  

bank reve r sa l ;  however,  no reduct ion  in   entry  t ime 

weight f o r  500 .NM. 

Due t o   t h e  small var ia t ion   in   insu la t ion   requi r ' ements  with lower-surface  locat ion,   the  TPS- 
~. . . 

weights  are 'oased on the  thermal  environment at two locations' ,  namely, t h e  lower . ,  center l ine  a t  ' 

25  and 75 percent of the  vehicle   reference  length.   Surface  temperature   his tor ies  a t  these  two loca- 

t i o n s   a r e  shown for   each   of   the   th ree   en t ry   t ra jec tor ies .  The e f f e c t  of increased  crossrange i s  a 

la rge   increase   in   en t ry   dura t ion   s ince  a l l  t h r e e   t r a j e c t o r i e s   a r e   c o n s t r a i n e d   t o   t h e  same lower 

surface peak  temperature. 
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PASSIVE INSULATION THICKNESS AND UNIT WEIGHTS 

(Figure 5) 

This  f igure shows the  required  insulat ion  thickness   versus   crossrange,   based on a 370 K 0 

(200'F) s t ructure   temperature  limit. The calculations  account f o r  t he   va r i a t ion  of thermal 

proper t ies  with temperature,  and  include  parallel  conduction  through  the Dyna-Flex insu la t ion  

and columbium c l i p s  f o r  t he   me ta l l i c  TF'S. To minimize insu la t ion   weight   the   s t ruc ture  i s  assumed. 

t o  be  cooled with a i r   s u p p l i e d  by a ground c a r t ,   s t a r t i n g  10 minutes   af ter  touchdown. 

TPS unit   weights  are  based on Lockheed in-house  studies  and  include  the  heat  shield. ,   insulation, 

c l ips   and   a t tachments ,   i . e . ,   every th ing   ex terna l   to   the   s t ruc ture :  

(w/A)LI- 1500 TF'S = 1.17 -k 2.51 t (kg/m2) 

where t i s  the   requi red   insu la t ion   th ickness   in   cen t imeters .  



P A S S I V E   I N S U L A T I O N   T H I C K N E S S   A N D   U N I T   W E I G H T S  
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ACTIVE COOLING SCHEMATIC 

(Figure 6) 

This   f igure i s  a schematic of t h e   i n d i r e c t   a c t i v e  cDoling  system. To minimize t h e   p o s s i b i l i t y  

of a ca t a s t roph ic   s t ruc tu ra l   f a i lu re   t he  system i s  completely  redundant,  with  the  exception  of  the 

expendable  water  and ammonia tanks,   and  their   pressurizing  source.  Ammonia replaces  water as t h e  

expendable  coolant when the   a l t i t ude   d rops  below  30.5 km (100,000 ft) . 
Panel  coolant  passages  are 3.55 mm (0.14  in.)   outside  diameter by 0.51 mm (0.020 in . )   t h i ck  

aluminum tubes which a r e   a t t a c h e d   t o   t h e   s t r u c t u r e  a t  25.4 mm (1.0 i n . )   i n t e r v a l s   f o r   t h e  LI-1500 

TPS and  30.50 mm (1.2 i n . )   i n t e rva l s   fo r   t he   me ta l l i c  TPS. The tube  length i s  0.914 m (3  ft), which 

corresponds t o   t h e   d i s t a n c e  between  frames. The water-glycol  f low  rate,   based on a 1 7 O K  (30°F) 

temperature   r ise  as it p s s e s  through  the 0.914 m ( 3  ft) coolant  passage, i s  55 kg/sec (I21 lb/sec)  

f o r   t h e  LI-1500 TPS and 42 kg/sec  (92  lb/sec) f o r  t he   me ta l l i c  TPS. 

In   the  event   of   fa i lure   of  one cooling  leg,   the  system i s  sized  such  that   the  remaining  leg 

would provide  sufficient  cooling  capacity t o  limit the   s t ruc ture   t empera ture   to  37OoK (200 F).  I n  

t h i s   c a s e   t h e  flow  through  alternate  tubes would be  zero  and  the  heat load would be  absorbed  by  tubes 

spaced a t  51  mm ( 2 . 0  i n .  ) in te rva ls   wi th  a flow r a t e  of 27.4  kg/sec  (60.5  lb/sec)  (using  the LI-1500 

TPS as an  example). 

0 
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WATER- CXYC OL DISTRIBUTION SYSTEH 

(Figure 7 )  

To minimize pumping requirements and variations  in  vehicle C.G., the expendable coolants,  heat 

exchangers, V I S ,  pumps and  motors are  located at the  centroid of the  area t o  be actively  cooled. The 

dis t r ibut ion system is divided  into two parts  with  separate  distribution  l ines  serving  the areas forward 

and a f t  of the  centroid.  After  the  water-glycol  leaves  the pump it passes  through a main feedline  manifold 

which runs  along  the  vehicle  lower  centerline. The water-glycol  then  enters  the  panel  feedline manifold, 

passes  through  the  panel  cooling  passages, is collected i n  the  panel  drain  line, and returned t o  the  heat 

exchangers  through  the  secondary and main re turn  l ines .  Since the  active  cooling system is redundant, two 

ident ical   d is t r ibut ion systems like  the one shown are  required, 



WATER-GLYCOl DISTRIBUTION SYSTEM 

0 LOCATION OF EQUIPMENT  (PUMPS, HEAT EXCHANGERS, ETC.) 
ARROWS  INDICATE  DIRECTION OF FLOW 

PANEL FEEDLl NE -, 
PANEL COOLANT PASSAGES 

PANEL DRAIN  LINE 
- \  

SECONDARY 
RETURN L I NE 

M A I N  RETURN LINE 

VIEW A 

Figure 7 
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DISTRIBUTION  LINE WEIGHT OPTIMIZATION 

(Figure 8) 

Distr ibut ion  system  tube  s izes   are   based on weight  and  pressure loss considerations.   This 

f igu re   i l l u s t r a t e s   t he   r a t iona le   fo r   s e l ec t ing   t ube   d i ame te r ,   u s ing   t he  main r e t u r n   l i n e  of t h e  

LI-1500 TPS forward  dis t r ibut ion  system  as   an example.  Weights of the  tube,   trapped  water-glycol,  

and APU fuel.  expended t o  pump the  water-glycol  through  the  tube  are a l l  p lo t ted   versus  the  tube 

diameter  and  then summed t o  determine  the  total   weight  versus  diameter.  The  minimum t o t a l  weight 

f o r   t h i s   l i n e   o c c u r s  a t  a diameter  of 43 mm (1.7 i n .  ) . However, the   p ressure  loss through  the  tube 

i s  extremely  sensit ive  to  diameter  (roughly t o   t h e   f i f t h  power) and a s izable   reduct ion  in   pressure 

loss  can  be  achieved a t  minor  weight  penalty. 

In  t h i s  case a tube  diameter  of 51 mm (2.0  in . )  was se lec ted ,  which r e s u l t s   i n  a 5.89 kg (13 l b )  

weight  penalty compared t o   t h e  weight-optimized  diameter of 43 mm (1.7 i n . ) .  System r e l i a b i l i t y  i s  

increased,  however,  because  the  pressure loss  i s  reduced from 462 t o  207 kN/m' (67 t o  30 p s i ) .  



DISTRIBUTION  L INE  WEIGHTOPTIMIZATION 

LI-1500 HEAT SHIELD,  FORWARD M A I N  RETURN  LINE 
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ACTIVE COOLING TPS  WEIGHT OPTIMIZATION 

(Figure 9) 

As stated  previously,  the  active  cooling system insulation and hardware a r e  optimized for  operation 

a t  1500 NM crossrange.  This  figure shows the  unit weight of insulation,  heat  exchangers (HX) and 

expendable  coolant as a h c t i o n  of insulation  thickness f o r  the  LI-1500 and metallic  heat  shields. 

These weights a r e  summed t o  determine,  approximately,  the  insulation  thickness which r e s u l t s   i n  

minimum active  cooling  system  weight. Optimum insulation  thicknesses  are 1-9 mm (0.75  in. ) fo r   t he  

LI-1500 TPS and 38 mm (1.50  in.) fo r  the  metall ic TPS. These optimized  thicknesses  are  considerably 

different,   despite  the  identical   thermal environment,  because active  cooling  system  weights  are  traded 

against 240 kg/m 3 (15 lb/f% 3 ) insulation  for  the LI-1500 TPS and 96 kg/m3 (6 l b / f t  3 ) insulation for t he  

metall ic TF'S. 
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A C T m  TPS WEIGHT STATEMENT 

(Figure 10) 

This  table shows a weight breakdown fo r   t he  LI-1500 and  metall ic TPS for  each of the   th ree   en t ry  

t r a j e c t o r i e s .  Because active  cooling  system components are  optimized  for 1500 NM, only  the  expendable 

coolant  and M U  fuel  weights  vary  with  crossrange.  Water-glycol  distribution  system  weights  are  based 

on a detai led  analysis ,   wi th  a l l  l ines   s ized  by the  procedure  outlined  previously. Tubing  weights  include 

a nonoptimum fac tor  of 1 . 5  t o  account  for  fittings,  attachments,  and  an  expansion  tank.  Included  with  the 

d i s t r ibu t ion  system  weights i s  an  estimate  of  23 kg (50  l b )   f o r  flow  meters,  valves,  and  control  devices. 

Heat exchangers a r e  of the  shell-and-tube  type  with  the  expendable  coolant  located  outside  the  tubes  and 

the  water-glycol  passing  through  the  tubes. The tubes   a re  6.35 mm (0.25  in.)  outside  diameter  and 0.635 mm 

(0 .O25 in .   t h i ck .  The heat  exchanger  weights  include a 20  percent nonoptimum fac to r ,   app l i ed   t o   me ta l l i c  

components, t o  account  for  attachments  and  vapor  exhaust  ducting. Also included  are  weights for trapped 

expendable  coolant  based on the  assumption  that  the  heat  exchangers  are full of  coolant when t h e i r  opera- 

t i o n  i s  terminated. 

Weights  of  expendable  coolants were computed'by  dividing  the  integrated  structure  heating  rate by 

a heat of vaporization of 2.32  x 10 J/kg (1000 Btu/lb)  for  water  and 1.16 x 10 J/kg (500 Btu/lb)  for 

ammonia. Coolant tanks  and  supports were taken as 12 percent  of  the  coolant  weight. Power t o  pump the  

water-glycol i s  supplied  by  an APU, which i s  assumed t o  weigh  6.08  x 10 kg/W (1.0 lb/hp). The APU 

6 6 

-IC 

and  motor was obtained from Figure 29 of Reference 1. 

Although  not shown, the  weight penal ty   associated  with  the  use of  a redundant  cooling  system i s  

U9O kg (2632 lb) f o r   t h e  LI-1500 TPS and 950 kg (2086 lb )   fo r   t he   me ta l l i c  TPS. 



ACTIVE  TPS WEIGHT STATEMENT 

c ITEN 

He at Shield 

Water-Glycol Distribution System 

Panel  Coolant  Passages 

Valves, Flow Meters,  Sensors 

Heat Exchangers (Water Boilers) 

Heat  Exchangers (Ammonia Boilers) 

Expendable  Water 

Expendable Ammonia 

Water Tanks and Supports 

Anrmonia Tanks and Supports 

Water-Glycol Pump and Motor 

APU +, Fuel 

COTAL WEIGHT (lb; 1 lb = 0.453 kg) 

JNIT WEIGHT ( Ib/ft2 ; 1 lb/ r t2  = 4.88 kg/tn2) 

LI-I500 HEAT SHIELD 

101b NM 

5,453 
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50 
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COMPARISON OF ACTIVE TPS WEIGHTS 

(Figure 11) 

This   t ab le  compares t h e   m e t a l l i c  TPS active  cooling  system  weight breakdown f o r  1513 NM 

crossrange with values computed  by  weight factors   reported  in   Reference 1. The t o t a l  TPS weights 

d i f f e r  by only 96 kg (212 l b ) .  These a re   s ign i f icant   d i f fe rences ,  however, in  heat  exchanger 

and APU fuel   weights .  The heat  exchanger  weights  used  during the present   s tudy   a re   re la t ive ly  

la rge  due t o   t h e  assumption that  they  are f i l l e d  with trapped  coolant when the i r   ope ra t ion  i s  

terminated. The APU f u e l  weight  from  Reference 1 i s  based  only on surface  area (0.488 kg/m2, 

0.10 lb/f’t2), and  consequently, i s  only a rough  estimate. The present   analysis ,  which accounts 

f o r  APU power and  operating  time, i s  b e l i e v e d   t o   b e  more accurate .  



COMPARISON OF ACTIVE  TPS  WEIGHTS 

METALLIC  TPS; 1513 NM CROSS-RANGE 

He at Shield 

Water-Glycol Distribution System 

Panel  Coolant  Passages 

Valves, Flow Meters,  Sensors 

Heat  Exchangers  (Water Boilers) 

Heat Exchangers (Ammonia Boilers) 

Expendable  Water 

Fkpendable Ammonia 

Water  Tanks and Supports 

Ammonia Tanks and Supports 

Water-Glycol Pump and Motor 

AFTJ + APU Fuel 

TOTAL WEIGHT (lb, 1 lb = 0.453 kg) 

T WEIGHT  FROM 
PRF1SNT STUDY (LB) 

9,921 

1,235 

768 

50 

1,348 

281 

2 , 036 

32 1 

350 

49 

110 

262 

16,731 

Figure 11 



LOWER SURFACE TPS WEIGHT COMPARISON 

(Figure 12) 

This  f igure shows passive  and  active TPS weights as a function of  crossrange  for  the LI-1500 

and  metall ic  heat  shields.   Regardless of  crossrange,  the LI-1500 ac t ive  TPS i s  t h e   l i g h t e s t  of t h e  

four  systems  analyzed. For both LI-1500 and  metall ic  heat  shields,   the  active  system weighs  about 

1223 kg (2700 lb) l ess   than   the   pass ive  a t  low crossrange  and  about 2500 kg (5500 lb) l e s s  a t  high 

crossrange. 
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TPS WEIGHT DISTRIBUTION 

(Figure 13) 

This f igure shows the   cont r ibu t ion   of   var ious   i t ems   to   the   to ta l  TPS weight. A s  shown, t h e  

weight  advantage of an LI-1500 ac t ive  TPS i s  due to   the   except iona l ly   l igh tweight   hea t   sh ie ld  

2470 kg or 5.93 kg/m (5453 lb or 1.22 lb/ft ) which r e s u l t s  from the  weight-optimized LI-1500 

thickness  of 19 .O5 mm (0.75 i n .  ) . For the   me ta l l i c   ac t ive  TPS the  heat  shield  weight i s  4500 kg 

2 2 

(9,921 lb) , of which 2630 kg (5,805 lb) i s  a "fixed"  portion,  independent  of  insulation  thickness, 

consis t ing  of   the columbium outer  panel,  clips  and  attachments. 
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CONCLUSIONS 

(Figure 14) 

Study  conclusions  are summarized on the   a t tached   char t .   In   genera l ,   the   ac t ive ly  cooled TPS 

of fe r s  a significant  weight  reduction compared to   pass ive   sys tems  and   a l so   increased   versa t i l i ty .  

For these  reasons  act ive TPS i s  f e l t   t o  warrant more de ta i led   inves t iga t ion .  



CONCLUSIONS 

ADVANTAGES OF ACTIVE  TPS ARE: 

0 LOWEST WEIGHT  REGARDLESS OF CROSSRANGE. 

0 REDUCED WEIGHT SENSITIVITY TO CROSSRANGE. 

0 ALLOWS FOR TPS  INTEGRATION WITH ECS  AND  ORBIT  THERMAL 

0 PROVIDES  ABILITY TO REDUCE TPS WEIGHT FOR M I S S I O N S  

0 ELIMINATES LOW  SPEEDIGROUND  STRUCTURAL COOLING 

CONTROL. 

REQUIRING LESS THAN  DESIGN CROSSRANGE.. 

REQUIREMENTS. 

POTENTIAL D l  SADVANTAGES ARE: 

0 INCREASED  COSTS 

0 DECREASED RELIABIL ITY 

Figure 14 
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1. Anthony,  Frank M. and Huff, Roland D. :  Analytical   Evaluation of Actively  Cooled  Modified Monocoque 
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ENVIRONMENTAL TESTING FOR EVALUATION OF 

SPACE SHUTTLE THERMAL PROTECTION MATERIALS AND SYSTEMS 

By Howard K. Larson,  Frank J. Centolanzi, Nick S. Vojvodich, 
Howard Goldstein, M. Alan  Covington, and Fred  W. Matting 

NASA Ames Research  Center 
Maffett F i e l d ,  Calif. 

INTRODUCTION 

The Ames material evaluation and f a c i l i t y  development  program has been underway f o r  more than 

a year. During t h i s  time a considerable amount of material  thermal  response  data have been  obtained. 

Analyses,  which are based i n   p a r t  on in te rpre ta t ion  of these  data,  have  been  developed  and we have 

thereby  achieved a better  understanding of how to  relate ground-based test r e s u l t s   t o   f l i g h t  per- 

formance. In   addi t ion,  comparison of the  results  with  the  expected  space  shuttle environment  has 

permitted a meaningful  definition (and use) of f a c i l i t i e s  and tes t  techniques.  This in   tu rn   has  

r e s u l t e d   i n   t h e   f a c i l i t i e s  under construction as well as the   def in i t ion  of the  new f a c i l i t i e s   t h a t  

have  been  proposed. It i s  the  purpose of t h i s  paper t o   desc r ibe   t he   r e su l t s  of t h e   i n i t i a l   t e s t i n g  

and analysis  phase of the  program and t o  show  how these   resu l t s  have  influenced  the  current program 

and formulation  of  future  plans, 

The f i r s t   f i g u r e  which follows w i l l  describe  an  overview of the problems  of shu t t l e   t e s t ing  

relative  to  our  past  experience. 



G) ORDER OF MAGNITUDE  ASSESSMENT OF SIMULATION REQUIRENENTS 
0 
h) (Figure 1) 

This   f igure  presents   an "order-of-magnitude"  view  of t h e  problem of environmental  simulation 

of shut t le   thermal   protect ion materials and  systems compared to  our  past   experience.  The  problem  of 

f a c i l i t y   u t i l i z a t i o n  re la t ive t o  manpower and dol lar   resources   can  be  appreciated by the  product  of 

exposure time and number of  exposures. It can   be   seen   tha t   the   shut t le  problem is  three   o rders  of 

magnitude la rger   for   each  material o r  system  under  study.  Facility power requirements   for   shut t le  

t e s t ing  are d i c t a t ed  by the   l i s ted   supersonic ,   tu rbulen t  boundary layer  and large  panel  sizes. This 

was desc r ibed   i n  a paper by R. Howell  of  Langley a t  t he   Shu t t l e  Conference i n   J u l y  1970: Fina l ly ,  

the  accuracy  of  measurements  of  surface  recession rates i s  important i n   l a b o r a t o r y  measurements. It 

can  be  seen  that  four  orders  of  magnitude  separate  our  past  experience from shuttle  requirements.  

The material evaluat ion program i n i t i a t e d  a year   o r  so ago dramatically  revealed  these  problems 

t o  u s .   I n   o u r   f i r s t  test series we exposed s ing le  samples t o  a stream f o r  30 t o  50 exposures  of 1800 

seconds  each f o r  a t o t a l  of f i v e  sequences.  This  required 3 months  elapsed time and  on-line arc-jet 

operation time exceeding  the  six-year  history  of  the arc-jet laboratory.  It became very clear tha t  

material t e s t ing  time and cos ts  had to  be  reduced a t  least  an  order  of  magnitude. The r e s u l t s  of t h i s  

test program also  demonstrated  the  importance of simulating  the  gas  f low and associated  parameters. 

This w i l l  be shown in   t he   fo l lowing   f i gu res .  

* Howell, R. R.: T e s t   F a c i l i t i e s  for Space Shut t le  Thermal Protect ion System. Space Transportation 
System Technology Symposium, NASA 'Dl X-52876, Vol. 111, 1970, pp. 229-238. 



SPACE SHUTTLE  THERMAL PROTECTION 

ENVIRONMENTAL SIMULATION - MODERATE  CROSSRANGE 

PARAMETER REQUIREMENT MAIN BODY OF 
EXPERIENCE 

HEAT TRANSFER RATE I - 100 W/cm* 100 - 1000 

LOCAL  MACH NUMBER 0-10 0. - I 

BOUNDARY LAYER  TYPE  TURBULENT  LAMINAR 

EXPOSURE TO ENVIRONMENT 1000 SeC/eXp 100 

NUMBER OF EXPOSURES 100 I 

SURFACE  RECESSION RATE 10-9 m /sec 10-5 m/sec 

SURFACE MATERIALS METALS, SILICA POLYMERS, 
CARBON  CARBON  AND SILICA 

SAMPLE  SIZE IO cm I cm 
Figure 1 
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DEPENDENCE OF MASS LOSS ON TEST ENVIRONMENT OF TD-NiCr 

(Figure 2)  

In   recent   years ,  most of the  research  directed toward evaluat ing  oxidat ion  res is tant   a l loys  has  

been  conducted i n  a s t a t i c  environment.  Alloys  tested i n   t h i s  manner tended  to  gain  weight  slowly 

with time. More recent ly ,  tests have  been  conducted on TD-nichrome in   a r c - j e t s  which more closely 

simulate  space  shuttle  entry  conditions.   In  this  environment,  TD-nichrome loses   weight   s teadi ly   with 

time, an  apparent   contradict ion  with  the  s ta t ic  tests. The mass losses  in  the  flowing  environment are 

dependent upon temperature,  pressure,  and  enthalpy.  This  figure shows the  differences between arc-jet 

resul ts   obtained a t  Ames and s t a t i c  test  resul ts   obtained by B. S t e in  of  Langley  and  demonstrates t h a t  

the  extremely low mass loss rates can be  determined  with  adequate  accuracy. A theoret ical   t reatment  

descr ibed  in   the  next   s l ide  has   sat isfactor i ly   explained  the  observed  behavior .  
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DIMENSIONLESS MASS LOSS RATE FOR TD-NiCr I N  HYPERVELOCITY A I R  FLOW 
( F i w e  3 )  

The weight  loss of a metal i n  a flowing  gas  environment may r e s u l t  from spallation,  sublimation, 

oxidation,  etc.  An ana lys i s   fo r  TD-NiCr has shown tha t   the  measured  weight l o s s  i n   a r c   hea t ed  a i r  

can  be  predicted by an   ana ly t i ca l  model  which accounts  for boundary layer   d i f fus ion   cont ro l led  

oxidation and  sublimation  of  the chromium oxide  scale.  A comparison of the  dimensionless mass l o s s  

ra te  B'w ( i . e . ,  mass l o s s  rate divided by hea t   t ransfer   coef f ic ien t )   p red ic ted  by theory  with  the 

experimental  data is shown i n   t h i s   f i g u r e .  When the   p ro tec t ive   sca le  i s  removed the TD-NiCr a l l oy  

oxidizes and  degrades much more rapidly  than i t  would i n  s t a t i c  a i r .  Therefore, s t a t i c  oxidation 

test da t a  w i l l  ind ica te   longer   use   l i fe   than  is l i k e l y   i n  flowing  environments. An implication of 

the model f o r  TD-NiCr is t h a t  many oxides  such as MOO Si02 and  Cr203 may be  subject   to  

increased,  possibly  excessive,   volati l ization  in  convective  heating  environments.   This  in  turn 

3' v2°5' 

would increase  the metal l o s s  and shor t en   u se   l i f e .  On the   bas i s  of these  considerations  convective 

heating tests of the  candidate metall ic hea t   sh ie ld  materials are necessary 



DIMENSIONLESS MASS LOSS RATE FOR TD-NiCr  IN 
HYPERVELOCITY AIR FLOW 

10-4 

W + 
E 
tn 

a 

tn II 

t n x  
a ”  
= a  

 IO-^ 

1 THEORY 

R 

0 6.7 (2900) 2.0X103  (.02) STAGNATION  POINT 
A 4.9 (21 00) 4.0 X IO3 (.04) STAGNATION  POINT 

- MJ/kg (Btu/lb) N/m2 (aim) 

fl I 1.6 (5000) 2.0 X 103(.02) WEDGE FLOW 

I I I 

1200 1300 1400 1500 1600 
O K  

1 I I I I I 1 I 

TEMPERATURE, OF 
1700 1900 2100 2300 

Figure 3 



MULTIPLE  SAMPLE STAGNATION TEST  SUPPORT 

(Figure 4) 

Most of   the   ear ly  work i n  arc-jets d i rec ted  toward evaluating metallic TPS*candidates was done 

with  only  one  or  two samples i n   t h e  stream. In   o rde r   t o   i nc rease   t he   e f f i c i ency  of these  tests a 

multiple  sample  support was constructed.  This  technique  enables as many as e ight  materials t o   b e  

tested  simultaneously.  Moreover, s ince   the   co ld  wall heating  to  each  sample i s  about  the same, 

the  equilibrium  temperature of each  sample will be  dependent upon i t s  emissivity.  Each sample i s  

backed by Ames' low-density s i l i c a  insu la t ing  material t o  reduce  the  rearward  flow  of  heat. Tempera- 

t u re s  are monitored  with a thermocouple  spotwelded t o   t h e  rear of  each  specimen  and by o p t i c a l  

techniques  through  observation  ports.  A calorimeter mounted a t  the  center  of the  support  and pressure 

or i f ices   d i s t r ibu ted   across   the   suppor t   p rovide   d i rec t  measurements of heat ing rate and  pressures 

during  the tes t .  

*TPS - themal protect ion system. 
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LAMINAR-FLOW ARC-JET TESTS USING MULTIPLE SAMPLE SUPPORT 
(Figure 3 )  

A t yp ica l  tes t  r u n   i n   t h e  Ames Aerodynamic Test Fac i l i ty   us ing  a multiple  sample.support  

is shown i n   t h e  accompanying f igure.  The 20.3cm (8-inch)  diameter  sample  support accommodates 

8 samples. The nozzle exi t  shown is 61cm (24  inches) i n  diameter. A f ront   sur face   mir ror   loca ted  

a t  t he  edge  of the  nozzle  i s  used for   taking  radiometr ic  measurements  during  the  run.  Surface 

pressures  and enthalpy  during  the tes t  were maintained a t  about 9.3 x l o 2  N/m (.009 atm)  and 

9.3 x 10  J/kg (4000 Btu/ lb) ,   respect ively.  The equilibrium  temperatures,  which were dependent 

2 

6 

upon sample  surface  emissivity,  ranged  between 1366'K (2000°F)  and 1444°K (2140°F). The composition 

of the  materials l o c a t e d   i n   t h e  sample  support are described i n   t h e   n e x t   f i g u r e .  



Figure 5 



MULTIPLE  SAMPLE TEST AFTER 50 CYCLES 
(Figure 6) 

A photograph  of  the  multiple  sample  support  after 50 test cycles  of 1800 seconds  duration is 

shown i n   t h i s   f i g u r e .  The metall ic specimens are  ident i f ied  c lockwise  s tar t ing from the  top as 

follows : 

1. TD-Ni-20Cr 5. TD-Ni-20Cr-15Fe 

2. HS-188 6. TD-Ni-16Cr-3.5Al 

3. DS-Ni-20Cr 7. TD-Ni-20Cr-3.5Al 

4. TD-Ni-lGCr-(x)Al-0.4Y(Proprietary) x >3.5 8. TD-Ni 

The color  variation  observed on some of the  specimens i s  probably  due  to  temperature  gradients 

across   the sample. The next   f igure  contains  a tabula t ion  of t he   pe r t inen t ,   p re l imina ry   r e su l t s  of 

these tests. 

In t h i s   r ecen t  tes t  series, e igh t  samples  of d i f f e r e n t   a l l o y s  were exposed 50 times for   per iods  

of 1800 seconds.  These tests were completed i n  less than  three weeks  and time and cos t s  of exposing 

samples were reduced essentially  an  order  of  magnitude. 

The observed  differences in   surface  temperature  and the re fo re   i n   t hese  tests a t  constant  heating 

rate of similar a l loys  lead one t o  quest ion the comparative  evaluation of  competing materials at 

equal wall  temperatures  since i t  is  t h e  aerodynamic heating ra te  tha t   needs   to   be  accommodated a t  
I 

var ious   loca t ions  on the  vehicles .  



MULTIPLE  SAMPLE  TEST  AFTER 50 CYCLES 
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PRELIMINARY  RESULTS OF MULTIPLE  SAMPLE  STAGNATION  TESTS 
(Figure 7 )  

Arc-jet tests have  been  performed on e igh t   a l l oys  of c u r r e n t   i n t e r e s t   i n   t h e   s p a c e   s h u t t l e  

technology  program  and were described i n  the  previous  f igure.  The unique  feature  of  these tests 

i s  t h a t   t h e  samples were simultaneously  exposed t o   t h e  a i r  stream. With this   technique,   the   heat ing 

rates and surface  pressures  for  each  of  the  samples were nearly  equal.   During  the  f irst  few cycles  

the  temperatures  varied  considerably from  sample t o  sample  and a l so   wi th  time because  of  varying 

emissivities. However, as the  samples  developed  stable  oxides  on  their   surfaces,   the  temperatures 

became essent ia l ly   cons tan t   wi th  time and are shown as nominal  temperatures i n   t h e  accompanying table .  

The resulting  temperature  differences  between  samples are due to   varying emissivities. The emissivi ty  

d i f fe rence  between the   ho t t e s t  and the  coldest   sample i s  estimated  to  be  about 0.2. The to ta l   weight  

changes f o r  each  sample are a l s o  shown. The samples are currently  being  sectioned and subjec ted   to  

metallurgical  examination. 



PRELIMINARY RESULTS OF MULTIPLE  SAMPLE STAGNATION  TESTS 
P, = 933 N/m2 H+= 9.3 MJ/kg 50 CYCLES 

CYCLE = 1800 sec JANUARY, 1971 

POSITION MATERIAL NOMINAL T 
O K  ( O F )  AM,mg 

I '  1 TD-Ni-20 Cr 

I HS-188 

l 3  I DS-Ni-20 Cr 

4 TD-Ni-16 Cr-(X) AZ-0.4 Y 
+ 1365 (2000) (PROPRIETARY) x >3.5 

5 - 30 1400 (2060) TD-Ni-20 Cr-15 Fe 

6 + 3 1400 (2060) TD-Ni-16 Cr-3.5 A2 

I 7 1 TD-Ni-20 Cr 3.5 A2 11445 (2 l40d - 45 

I 8 I TD-Ni 

Figure 7 
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AMES CONTRACT TEST PROGRAM  FOR THERMAL SCREENING OF CANDIDATE SSV MATERIALS 

(Figure 8) 

The f i r s t  phase of procurement i s  now being  negotiated.  Approximately 667 hours  of arc-jet 

tests w i l l  be  conducted on materials in   o rde r   t o   s e l ec t   t hose  worthy  of  additional  study and de- 

velopment.  Six  samples w i l l  be  arranged  on  the  front of two 11.4cm (4-1/2inch)  diameter f l a t   f a c e d  

models  which w i l l  be  sequentially  cycled i n  the  tes t  stream. In  order  to  avoid some of t he  problems 

encountered a t  Ames and other tes t  f a c i l i t i e s   w i t h  welded  thermocouple j o i n t s   t h e  sample  backface 

temperature w i l l  be  measured  with a high  temperature  spring-loaded  Platinel  thermocouple  which w i l l  

be  an  integral   par t  of t h e   t e s t  module  and  hence will provide a common b a s i s   f o r  comparison of a l l  

tes t  materials. Automatic  scanning of the  f ront   face  temperature  w i l l  be  provided  since  the tempera- 

t u r e  of the  various  samples w i l l  d i f f e r   i n   t h e  same environment  due t o  d i f fe rences   in   emiss iv i ty  

discussed  previously.   In  addition,  the  temperature of the back-up in su la t ion  w i l l  be  monitored a t  

three  in-depth  positions. The environmental test philosophy i s  to   dupl ica te   the   f l igh t   en tha lpy ,  

hot-wall  heating ra te ,  and hea t   t ransfer   coef f ic ien t  by t e s t ing  a t  pressures  lower  than  those  expected 

on the  ful l -scale   vehicle .  The various classes of mater ia ls  w i l l  be  tested  over  the  following  range 

of  temperatures: 

Metal l ics  

Surface  Insulators 

Ablators 

1255 - 1477°K (1800 - 2200°F) 

1477 - 1811°K (2200 - 2800°F) 

1477 - 1922°K (2200 - 3000°F) 

I 



AMES  CONTRACT TEST PROGRAM FOR THERMAL SCREENING 
OF CANDIDATE SSV TPS MATERIALS 

0 PROVIDE  LOW  COST  SCREENING  TESTS  OF 
I .  METALLICS LEWIS, MSFC 
2. SURFACE  INSULATORS MSC 
3. ABLATORS LANGLEY 

0 TO DETERMINE: 
I .  OXIDATIVE  BEHAVIOR AS A  FUNCTION  OF  TEMPERATURE 

IN A LAMINAR BOUNDARY LAYER 
2. INFLUENCE 0F.NUMBER OF CYCLES (30, 45, 90) 

AND  CYCLE  DURATION (30, 20, IO min) 
3. EFFECT OF HEAT TRANSFER COEFFICIENT 
4. EMISSIVITY 

0 CONTRACTOR TASKS: 
I .  DESIGN  AND  FABRICATE  MODELS (MULTIPLE SAMPLES) 
2. PROVIDE  CALIBRATED  ARC-HEATED AIR STREAM 
3. CONDUCT TESTS AND MAKE APPROPRIATE  MEASUREMENTS 
4. PROVIDE  AMES  WITH TESTED SAMPLES FOR ANALYSIS 

Figure 8 



REQUIREMENTS FOR TURBULENT FLOW SIMULATION 
(Figure 9) 

'The requirements  for  turbulent  f low  simulation i s ,  of course,   re la ted  to   the  assessment  of 

boundary-layer  transition  Reynolds number predictions.  These  predictions are uncertain and the  

most conservative c r i te r ia  r e s u l t   i n  a prediction  of  supersonic  turbulent  f low on shut t le   vehic les .  

The reason  turbulent  flow  simulation is important is  related  to   the  higher   pressures ,   shears ,  

acoustic  loads,  and hea t   t ransfer   coef f ic ien ts  of the  turbulent  f low a t  a given  heat   t ransfer  ra te  

as well as to   the  fundamental   d i f ference  in   interact ion  heat ing of flows  over  imperfect:  surfaces. 

By t h i s ,  w e  mean panel  joints,   corrugations,   thermal  distortions,   protuberances,   etc.  

Since  the  turbulent boundary l aye r  is so  th i ck  due t o   l a r g e   s h u t t l e  dimensions,  one  would 

a n t i c i p a t e   t h e  small dimensions shown i n   t h i s   f i g u r e   t o   b e   o f  l i t t l e  concern.  This  figure shows 

a current   panel   joint   design and i t s  characterist ic  dimensions.  A comparison of these  dimensions 

should  be made with  the  laminar  sub-layer  thickness  calculations on the  following  figure. 



RECENT,  COLUMBIUM TPS PANEL 
JOINT DESIGN 

Figure 9 



VARIATION  OF  CALCULATED LAMINAR SUB-LAYER THICKNESS WITH MACH NUMBER FOR TURBULENT FLOW 
(Figure IO) 

I n   o r d e r   t o  assess the  importance  of  the  requirement  of  providing a turbulent-boundary-layer 

tes t  flow,  calculations were made of t he  laminar sub-layer  thickness  for a pa r t i cu la r   veh ic l e  and 

t ra jectory.   Al though  the  resul ts  w i l l  be   a f f ec t ed   t o  a degree by t h e   l o c a l  edge  conditions  and 

hence   t r a j ec to ry   de t a i l s  and configuration, i t  i s  be l ieved   tha t   the   ca lcu la t ions  are representat ive 

of  most s h u t t l e   e n t r y  modes. The f igu re  shows that   the   sub-layer   thicknesses  are r e l a t i v e l y  small 

even  though the  boundary layer   has  had a relat ively  long  run  of  46 meters (150 feet).  Accordingly, 

it can  be  concluded tha t   cons iderable   por t ions  of t he  SSV*surface w i l l  be   "effect ively rough" 

because   i r regular i t ies  w i l l  exceed  sub-layer  thicknesses.  Testing in   t u rbu len t   duc t s  i s  needed, 

therefore,   to  determine  the  convective  heating levels over  both smooth  and rough  surfaces and a t  

points  of gross   sur face   i r regular i ty   such  as p a n e l   j o i n t s  and  protuberances.   Present  analytical  

techniques  for   predict ing  heat   t ransfer   in   such  s i tuat ions are subjec t  t o  grea t   uncer ta in ty ,  

Furthermore,  experiments are r equ i r ed   t o  assess the  influence  of  such  non-uniformities  in  the 

geometry  on TPS panel  performance. 

*SSV - space  shut t le   vehicle .  



VARIATION OF CALCULATED LAMINAR SUB-LAYER THICKNESS 
WITH' MACH  NUMBER FOR TURBULENT FLOW 
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THE AMES RECTANGULAR TURBULENT-FLOW  APPARATUS 
(Figure 11) 

In   order   to   provide  the  cont inuous  f low of turbulent,  supersonic,  high-temperature  gas  required 

for   the  thermal   evaluat ion of r e l a t i v e l y   l a r g e   f l a t  tes t  specimens  of  candidate TPS materials f o r   t h e  

space   shut t le ,  a water cooled  nozzle-test   section (Mach  number 3.3) has  been  coupled to   the   L inde  

N-4000 arc heater.  Operation a t  the   h ighes t   poss ib le   loca l  Reynolds numbers r equ i r e s   t ha t   t he  

f a c i l i t y   b e   r u n  a t  high mass flow rates which, i n   t u r n ,   r e s u l t s   i n  low to t a l   en tha lp i e s .  Two modes 

of heater   operat ion were u t i l i z e d   t o  expand the  range  of   a t ta inable  Reynolds  numbers: I n  the f i r s t ,  

a l l  of t he  tes t  gas  flows  through  the arc; while   in   the  second,   di lutant   gas   ( .38 of t o t a l )  was added 

downstream  of t he  arc  to   ge t   h igher  mass flow rates. The range i n   p e r t i n e n t   f a c i l i t y   o p e r a t i o n a l  

parameters is  as follows: 

Total   Pressure 3.4 x l o5  - 43 x 1 0 ~ ~ / ~ 2  (3.3 - 42atm) 

Enthalpy 1.2 x 106 - 7 x 106J/kg (500 - 3000 Btu/lb) 

Unit  Reynolds Number 25.6 x l o 4  - 13.4 x l o6  per  m (7.8 x l o 4  - 4.1 x lo6  per  f t )  

Tota l  Power Input .4 x 106 - 2.7 x lo6 W 

Mass Flow Rate .068 - 1.36 kg/sec  (.15 - 3.0 lb/sec)  

A 10.2cm x 15.2crn ( 4  in.  x 6 in.)   cutout is provided i n   t h e  lower  tunnel wall t o  accommodate e i t h e r   t h e  

desired tes t  specimens o r  a water-cooled  cal ibrat ion  plate .   Instrumentat ion mounted on the  upper wall 

includes  convect ive  heat   t ransfer   gages,   pressure  or i f ices ,  and a to ta l   rad ia t ion   pyrometer   for  measure- 

ment  of  test-sample  surface-temperature  history. 



RECTANGULAR TURBULENT-FLOW APPARATUS 

ARC-HEATER 

Figure 11 



COMPARISON OF RECTANGULAR DUCT CONVECTIVE HEATING 

MEASUREMENTS WITH THEORY 

(Figure E) 

The most d i r e c t  method  of assessing  the  nature  of  the  boundary-layer  flow i s  t o  compare the  

level and trend of the  measured  cold-wall  heating rates with  appropriate  theory.  The da ta  which 

were measured with  rapid  response,  water-cooled Gardon type  gages  represent the average  obtained 

a t  t h e  test sec t ion   loca t ion .  The laminar  and  turbulent  predictions were performed as a funct ion 

of enthalpy  using  the  f lat-plate  theory  of  Dorrance  for a wall t o  edge  temperature r a t i o  of 0.1. 

The da ta  are divided  with  respect   to   total   enthalpy.  The agreement  of the  theory  with  the  data  

a t  both levels of enthalpy  sat isfactor i ly   demonstrates   the  exis tence  of   turbulent   f low  over   the 

f u l l  range  of  pressure. 



COMPARISON OF IIIx 5" DUCT HEAT TRANSFER DATA WITH THEORY 
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INFLUENCE  OF  STREAM TOTAL ENTHALPY ON HOT-WALL 

HEATING RATE AND WALL TEMPERATURE 

m w e  13) 

One of the  major  consequences--in terms of f a c i l i t y   s i m u l a t i o n  requirements--of t e s t ing  a t  

t he  low enthalpies   associated  with  high Reynolds number flows i s  the  reduct ion  in   the  cold-wal l  

hea t   t ransfer .  The wall enthalpy a t  surface  temperatures   of   interest   for  the s h u t t l e  TPS systems 

approaches  the  magnitude  of  the  boundary-layer-edge  value  with  the  attendant  effect  on  the 

resul tant   hot-wal l   heat ing.   This   effect  was ca lcu la ted   for   an  assumed emissivi ty  of .8 and a 

spec i f ic   hea t   o f  .26 appropr ia te   for  a i r  using  an i t e ra t ive  program. 
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INFLUENCE OF TEST STREAM ENTHALPY ON 
HEATING RATE AND  EQUILIBRIUM WALL TEMPERATURE 
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COMPARISON OF AMES TEST  FACILITY HEATING PARAMETERS 

WITH EXPECTED  SHUTTLE ENVIRONMENTS 
(Figure 14) 

The most  important TPS simulation  parameters  for  studying  the  surface  thermochemical phenomena 

f o r   t h e   s p a c e   s h u t t l e   v e h i c l e  are the   ho t  wall heat ing ra te ,  enthalpy level  and the   assoc ia ted  wall 

temperature. The range  of  laboratory  conditions  provided by the   ex i s t ing  Ames laminar and turbulent  

f l o w   f a c i l i t i e s  are shown to   b racke t   the   condi t ions   ca lcu la ted  by H. Christensen of McDonnell Douglas 

f o r  t h e  lower  fuselage  surface of both  the  high and low cross   range  vehicle .   Since  the  a t t i tude of 

the   vehic les  w i l l  be  continually  modulated  during  entry  the level  of   heat   t ransfer  w i l l  be   wi th in  85 

percent of the  values  shown for   the   major i ty   o f   the   en t ry   hea t ing   pu lse  (600 t o  1300 seconds f o r   t h e  

low and  high  cross  range,  respectively).   In  terms of labora tory   s imula t ion   th i s  means t h a t   s t e p   h e a t  ’ 

pulse  tests w i l l  be   adequate   for   the  major i ty  of material-evaluation tests. The higher   enthalpies  

a t t a i n a b l e   i n   t h e  laminar-flow fac i l i ty   account   for   the   c loser   matching  of t h e   f l i g h t   h e a t   t r a n s f e r  

coef f ic ien ts .  However, i n   e i t h e r  case, the   l abora tory  tes t s  a t  lower  enthalpies may be  considered  to  be 

conserva t ive   wi th   respec t   to   bo th   hea t   t ransfer   coef f ic ien t  as well as nonequilibrium  flow  surface 

c a t a l y t i c   e f f e c t s  which become important a t  high  enthalpies  and low pressure.  The l a t t e r  may have  an 

important  bearing on t ry ing   to   ex t rapola te   very   h igh   en tha lpy   labora tory   resu l t s   to   f l igh t   s ince  i t  has  

been  observed i n  tests of  coated  carbon-carbon  composites a t  both McDonnell Douglas  and MSC t h a t  a t  the  

same free-s t ream  condi t ion,   the   coat ing  appears   to  act  as a non-catalytic  surface  blocking  recombination 

of the  disassociated  species  a t  t he  wall with  an  attendant  lower  heat  transfer  and  surface  temperature. 



I COMPARISON OF AMES TEST FACILITY HEATING PARAMETERS 
WITH EXPECTED SHUTTLE ENVIRONMENTS 

PARAMETER 

1. HOT WALL 
HEATING  RATE 
qHW, w / c m 2  

2. TOTAL  ENTHALPY 
Ht, MJ/kg 

3. WALL TEMPERATURE 
Tw, O K  ( ~ z . 8 )  

TEST 
LAMINAR TURBULENT 

STAG, POINT DUCT 

10-22  4.5-4 I 

4.64- 

1250- 

' I  1.6  1.62-9.06 

,1475 995- I7  75 

4. HEAT  TRANSFER 
COEFFICIENT 9.3-38.5~ 1 0-3 30-300xI 0-3 
CH, kg /mesec 

5. WALL PRESSURE 
Pw, N/m2 

1-4 X IO3 3.7-30~10~ 

FLIGHT 
LOW CR HIGH CR 
325 km 3700 km 

6-24 10-33 

I 1.6-26.7 I I .6-  25.5 

1080-1500  1260-1650 

1.9 - 23X I Om3 3.9-33.6X I Om3' 

.6-2.7xIO3 .14-.28~ IO3 

Figure 14 
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R E A T I V E  ABLATIVE AND THERMAL PERFORMANCE  OF  TPS  MATERIALS I N  TURBULENT now 

TPS material response  data as a funct ion of test exposure time was generated  for  a va r i e ty  of 

ab la tors   in   the   f low  furn ished  by the   r ec t angu la r   duc t   f ac i l i t y .  The purpose of the  tests was t o  

determine  the  degree  of stream uniformity  and  to  characterize  the re la t ive thermal  performance  of 

materials i n  a supersonic  turbulent  environment. The majori ty   of   the  tests were devoted to   ob ta in ing  

da ta  on a possible   refurbishable   heat   shield concept--a PBI matrix  impregnated  with a gasifying 

polymer  which, i n   p r inc ip l e ,   cou ld   be   r ep len i shed   a f t e r   each   f l i gh t   o r  as required.  The r e s u l t s ,  

which were obtained  with  three  impregnants  (polyethylene,  polymethylmethacralate, and polystyrene) 

showed no not iceable   t rend  with  type of  impregnant  and, as expected,  an  increase i n  mass l o s s  rate 

above the  unimpregnated  matrix--about two t o  one.  The addi t iona l  mass--in t h e  form of boundary-layer 

vapors--did not ,  however, appreciably a l t e r  the  insulat ive  performance as measured by the  backface 

temperature rise of the  various  samples.  This  can  be  explained by t h e   r e l a t i v e l y  poor  effixiency of 

the  boundary-layer  blockage mechanism i n   t u r b u l e n t   f l o w s   a t  low enthalpies  coupled  with  the  high 

thermal  conductivity of t he  P B I  matrix. For  reference  purposes, some tests were a l s o  conducted a t ' t h e  

same stream conditions  on  the  Apollo  heat  shield material (AVCOAT 5026-39). The experimental degradation 

and temperature  data were found t o  b e   i n   s u b s t a n t i a l  agreement   with  the  theoret ical   calculat ions of 

Matting. 



RELATIVE ABLATIVE AND THERMAL PERFORMANCE OF 
TPS MATERIALS IN TURBULENT FLOW 
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This  paper has discussed  the  environmental   simulation  testing and evaluation of shut t le   thermal  

protect ion materials and  systems a t  the  Ames Research  Center. The conclusions  reached as a r e s u l t  

of t h i s   e f f o r t  are l i s t e d  below: 

1. An order of magnitude  reduction i n  time and cos t s  compared to   past   experience was deemed 

necessary   for   th i s  program. Most of this  has  been  accomplished and additional.  reductions 

are i n  order.  

2. Experimental   data  coupled  with  theoretical   analysis  have shown that  appropriate  f low 

simulation is necessary  for  evaluation of  nickel-chromium a l loys  and ex t rapola t ion   to  

f l ight   condi t ions.   This  is expected  to  apply  to  other  al loys  also.  

3. Simultaneous  testing  of  eight  different material samples a t  t h e  same heating rate has 

disclosed a wide var ia t ion   in   sur face   t empera ture  due to   su r f ace   emis s iv i t i e s   d i f f e r ing  

by as much as 0.2. This  must  be  taken  into  consideration  in  the  planning of tests, in t e r -  

p r e t a t i o n  of da t a  and appl icat ion of t he   r e su l t s   t o   veh ic l e   des ign .  

4 .  A contract  test program has   been   in i t ia ted   for  material screening  and  evaluation. The 

format of t h i s  program i s  based on our  experiences  regarding  the need to  reduce  the  time 

and cos t  of  such tests and r e f l e c t s   t h e  hoped for   reduct ions.  

5. The necessity  for  supersonic  turbulent-boundary-layer  simulation  has  been discussed; the 



Ames small arc-heated  duct and i ts  performance  have  been  described as well as some ear ly  

da ta   ob ta ined   in   tha t   fac i l i ty .  Based  on the   r e su l t s  of the small duct, a la rger ,  by a 

f ac to r  of  two, arc-heated  turbulent-flow  duct is  under  construction and w i l l  be  operational 

i n  several months. It i s  i n   t h e s e   f a c i l i t i e s   t h a t   l a r g e r  s ize  sample tests and in te rac t ion  

heating  investigations will be  performed. 
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INTRODUCTION 
(Slide 1) 

Reference 1, which  is  the  subject  of  these  comments,  is  the  result  of  work  conducted  by  a  combined 
indust,ry/NASA/Air  Force  comittee.  The  purpose  of  this  design  criteria  document  is  to  present  general 
and mission-oriented  structural  criteria  for  the  Space  Shuttle.  Thus,  at  the  appropriate  time,  the  docu- 
ment will provide  information  useful  in  drawing  up  contractual  documents  for  Phases C and D of  the  Shuttle 
program. 

In view  of  the many new  and  challenging problems associated  with  the  Shuttle  structure,  the  objectives 
of  reference 1 are  certainly  valid  and  worthwhile,  Those  objectives  are  partially  satisfied  within  the 
document,  but  considerable  work  remains  to  be  done  in  some  areas.  In  particular, four  issues  needing  further 
investigation  are  discussed in the  present  paper. 
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0 UTIL IZ ING  PROBABIL IST IC   METHODS  TO  DETERMINE , 

L I M I T   L O A D S  & FACTORS  OF  SAFETY 

0 I N F L U E N C E  O F  FL'AW  GROWTH & F R A C T U R E  
MECHANICS  CONSIDERATIONS  ON  SELECTING 
FACTORS O F  SAFETY 

F A I L - S A F E I S A F E - L I F E   D I L E M M A  

0 THE  POGO  PROBLEM 
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PROBABILISTIC METHODS 

(Sl ide 2 )  

A k d a m e n t a l   i s s u e   i n  a l l  s t r u c t u r a l   c r i t e r i a  i s  the  def ini t ion  of  how limit loads  are  determined 

and what f ac to r s  of safety  are   used  with them. Reference 1 recognizes a growing i n t e r e s t   i n  proba- 

b i l i s t i c  methods f o r   t h i s  purpo’se and  emphasizes the i r   poss ib le   use .  Here are a few comments with 

r e spec t   t o   t he i r   app l i ca t ion .  

The determination  of  loads  for  the  Shuttle  depends, i n   l a r g e   p a r t ,  upon quantit ies  that   could  be de- 

f i n e d   s t a t i s t i c a l l y  - winds,  gusts,  turbulence,  and  variations  in  engine  and  control  system  performance, 

t o  name a few. Hence, s t a t i s t i c a l  methods may be employed to   desc r ibe   t he   r e su l t i ng   va r i a t ions   i n   t he   l oads  
to   a r r ive   a t   app ropr i a t e  non-exceedence values f o r  limit loads.  Multiplying  these by specif ied  factors  

of sa fe ty   resu l t s   in   des ign   u l t imate  loads. 

The problem i n  determining limit l o a d s   s t a t i s t i c a l l y  i s  t h a t  many c r i t i c a l   l o a d s  - f o r  example, 

those  encountered  during  ascent - are  strongly  influenced by v a r i a b i l i t i e s   i n  such items  as  engine  and  con- 

t r o l  system charac te r i s t ics .   Frequent ly ,   these   var ia t ions   a re   d i f f icu l t   to   ob ta in   un t i l  l a t e  in   t he   des ign  

phase,  and  perhaps  not u n t i l  much o f   t h e   f l i g h t   t e s t  program i s  complete. 

The next  and more chal lenging  s tep  in   the  use  of   probabi l is t ic  methods centers   about   the  fact   that   the  

s t rength of  major s t ruc tu re  i s  a l s o   s t a t i s t i c a l  i n  nature  and  that  it depends upon many factors :  m,terial 
property  scatter,   dimensional  tolerances,   variations  in  manufacturing and assembly procedures, and so fo r th .  

Hypothetically, if both  the  applied  load and s t rength   d i s t r ibu t ions  were completely known, they  could 

be  plotted  as  relative  frequency  of  occurrence  funct.ions  as shown in   S l ide  2. The separation  of  these 

two d i s t r ibu t ions  would then  determine  probability  of  failure  and,  hence,  the  reliability. 
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PROBABILISTIC METHODS - Concluded 

(S l ide  3) 

Proponents  of  the  probabilistic  approach  have  adapted  these  notions to   create   general ized  safety  factor  

curves. For example, as shown in   S l ide  3 f o r  a spec i f i ed   r e l i ab i l i t y ,   t he   r e su l t  i s  a curve showing re- 

qui red   fac tor   o f   sa fe ty   versus   s t ruc tura l   s t rength   var ia t ion .  

In  theory,   this  approach  is   very  appealing. The goal i s  now a spec i f i ed   s t ruc tu ra l   r e l i ab i l i t y .   In  

achiev ing   th i s   goa l ,   sca t te r   in   s t ruc tura l   s t rength ,  which  of course  exis ts ,  i s  accounted for i n  a l o g i c a l  

m e r .  The corresponding  factor  of  safety i s  introduced so that   designers  may use  conventional  procedures 

i n  carrying  out   their  work of  designing  structure. 

The e s s e n t i a l  shortcoming  of t h i s  approach i s  that ,  t o  employ it, one needs  an  accurate  picture  of  the 

var ia t ion  of   both  the  loading and strength  of  the  structure  being  designed.  In  particular,   the shape  of  the 

lower er,d of the  s t rength  scat ter   curve shown on the  preceding  sl ide i s  crucial.  This  kind  of  information 

can  only  be  obtained  accurately  by  large numbers of t e s t s  of  nominally iden t i ca l   s t ruc tu ra l  components. Un- 

for tunately,   there  seems t o  be  very l i t t l e  data of t h i s  na ture   ava i lab le   in   the   l i t e ra ture  from past   s t ruc-  

t u r a l  programs. Some d a t a   e x i s t   f o r  1940-vintage  wings  and t a i l  surfaces,  and a small amount of data  i s  

available on F - l l l  and on some fo re ign   a i r c ra f t ;  however, these  data  are not  nearly enough t o  perform a 

good s t a t i s t i c a l   a n a l y s i s .  Even i f  t he re  were extensive  data on p a s t   a i r c r a f t ,   t h e i r   a p p l i c a b i l i t y   t o  

modern advanced  designs l i ke   t he   Shu t t l e  would  be  extremely  tenuous. 

When s t a t i s t i ca l   da t a   a l r eady   ex i s t  or will become avai lable  early in   the  design  phase,  use them. 

When they  don't exist, however, t h e  economics  of obtaining them should be thoroughly  assessed. 
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FLAW GROWTH CONSIDERATIONS 
(Slide 4 )  

The next  issue i s  f r ac tu re  mechanics  and the manner i n  which safe ty   fac tors  for main-propellant 

tankage  are   t reated  in   reference 1. It appears   that   the   proposed  cr i ter ia  f a l l  short  of defining an 
approach  suitable  for  current  tank  design and  weight  estimates. 

Reference 1 proposes   three  re levant   cr i ter ia  which a re  summarized i n   S l i d e  4. 

Neither  the  safety  factor of 1.4 nor a safety  factor   consis tent   with  the  use of a s ingle   proof   tes t  

as a flaw  screening  device  appears  practical  for  tank  design. 



NASA DOCUMENT CRITERIA FOR TANK DESIGN 

0 RECOMMENDS A SAFETY  FACTOR OF 1.4 AS STARTING 
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SET FORTH I N  NASA SP-8040." 

0 "THE  SAFE LIFE  SHALL BE DETERMINED  BY 
ANALYSIS  AND TEST TO BE AT  LEAST 
FOUR  TIMES  THE  SPECIFIED  SERVICE  LIFE," 
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FLAW G R O W  CONSIDERATIONS - Continued 

(Sl ide 5 )  

A s  an example, consider an orbiter  configuration of cur ren t   in te res t  shown in   S l ide  5. This  vehicle 

has a s ingle  oxygen tank  located  forward  and two separate hydrogen tanks  located  af t .  It i s  an example 

of orbi ter   configurat ions  that  have  been studied at Grumman. 



TYPICAL  ORBITER CONFIGURATION 
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FLOW G R O W  CONSIDERATIONS - Concluded 

(Sl ide 6) 

Slide 6 gives  the  allowable limit s t r e s s e s   i n   t h e  hoop direct ion  for   the  orbi ter   tanks,   us ing a safety 

factor   of  1 . 4 ,  or 1.75, or a safety  factor  based on the  successful  completion  of a s ingle   proof   tes t  at 

l i q u i d  hydrogen temperature. Proof testing,  al though  not  necessarily at cryogenic  temperature, i s  a 

requirement  of NASA SP-8040 ( ref .  2). 

The tank  material  chosen  here i s  2219-T87 aluminum. The c i r cu la r  symbols show the  allowable limit hoop 

s t resses   based on the  successful  completion  of a single  proof  test  a t  l i q u i d  hydrogen temperatures  that would 
guarantee a l i f e  of 400 missions. The operating  temperature  of 89' K (-300' F) r e l a t e s   t o   t h e  oxygen tank, 

while  the  temperatures of lllo K (-260° F) and 20' K (-423O F) correspond t o  two d i f f e ren t  hydrogen-tank 

insulat ion schemes,  namely i n t e r n a l  and external   insulat ion.  

Proof tes t ing   has  been assumed at   the   coldest   temperature  (20' K (-423O F)) f o r  each  k.ind  of  tank. This 

may or may not   be  pract ical ,   but  i s  used  here for i l lustrative  purposes.   Suitable  cyclic  loadings have  been 

used for each  mission assuming the  presence of an elongated  surface  flaw. 

The r e s u l t s   a r e   i n   c o n f l i c t  and the  diff icul t ies   are   twofold,  namely:, 

e For a tank  with a factor  of safety  as  low as 1.4 ,  it does not  appear  possible  by a s ingle   proof   tes t  

t o  demonstrate  that  flaws w i l l  not  propagate to   d i sas t rous  dimensions  during  the l i f e  of the   o rb i te r .  

Admittedly,  though, it has  not   yet   been  possible   to   evaluate   the  effects  of bene f i c i a l   r e s idua l   s t r e s ses  

t h a t  may be  introduced at  the   f law  t ips   as  a resul t   of   the   proof   tes t .  These res idua l   s t resses  may 

retard  f law growth t o  a very  significant  extent  for a re la t ively  short- l ived  vehicle  such as   the 

o rb i t e r .  

e To j u s t i f y  a sa fe ty   fac tor  as low as  1.4 requires   that   very small flaws be  detected.  Relying on non- 

destructive  inspection  techniques  to do t h i s  leaves me with a rather  uncomfortable  feeling. 



In view of  these  considerations, it can  be  concluded that:  

e Some reasonable  safety  factor  for  design which represents an overal l   best  ju-ent of the  allowable 

s t resses  which  might ultimately be established  should be selected. G m a n  and  Boeing  have considered 

a safety  factor   for   tanks of 1.75 t o  be a "best  guess"  for  current  design. A safety  factor  of 1.4 
looks low. 

e A t e s t  program w i l l  be needed to   e s t ab l i sh  limit stresses   sui table   for   the  Shut t le   tanks.   Pre-  

cracked specimens should be tested  in  the  proper  cryogenic environment and with proper  load-tempera- 

ture  cycling  including that which simulates  the  proof  testing. 
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THE FAIL-SAFE/SAFE-LIFE DILEMMA 

(Sl ide 7)  

The choice  between a f a i l - s a fe  and a safe-life  design  approach i s  pa r t i cu la r ly   d i f f i cu l t   s ince  one 

des i res   the   sa fe ty  of commercial t ransports   (most ly   fa i l -safe)  and  needs the  performance  of military air- 

c raf t   (mos t ly   sa fe- l i fe ) .  Where  no significant  weight  penalty i s  involved,  the  fail-safe  approach i s  the 

obvious  choice. However, where the  weight  penalty i s  prohib i t ive ,  a safe- l i fe   design i s  the  only  choice. 

But, the  following  observation  can  be made: the  weight penalty of a fai l -safe   design  var ies   inversely  with 

t h e   e f f o r t  and the  imagination  that  went into  the  design. 

For example, the  fa i l -safe   designs of cur ren t   a i rc raf t   fuse lages  would be  prohibit ively heavy f o r  

t he   Shu t t l e .  New concepts  are  needed t o   b u i l d   s t r u c t u r e s   t h a t ,  i f  n o t   f a i l - s a f e   i n   t h e   s t r i c t   s e n s e  

of current   specif icat ions,   are  at l e a s t  more forgiving  than a monolithic  structure  of  high,strength 

mater ia l   operat ing at a h igh   s t ress   l eve l  - t h a t  i s ,  such  materials as composites  (boron,  fiberglass, 

e tc . ) ,   metal  composite  combinations  (e  .g.,  fiberglass overwrap  on meta l l ic   t anks) ,  and laminates 
(rolled  laminated  'sheet  with  metall ic  interlayers).  

Where a safe-life  design  approach i s   s e l e c t e d ,  a proof t e s t  should  be  considered.  Proof t e s t s  are s t i l l  

employed  on such v i t a l   s t r u c t u r e s  as a r r e s t ing  hooks,   hoisting  sl ings,  and pressure  vessels  - where each 
load  appl icat ion  in   service i s  expected t o  be  close  to  design limit, where s t rength i s  s e n s i t i v e   t o  small 

variations  in  the  manufacturing  process,  and espec ia l ly  where inspection  cannot  guarantee to   s epa ra t e   t he  

weak from the  s t rong.  While it i s  s t i l l  t oo   ea r ly   t o   p red ic t   t he   adv i sab i l i t y  of proof t e s t i n g  any Shut t le  

components, it i s  worth  noting  that  complete  aircraft (F-111) and large  booster  propellant  tanks  (Saturn V) 
a re  s t i l l  proof t e s t ed .  

O f  course, i f  proof   tes t ing i s  required on the  Shut t le ,   then s t i l l  another  problem m u s t  be  faced - t h a t  

of  post-proof-test  inspecbion.  Indeed,  post-proof  inspection i s  highly  desirable  where welded s t ruc ture  i s  
involved.  Present  capabili t ies  for a quick,  thorough,  and  complete  inspection  of a l a rge   s t ruc tu re   l i ke   t he  

Shut t le   leave much t o  be desired. This would seem t o  be f e r t i l e   f i e l d   f o r   t h e   e x p e n d i t u r e  of research  funds. 
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THE POGO PROBLEM 

(Slide 8) 

Shuttle  design  for  the  prevention  of POGO i s  complicated  by  the  offset   orbiter which couples  longitudinal 

and l a t e r a l  motion. T h i s  coupling  produces  longitudinal modes of  lower  frequency t h a n  the  Saturn V,  and 

increases  the number of combined modes i n  the low frequency  range.  Calculations of a t yp ica l   o f f se t   o rb i t e r  

configuration  using 105 effective  degrees of  freedom reveal 6 modes which showed appreciable combined l a t e r a l  

and longitudinal motion increasing  in  frequency from 2.2 t o  7 Hz. Three modes i n  the range of 4 t o  7 Hz 

at booster  burnout showed significant  response  at  the  engine. To eva lua te   the   sens i t iv i ty   o f   the   des ign   to  

POGO-type inputs,  a 22-kN (3000-lb)  oscil lating  force - which i s  about the limit permitted  under  current 

engine  requirements - was appl ied   to   the  12 engines .   This   resul ts   in  a 1/4 g acceleration at the  engine, 

2 g on t h e   o r b i t e r   f i n ,  and a 0.6 g l a t e ra l   r e sponse   i n   t he   o rb i t e r  crew  compartment,  assuming a s t r u c t u r a l  

damping of 1 percent of c r i t i c a l .  (1 g = 9.8 m/sec2 = 32.2 f t /sec2.)  The response i n   t h e  crew compartment 

substantially  exceeds  the 1/4 g requirement  established for t he  Gemini and  Apollo  programs. Sl ide 8 shows 

some of the  calculated  values at  var ious  locat ions on the  booster  and o rb i t e r .  

Based on data such as these,  it would appear  prudent to  incorporate  engine-induced  loads as design 

requirements   for   s t ructural   in tegri ty  at  osc i l la tory   force   l eve ls   l a rger   than   those   spec i f ied   for   the  

engine  output.  Saturn V experience has demonstrated  the  necessity  of  providing  such  margins. 

The cur ren t   des ign   c r i te r ia   should   p rovide   for   ear ly   a t ten t ion   to   those   ana ly t ica l  areas which 

have proven d i f f i c u l t   i n   t h e   p a s t .  These include  the  interfaces  between the  various components i n   t h e  

system,  and  rigorous  and  complete math-model simulations  based on f u l l - s c a l e   t e s t   d a t a ,  where possible,  

f o r  each component. The models should  be good representations of t he  system  elements away from  resonances 

as well as at the  peaks. 

In view  of the  uncertaint ies   inherent   in   the  analysis ,  a conservative  preliminary  design margin f o r  

POGO prevention  should  be  required i n  both  gzin and phase. A goal  of 1 2  aB i n  gain and 30 degrees i n  phase 

i s  proposed. PrOviSiOns for  Suppression  devices  (i.e.,   helium-filled  line  accumulators)  should  be  included 

in   the   bas ic   Shut t le   des ign .  
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CONCLUSION 

The work of preparing NASA SP-8057 seems quite worthwhile,  both from the  standpoint Of Pooling 

our knowledge  and because it has  focused  attention on a v i t a l   a spec t  of Shuttle  technology. It i s  hoped 

tha t   the   p resent  comments will be useful   in   fur ther   ref inement  of the  document. 
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STRUCTURAL  ANALYSIS  AND  AUTOMATED  DESIGN 

(Slide 1) 

The  present  state-of-the-art  in  structural  analysis  and  design  is  reviewed,  the  direction  in 

which  the  technology  is  progressing  is  indicated,  and  applications  to  shuttle  structures  are  discussed. 

Examples  are  drawn  from  aircraft  and  space  vehicle  structures  technology  to  characterize  the  state- 

of-the-art.  New  results  on  shuttle-type  structures  are  shown  to  illustrate  applications of the  latest 

technology.  Certain  specific  computer  programs  are  identified  to  clarify  present  and  expected  future 

capabilities.  The  programs  mentioned  are  not  necessarily  unique  nor  are  they  necessarily  the  best  of 

their  type.  They  are  simply  representative  examples  that  are  known  to  the  author. 

The  subjects  on  the  slide  are  touched  on  in  the  order  shown.  There  is  a  well  developed  capability 

to  do  structural  analysis.  Industry  is  particularly  well  tooled  and  government to a  lesser  extent - 

hundreds  of  computer  programs  are  in  existence.  Programs  to  do  automatic  design  of  fixed  structural 

configurations  under  fixed  loading  conditions  have  been  developed  and  are  beginning  to  be  used  in  routine 

aircraft  design.  Finally,  possibilities  can  be  envisioned  of  computerized  systems  in  which  various 

technical  disciplines  are  drawn  together  to  perform  certain  design  functions  in  an  automated  and  integrated 

fashion. 



STRUCTURAL  ANALYSIS  AND  AUTOMATED  DESIGN 
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747 FINITE ElXMENT S!E?lJCTURAL ANALYSES 

The only a i r c r a f t   i n  commercial operation which approaches the   shu t t l e   i n   s i ze  i s  t h e  Boeing 747. 

It i s  70.4 m (231 f t )  long  and 59.4 m (195 f t )  i n  wingspan  and has a takeoff gross weight i n  excess 

of 317,500 kg (7OO,OOO l b ) .  Large scale   s ta t ic   s t ructural   analyses  of t h i s   a i r c r a f t   u s i n g   f i n i t e  

element  technology a r e   i l l u s t r a t e d  on th i s   s l i de .  The two shaded portions  of  the 747 a i r c r a f t  were 

analyzed in   g rea t   de ta i l   wi th   f in i te  element  computer  programs. The  wing-body intersection problem 

was the  la.rgest, and some indication i s  given as to   t he   s i ze  of that  calculation.  This  analysis was 

what Boeing called  the -4 analysis and was the  next   to   the las t  refinement of t h e   f i n i t e  element 

idealization. An indication of  the  effor t   required  for   the wing-body intersection problem i s  shown 

i n   t h e  upper l e f t .  



747 FI N ITE -ELEMENT STRUCTURAL ANALYSES 
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COMPARISON OF 747 AIRCFUFC ANALYSIS WITH TEST 

Correlation between stresses  calculated by the   f i n i t e  element  analyses  and  experimental data from 

the  747 fu l l - sca l e   s t a t i c   t e s t s  are indicated on this slide.  (This  information was supplied by 

Ralph E. Miller, Jr., and Stanley D. Hansen of t h e   b e i n g  Company. ) The comparison i s  made f o r  body 

s ta t ion  1490, which i s  behind  the body-mounted landing  gear wells. A normalized axial stress i n  the 

fuselage  shel l  wall i s  plot ted as a function  of  water  line o r  ver t ical   d is tance on the  fuselage. The 

-4 analysis i s  what was discussed on the preceding  slide, and the  -5 analysis i s  a somewhat  more 

refined model. The symbols a re  data from s t r a i n  gages mounted  on the   fu l l - sca le   s ta t ic  test  a i rc raf t .  

The excellent agreement provides  confidence in   fu ture   l a rge-sca le   f in i te  element  analyses. 
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NASTRAN  FINITE  ELEMENT  STRUCTURAL  ANALYSIS  COMPUTER  PROGRAM 

The  basic  finite  element  structural  analysis  computer  program  used  at  Langley  is  the  NASTRAN 

system  recently  released  by  NASA.  NASTRAN  has  an  executive  routine  to  manage  the  work  of  operational 

modules  which  perform  the  analysis  tasks  shown  on  the  left  of  the  slide.  The  executive  routine  calls 

the  operational  modules  into  core  and  brings  in  from  the  data  base  whatever  information  is  required 

to  perform  the  analysis.  This  mode  of  operation  features  simple,  user-oriented  instructions  which 

make  NASTRAN  easily run by  structural  engineers  who  are  not  sophisticated  computer  programmers. 

It  is  NASA's  intention  to  maintain,  update,  and  improve  NASTRAN  for  use  on  a  wide  variety  of 

structural  problems.  Some  of  the  planned  improvements  are  indicated  at  the  bottom  of  the  slide. 

The  New  Elements  and  Heat  Transfer  items  are  part  of  the  shuttle  structures  technology  activities 

and  are  intended  to  tool  up  NASTRAN  with  elements  especially  useful  for  analysis of shuttle  structures. 

The  last  two  planned  improvement  items  are  being  pursued  under  the  basic  NASTRAN  maintenance  activity 

and  should  contribute to the  program's  overall  usefulness  for  shuttle  structures. 
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APOLLO-SATURN  SHORT  STACK  ANALYSIS 

(Slide 5 ) 

Although t h e   f i n i t e  element methods are  very  general and powerful,  there  are  often  excellent 

reasons t o  be   in te res ted   in   a l te rna te  approaches to   ana lys i s .  One good example i s  the  shell-of- 

revolution  structure which can  be  analyzed much  more efficiently  with  specialized programs than 

with  the  general   f ini te  element  programs. Propellant  tankage on shuttle  vehicles may very well  

turn  out  to  be  shell-of-revolution  structures. The Apollo-Saturn  short  stack i s  an example of a 

large  s t ructure   of   this   type which has enough  symmetry so tha t  it was analyzed  with  the  use  of 

f inite  difference  shell-of-revolution computer programs. The par t  of the  vehicle termed the  "short 

stack"  consists of the  Spacecraft Lunar-module Adapter (SLA), a relatively  short  Instrument  Unit 

( I U ) ,  arid the  forward  skirt  of the S-IV B stage. The detai led wall configuration i s  shown and 

consists of a honeycomb sandwich conical  shell  (SLA) , a short  honeycomb sandwich cylinder ( I U )  , and 

a ring and s t r inger   s t i f fened  cyl indrical   shel l  (S-IV B forward sk i r t ) .   I n   o rde r   t o   ob ta in   r ea l i s t i c  

results  for  buckling  loads,  for example, it i s  v i t a l   t o  model these  details   very  accurately.  The 

loading  indicated i s  a condition a t  end-boost. Resul ts   for   this  end-boost condition are the  meridional 

s t resses   in   the   she l l  wall at l i m i t  load,  the  meridional shape of the  buckling mode (which has 7 waves 

around the  circumference),  and  the magnitude of the  buckling load f o r  th i s   load  d is t r ibu t ion  (12.6 MN 

or 2.8 x lo6 lb)  . The s ize  of the  calculat ing problem involved  here is indicated by the  number of sta- 

t ions  and f i n i t e  difference  equations used, and an idea of the  eff ic iency of calculations  with  shell-of- 

revolution programs (because the  matrices are banded) i s  given by the  fact  tha t  a l l  these results fo r  

this one loading  condition were obtained i n  less than two minutes CPU time on CDC equipment- (Ref- 1) 
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ANALYSIS WITH FINITE DIFFERENCE  SHELL-OF-REVOLUTION COMPUTER PROGRAMS 

(Slide 6 )  

Shell-of-revolution  structures can  be  analyzed  with f in i t e   d i f f e rence   o r   f i n i t e  element  programs. 

The f in i te   d i f fe rence  approach i s  more  common, however, and many such programs exist.  Typical capa- 

b i l i t i e s   a r e  shown here.  Considerable  generality  in  structural  characteristics  can'be  handled. The 

kinds of analyses and loadings  that  these programs can  handle  are  also shown  on the   s l ide .  The  symmetry 

of  shell-of-revolution  structures  leads to   s t ruc tura l   mat r ices  which are banded ( tha t  i s ,  t he  non-zero 

mat.rix  elements c luster  about the  diagonal). Very efficient  algorithms  are  available  for  the  manipulation 

of  these  matrices on the  computer, and t h i s  i s  the  basic  reason  for  the  very  short computation times 

required by these programs. 

One especially good system of shell-of-revolution programs has been  developed by Cohen (see, fo r  

example, refs. 2 and 3 ) ,  and some improvements which are planned f o r  t h i s  system are shown a t  the 

bottam.  This type of program povides   very rapid and accurate analysis capability for tankage StrUCtWeS 

i n  shuttle vehicles which might be circular   cyl indrical  or conical or spherical   shell   Structures.  
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STRUCTUR3 ANALYZED BY STAGS COMPUTER PROGRAM 

(Slide 7 )  

Proposed shuttle  configurations, on the  other hand, are  often  highly asymmetric. An orbi ter  

concept i s  shown  on the   s l i de ,  and a portion between adjacent  frames might be  modelled as a she l l  

shown i n   t h e  lower r igh t .  A program called STAGS i s  being  developed by Lockheed Palo  Alto  Research 

Laboratories t o  analyze asymmetric she l l   s t ruc tures   l ike   th i s .  STAGS i s  intended to   ca lcu la te   the  

collapse  strength of  such a s t ructure  by following  the growth of  deformations from the  start  of 

Loading and accounting for large l a t e ra l  deflections of t he   she l l  wall  which eventually  bring  about 

collapse. 
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STAGS  RESULTS FOR THE  BEHAVIOR OF SHUTTLE  STRUCTURE 

(Slide 8) 

Results are sham from a nonlinear  analysis  by STAGS of the  component  illustrated  on  the  pre- 

v ious slide.  (These bta were  supplied  by Bo Almroth of Lockheed Palo Alto Research  Laboratory. ) 

A Z-stiffened  shell  configuration  representative of orbiter  structure was assumed  and a cmbina- 

tion  end-shortening  and  relative  rotation  of  the  ends  of  the  component  was  imposed.  These  applied 

displacements  result  in  axial  compression  loads  and  bending  moments  representative  of  a  maximum  qa 

condition  as  indicated  on  sketch  in  the  upper  left.  The  end-shortening  and  relative  rotation  were  imposed 

in  a  fixed  ratio,  and  the  magnitude  of  these  displacements  is  characterized  by  the  quantity X . At  the 

lower  left  is  shown  the  1a.teral  shell  wall  displacement  at  a  location  midway  between  the  frame  stations 

as  a  function  of  arc  length  around  the  perimeter f o r  a  particular  value  of X . The  arc  length  is  measured 

around  the  perimeter  starting  at  the  bottom  body  center-line  as  indicated  on  the  sketch.  On  the  right  are 

shown  axial  load,  bending  moment  and  a  lateral  displacement  plotted  as  a  function  of X . The  lateral 

displacement (+ outward)  plotted  is  for s = 1310 cm (515 in. ) (located  at  the  dot  on  the  sketch)  and 

represents  one  of  the  spikes  in  the  chart  at  lower  left.  These  particular  calculations  were  not  carried 

all  the  way  to  collapse  because of excessive  computer  time  requirements.  Presumably,  at  collapse  the 

curves  of  axial  load  and  bending  moment  as  a  function  of X will  become  horizontal.  With  improvements 

in  the  program  and  refinement  of  the  finite  difference  grid,  it  is  believed  that  realistic  estimates  of 

collapse  load  can  be  obtained. 
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STRUCTURAL ANALYSIS OF GENERAL SHELLS (STAGS) 

(Slide 9 )  

The  STAGS  program  represents  the  next  advancement  in  finite  difference  programs  for  the  analysis 

of  shell  structures.  The  features  of  primary  importance  here  are: (1) circumventing  of  the  restric- 

tion  to  shell-of-revolution  configurations  and (2) focussing  on  nonlinear, or large  deflection,  analysis. 

For shell  structures  of  general  shape  with  little or no  symmetry  properties,  failure  is  governed  less 

by  bifurcation  buckling  behavior  and  more  by  the  nonlinear  growth  of  deformation  from  the  start' of 

loading.  It  is  vital,  therefore,  to  be  able  to  perform  realistic  nonlinear  collapse  analyses  when 

dealing  with  shell  structures  which lack the  geometric  symmetry  properties  of  a  shell-of-revolution. 

The  STAGS  program  is  already  producing  results,  and  under  the  shuttle  structures  technology  develop- 

ment  program  improvements  shown  on  the  bottom  of  the  slide  are  planned.  The  intention  here  is  to  make 

STAGS  a  user  oriented  analysis  tool  for  the  shuttle  designer. 



STRUCTURAL  ANALYSIS OF GENERAL  SHELLS 
(STAG S 1 

CURRENT C A P A B   I L l T l E S  
STRUCTURAL  CHARACTER I ST1  CS 

GENERAL  SHELL  SHAPE 
0 VARIABLE  MATERIAL  PROPERTIES 
0 ECCENTR I C  ST1 FFENERS 

CUTOUTS  BOUNDED BY  COORDINATE  LINES 
0 V A R l A B L E   G R I D  

ANALYSES 
0 LINEAR  STRESS 

NONLINEAR  STRESS  AND  COLLAPSE 
BIFURCATION  BUCKLING 

LOADS 
MECHAN I CAL 
THERMAL 
DISTRIBUTED 
DISCRETE 

PLANNED  IMPROVEMENTS 

GENERAL  CUTOUT IN SHELLS OF REVOLUTION 
ORTHOTROP I C  SHELL  WALL 
GENERAL G R I D  
AUTOMATIC  GRID  GENERATION 

Slide 9 



AUTOMATED  STRUCTURAL  OPTIMIZATION  PROGRAM  (ASOP) 
(Grumman  Aerospace  Corporation) 

With  highly  computerized  analysis  tools  in  hand,  it  is  natural  to  explore  how  these  tools  can  be 

incorporated  into  automated  design  programs  in  which  the  computer  is  programmed  to  perform  the  more 

routine  design  decisions  and  clerical  chores  which  are  conventionally  handled  by  engineers.  Several 

programs  are  available  which  automatically  size  members  in  a  structure  having  a  fixed  layout  and 

subjected  to  prescribed  loading  conditions  to  obtain  an  approximate  minimum-weight  design.  One  example 

is a  program  developed  by  the  Grumman  Aerospace  Corporation for the  Air  Force - characterized  on  this 

slide.  The  program  has  a  finite  element  analysis  routine  built-in  and  includes  a  fairly  extensive 

library  of  elements.  It  performs  a  so-called  fully  stressed  design - that  is,  between  analysis  cycles 

the  structural  members  are  resized  essentially  to  carry  some  prescribed  allowable  stress.  After a 

limited  number  of  analysis  and  redesign  cycles  the  structural  weight  usually  reaches  a  point  where 

further  changes  cause  only  extremely  small  changes  in  weight,  and  the  design  is  considered  converged. 

It  can  be  shown  that  for  redundant  structures  the  fully-stressed  design  is  not  necessarily  the  minimum- 

weight  design,  however,  for  practical  structures  it  is  usually  not  far  off.  In  addition,  this  program 

has  the  feature  of  a  deflection  constraint  algorithm.  In  this  option  structural  members  are  further 

resized  to  meet  prescribed  deflection  constraints  at  certain  points  on  the  structure.  There  are  limita- 

tions  on  the  size  of  structure  this  program  can  handle,  but  with 3000 elements  and 6000 degrees-of- 

freedom  fairly  large  structures  can  be  modelled  to  a  respectable  degree  of  refinement. (Ref. 4) 



AUTOMATED STRUCTURAL OPTIMIZATION  PROGRAM @SOP) 
. .  (GRUMMAN  AEROSPACE CORP. 1 

~ . - . . . .~ . ." 

FIXED  STRUCTURAL  LAYOUT  AND  LOADINGS 

F I N  ITE-ELEMENT STRUCTURAL ANALYSIS 
3000 ELEMENTS 
6000 DEGREES OF FREEDOM 
20 LOADING  CONDITIONS 

AUTOMATED DES I GN 
FULLY  STRESSED DESIGN 
DEFLECTION CONSTRAINTS 

Slide 10 



I 

I 

IDEALIZED ORBITER TANK STRUCTURE 

Grumman engineers  used ASOP t o   s i z e  elements  of a very  crude  idealization  of  orbiter  tankage 

structure as an in i t i a l   exe rc i se  of the program for   this   kind of  structure.  The orbiter  tanks were 

represented by  a c i rcular   cyl indrical   shel l   s t ructure .  The s t ructure  was modelled with  bars  for 

s t r ingers   (ax ia l   s t i f feners ) ,  beams fo r  frames (circumferent ia l   s t i f feners) ,  and shear  panels f o r  

skin. Heavy rings o r  bulkheads were located a t  each end of  the  structure.  The  number of  elements 

and degrees of  freedom are indicated on the   s l ide .  The s t ructure  was assumed t o  be  loaded by the 

booster   a t  end boost  condition as shown  on the  s l ide  ( these  loads  are   appl ied  to  one half  of the  

shel l   s t ructure) .   Iner t ia   loads from the  lox and l iquid hydrogen tanks were introduced as indicated 

on the   s l ide .  No internal  pressure  loads were considered. 
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RESKGTS FROM SOP FOR ORBITER TANK STRUCTURE 

Results from ASOP. fo r   t he   o rb i t e r  tankage s t ructure   are  shown on the  s l ide.   Plot ted  are   the 

equivalent  thicknesses of smeared-out axial  load  carrying  material as a function  of  axial  distance 

from t h e   a f t  end  of the  orbi ter .  CuGes  of  thickness in   the  keel   area,  22L0  away from the  keel  and 

then 45' away from the  keel   are  shown. Forward of s ta t ion  640 a l l  material  i s  minimum gage o r  0.112 cm 

(0.044 in.)  thick. For  an i n i t i a l  design some very heavy gages  and s t i f fener   areas  were chosen so tha t  

t h e   i n i t i a l   s t r u c t u r e  weighed over 4,535 kg (10,000 lb). After  the f i r s t  design  cycle,  the  weight was 

dam t o  2,450 kg (5,400 l b )  and af ter   four   designs  the  f inal  weight was 1,950 kg (4,300 l b )  as 

indicated on the  s l ide.  

2 
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DAWNS - AUTOMATED  STRUCTURAL  DESIGN  PROGRAM  FOR WINGS 

(Slide 13) 

A pilot  program  has  been  developed  at  Langley  in  which  structural  and  aerodynamic  disciplines 

are  integrated  in  an  automated  design  function.  This  program  is  called DAWNS and  is  tailored  for 

wing-type  structures.  The  basic  flow  of  the  program  is  shown  on  the  chart.  The  aerodynamic  planform 

and  geometric  contours  are  input  along  with  a  relatively  simple  specification  of  the  structural  layout. 

An aerodynamic  module  then  computes  the  pressure  distribution  on  the  wing,  and  fuel  loads  can  be 

included.  An  initial  structural  sizing  then  provides  inertia  loads  and  feeds  into  a  redundant 

structural  analysis.  The  design  cycle  is  a  fully  stressed  design  similar  to  that  of  the  Grumman 

(ASOP)  program.  Allowables  for  wing  cover  panels  account  for  buckling  considerations  automatically, 

and  the  cycling  continues  until a converged  design  results.  The  dashed  lines  refer  to  static  aero- 

elastic  and  flutter  modules  which  are  not  in  DAWNS,  but  which  are  planned  additions. 
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DESIGN OF SHuIMIT;E WING STRUCTURE WITH DAWNS 

The  operation of DAWNS  is  shown  on  this  slide  and  the  next.  The  wing  shown  is  representative 

of a  shuttle  orbiter  delta  wing,  and  the  loading  condition  considered  is  a  maximum qa condition  at 

a  Mach  number  of 1.5. An  ultimate  factor of safety  of 1.5 is  included  in  the  calculation,  and  the 

wing  is  assumed  to  be  dry.  The  aerodynamic  planform  and  thickness  distribution  and  the  structural 

layout are  input.  With  relatively  simple  instructions,  the  program  builds a finite  element  structural 

representation  and  prepares  all  geometry  and  nodal  coordinate  data  for  the  structural  analysis.  The 

aerodynamic  module  in DAWNS is  at  present  limited  to  supersonic  flow,  and  the  "Mach  box"  panelling 

and  lifting  pressure  distribution  are  shown  on  the  slide.  The  program  then  automatically  lumps  the 

aerodynamic  pressures  into  concentrated  loads  at  the  node  points  of  the  structural  idealization. 
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DAWNS RESULTS AND DISPLAY CHOICES 

(Slide 1 5 )  

Results  of  the  fully  stressed  design are shown  on t h i s   s l i d e .  The average  cover p l a t e  thicknesses 

(or  % quant i t ies)   are  shown along  with  the  deflected shape at   ult imate  load. The height  of  the boxes 

i n   t h e  upper sketch  represent  the  cover  thicknesses, and the   l a t e ra l   de f l ec t ion  i s  t o   t h e  same scale  

as   the  wing s t ruc tu re   i t s e l f .  DAWNS can  be  used i n  an interact ive mode with a cathode  ray  tube  display. 

A l l  of the drawings shown  on t h i s   s l i d e  and the  previous one can  be  displayed on the CRT in   addi t ion   to  

other  input and output  information  including  structural  weights. The photo shows four  al ternate wing 

designs which are  not  associated  with  the  orbiter wing, but simply to  indicate  that   design changes can 

be  introduced  into  the program through the CRT terminal, and their   influence on the  structural  weights 

and sizings can  be rapidly determined. These resu l t s   for  a s t ructural  model with  about 130 elements 

and 135 degrees of freedom required  about 6 redesign  cycles and less than 4 minutes CPU time on the  

CDC 6600 computer. 
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LANGLEY  SHUTTLE  STRUCTURAL  DESIGN  ACTIVITY 

(Slide 16) 

The  DAWNS  concept  is  just  a  faint  glimmer  of the potential  for  interdisciplinary  integration  in 

an  automated  design  process  which is possible  with  modern  computing  equipment.  One  of  the  long  range 

research  objectives  of  structures  research  at  Langley  is  the  building of an  integrated  system for aero- 

space  vehicle  design  in  which  operational  computer  modules  from  the  various  disciplines  would  be  brought 

under  the  control of an  executive or monitor  computer  routine  to  manage  the  overall  design  process.  The 

tremendous  capacity  and  speed of the  computer  should  be  exploited  as  much  as  possible  to  perform  the 

myriad  of  clerical  and  bookkeeping  tasks  and  some  of  the  routine  design  decisions  now  made  by  engineers. 

The  culmination of these  efforts,  however,  will  probably  be  much  too  far  into  the  future  to  have  any 

impact  on  the  shuttle  program. 

It  is  felt,  on  the  other  hand,  that  a  computerized  system  can  be  built  in  the  spirit of DAWNS 

which  can  be  applied  to  shuttle  structural  problems.  The  tooling-up  indicated  at  the  top of the  slide 

would  have  to  be  accomplished.  About  six  months of work  in-house  is  estimated  to  complete  this  develop- 

ment.  At  the  completion  of  the  tooling  phase,  studies  could  be  made  of  optimum  designs of components 

such  as  wings,  bodies,  tails,  tankage;  alternate  arrangements  which  might  be  needed for reduced  struc- 

tural  mass  could  be  examined,  and  thermal  and  dynamic  effects  could  be  explored.  Presumably,  in  six 

months  the  external  geometric  contours  of  the  shuttle  vehicles  will  be  pretty  well  established, and 

these  studies  would  have  to  be  made  within  the  confines  of  these  contours. 
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NUMERICAL  DEFINITION OF ORBITER  EXTERNAL  GEOMETRY 

(Slide 17 ) 

These  drawings  of  a  representative  orbiter  configuration  are  computer  generated  and  simply  indicate 

that  we  have  made  some  progress  in  development  of  the  geometry  routines  needed  for  an  automated  design 

activity.  In  summary,  the  state-of-the-art  in  structural  analysis  is  good.  An  extensive  stable  of 

finite  element  and  finite  difference  computer  programs  is  available  throughout  the  nation  to  handle 

various  aspects  of  this  job.  These  tools  have  been  characterized  and  the  latest  advances  in  'the  tech- 

nology  indicated.  In  addition,  some of the  latest  developments  in  automated  structural  design  have 

been  characterized.  Studies  to  date  have  indicated  that  the  shuttle  vehicle  is  extremely  weight  sensitive, 

and  the  opportunity  should  be  grasped  to  exercise  the  very  latest  and  best  in  computerized  structural 

analysis  and  automated  design  tools  to  help  arrive  at  the  best  vehicle  the  nation  can  build  to  meet 

the  shuttle  mission  requirements. 



NUMERICAL  DEFINITION OF ORBITER  EXTERNAL GEOMETRY 
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CRITICAL  STRUCTURAL 

DESIGN  TRADE  STUDIES 

SPACE SHUTTLE SYSTEM 
BY T.P. BROOKS 

MCDONNELLDOUGLASCORPORATION 
SAINT LOUIS, MISSOURI 

INTRODUCTION 
McDonnelI Douglas has identified  certain  structural design trade studies  to be particularly  significant 
to  the Phase B study because of the decisive  influence  their  results have  on shuttle  vehicle configura- 
tion,  cost,  size, and  weight. In each  instance,  these studies were  pursued only  to  the depth  necessary 
to assure that design concept selections  could be  made with confidence. This approach did not permit 
resolution of a l l  prohlem  areas, and  some assumptions were  made as to future  technological  state-of- 
art.  Areas for technology and/or design development effort are identified in  this presentation. 
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CRITICAL STRUCTURAL DESIGN TRADE STUDIES 

(FIGURE 1 )  

These trade  studies were performed in   the  f i rs t   s ix  months  of the Phase 0 study, when there were two 
baseline  orbiters;   straight wing  low crossrange and delta wing high crossrange.  Since January 1971 we 
have had only the  delta wing orbiter.  Integral  vs.  non-integral  tanks and common vs.  separate tank bulk- 
heads trade  studies were for  the  straight wing orbiter  baseline. Recommendations of these  studies have been 

incorporated  in  the  design of the  delta wing orbi ter  because the arrangement of delta  orbiter body structure 
is   s imilar  t o  t h a t  of the  straight wing orbiter  studied. Comparison  of  forms  of integral   st iffening  is  
based upon the  baseline  delta wing orbi ter  and single body canard  booster;  results of this  study  are  directly 

, applicable t o  the  .present  basel  i ne vehicles. Conventional materials were basel  ined for   a l l   shut t le   s t ruc-  
tures.  Composite material  applications have  been studied  for  the  orbiter  only;  applications  for  the  booster 
are being investigated. A1 uminum a1 1 oy 2014-T6 was the  selected  baseline  material  for  orbiter and booster 
main cryogenic  propellant  tanks;  results of the 2219 vs. 2014 trade  study  are appl i cab1 e t o  orbi ter  and 
booster. 

Values of $61.8K/kg ($28K/lb) for  the  orbiter and $12.37K/kg ($5.6K/lb)  for  the  booster were  used t o  
evaluate weight  saving  in  terms of dollars.  This dollar value fo r  unit weight indicates  the program cost 
for  system resizing t o  maintain a fixed payload capability. 



CRITICAL  STRUCTURAL DESIGN 
TRADE  STUDIES 

MAIN  CRYOGENIC PROPELLANT  TANK DESIGN CONCEPTS: 

INTEGRAL VS NON-INTEGRAL TANKS 
COMMON VS SEPARATE TANK BULKHEADS 
COMPARISON  OF  FORMS  OF INTEGRAL  STIFFENING 

MATERIALS: 

COMPOSITES VS CONVENTIONAL  MATERIALS 
2219 VS 2014  FOR  MAIN  CRYOGENIC PROPELLANT  TANK  MATERIAL 

Figure 1 
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MAIN  CRYOGENIC PROPELLANT TANK DESIGN CONCEPT 
INTEGRAL VS. NON-INTEGRAL TANKS 

(FIGURE 2) 

Main propellant  tanks must be designed t o  withstand  internal  operating  pressures which include head 
pressures from ascent  acceleration. The resul t ing  s t ructures  have inherent  potential  for  withstanding 
overall body bending and axial  loadings  with  only  additional  stabilizing  elements. 

Without the need fo r  an additional  structural she1 1 t o  carry  overall  loadings,  walls o f  integral 
tanks can  be brought  closer t o  body mold1 ines and higher packaging eff ic iencies  can resu l t .  Additional 
s t i f fening t o  stabil ize  the  pressure wall t o  carry  overall compressive  loadings can be provided a t  con- 
siderably  less weight t h a n  required for an additional, independent s t ructural   shel l .  

Non-integral tanks  of fe r   l ess  t a n k  structural  and thermal  complexity. Suspended within  the body 
shell  from s t a t i ca l ly  determinate  supports,  non-integral  tanks need carry  only  pressure  loads and i ne r t i a  
loads from t a n k  and contents. With fewer attachments,  non-integral  tanks have fewer  heat shorts and are  
less   l ikely t o  encounter s ignif icant  thermal s t resses  and fatigue  loadings. 

This  study  evaluates  these a1 ternate  design  concepts for  the  orbiter  vehicle.  



MAIN  CRYOGENIC  PROPELLANT  TANK 

INTEGRAL VS. NON-INTEGRAL TANKS 
DESIGN  CONCEPT 

. H I H E R P A C K A G I N G  EFFICIENCY 
LEAST WEIGHT 

NON-IN1 
TANKS 

LESS TANK STRUCT~F~AX~ 
THERMAL COMPLEXITY 
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Figure 2 
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INTEGRAL VS. NON-INTEGRAL TANKS 
STUDY METHODOLOGY 

( FIGURE 3)  

Baseline  vehicle  for  this  trade  study was the  s t ra ight  wing orb i te r ,  employing integral Siamese pro- 
pellant  tanks w i t h  a common bulkhead between the oxygen and hydrogen tanks. These tanks extended for  most 
of the  vehicle  length below the payload bay and crew compartment. Certain assumptions were made t o  f i x  
overall  vehicle geometry for  purposes of this  study. 

Vehicle  weight change result ing from the  study would n o t  be recycled;  therefore,  propellant tank 
geometry, vehicle  length, and aerodynamic surfaces were not  resized. 

The  body cross  section was increased t o  accommodate the added  body shell  w i t h  non-integral tanks on 
the  basis of assumed frame  depth and moldline  clearances. 

Fuselage  frame  spacing of 508 mm (20 i n . )  was maintained for both  configurations  to be compatible w i t h  
TPS support  structure  locations. 

To normalize  weight and cost  factors i n  the  decision  process,  the program cost o f  payload  weight 
change of $61.8K/kg ($28K/lb) was used. 



INTEGRAL VS. NON-INTEGRAL. TANKS 

Study  Methodology 

0 TANK GEOMETRY AND VEHICLE  LENGTH  HELD CONSTANT 

0 AERODYNAMIC SURFACE GEOMETRY HELD CONSTANT 

0 AXIALLY  STIFFENED SEMI-MONOCOQUE SHELL  STRUCTURE WITH  152.4 MM (6.0 IN.) 
DEEP FRAMES AT 508.0 MM (20.0 IN.) SPACING 

0 63.5 MM (2.5 IN.) MINIMUM  ALLOWANCE  FOR TPS BETWEEN  OUTER  MOLD LINE AND 
NEAREST  STRUCTURAL ELEMENT 

0 RESIZE FOR  CONSTANT PAYLOAD: $61.8  K/KG  ($28 K/LB) 

Figure 3 
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INTEGRAL VS. NON-INTEGRAL  TANKS 
CONFIGURATION COMPARISON 

( FIGURE 4) 

Base l i ne   veh ic le  body s t r u c t u r e   c o n s i s t s   o f   i n t e g r a l  Siamese tanks   w i th   mach ined   i n teg ra l   s t i f f en -  
ing  elements and mechanica l ly   a t tached  r ings and frames, s ide  shear  panels  forming  the  upper  body  moldl ine,  
and upper  longerons  that   share  overal l   body  loads  wi th  the  tanks.   Payload  doors do n o t   c a r r y   o v e r a l l  body 
l oads ,   bu t   s tab i l i ze   t he   l ongerons   aga ins t  column buck l ing .  TPS panels,   forming  lower  s ide and bottom 
mol d l   ines,   are  suppor ted on posts and beams a t tached   to   ex te rna l   t ank   r i ngs .  TPS panels and t h e i r   s u p p o r t s  
ca r ry   l oca l   p ressu re   l oad ings   on l y .  A ground  purge chamber i s   p r o v i d e d   b y  a th in   p ressure   wa l l   a round  the  
o u t e r   f l a n g e .   o f   t h e   t a n k   r i n g s .  

With  non- integral   tanks,  a lower body she1 1 surrounds  the  tank i n  c ross-sec t ion  and rep laces   the  
i n t e g r a l   t a n k   f o r   c a r r y i n g   o v e r a l l  body loads and p r o v i d i n g  TPS support .   Non- integral   tanks  are suspended 
w i t h i n   t h i s   s h e l l   f r o m   s t a t i c a l l y   d e t e r m i n a t e   m o u n t i n g   p o i n t s .  A ground  purge chamber i s   p r o v i d e d   b y  
t h e   c a v i t y  between  tank  and  body s h e l l .  



INTEGRAL VS. NON-INTEGRAL TANKS 
Configuration Comparison 
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I 

- - L=="""- - 1 - 1 SYMMETRY 
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\ - 76.2 MM 
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SECTION A-A 
INTEGRAL TANKS 

Figure 4 

NON-INTEGRAL  TANKS 



INTEGRAL VS. NON-INTEGRAL TANKS 
WEIGHT DIFFERENCE 

('FIGURE 5)  

Non-integral  tanks  must  withstand  bending moments and ax ia l   l oads   f rom  i ne r t i a   o f   t anks  and contents. 
These  bending moments and a x i  a1 loads  are  considerably 1  ess than  the  corresponding  overal l  body forces,  
which  are  shared  by  integral   tanks and  upper body s t r u c t u r e  , b u t  must be c a r r i e d  by the   non- in tegra l   tank  
acting  alone.  Consequently,  reductions i n  tank   un i t   load ing   in tens i t ies   ( runn ing   compress ion  and tens ion 
loads)  were  found t o  be smal l .  

L i t t l e   w e i g h t   r e d u c t i o n   i s   r e a l i z e d   i n   t a n k   s t r u c t u r e   s i n c e   t a n k   s k i n s   a r e   s i z e d   f o r   i n t e r n a l   p r e s s u r e  
and on ly   the   we igh t   o f   s t i f fen ing   e lements  can  be  reduced f o r  reduced u n i t  loads. 

A separate 1 i n e r   t o   c o n t a i n   p u r g e  gas c i rcu la ted  around  the  tanks  dur ing  pre launch phase i s   n o t  
requ i red   w i th   t he   non - in teg ra l   t ank ;   t he   pu rge   l i ne r   f unc t i on   i s   se rved   by   t he  added body s h e l l .  

Body  frames which  support TPS panels  must  span  the  body  width  without  benefi t   of  intermediate  support 
Prom the   tank   cen ter  web qnd, t hus ,   i ncu r  a major we'ight pena l ty   w i th   non- in tegra l   tanks .  

Bending  loads  carr ied  by  the  non- in tegra l   tank 
be c a r r i e d  by the  body s t ruc tu re ,   l ower   she l l   p lus  
weight  with non- integral   tanks.  

e f f e c t i v e  
1 ongerons . 

l y  reduce  the 
This   reduct  

t o t a l  bend 
i o n  appears 

i n g  moments t h a t  must 
as reduced  longeron 

The m a j o r   s t r u c t u r a l   w e i g h t   i n c r e a s e   f r o m   i n t e g r a l   t o   n o n - i n t e g r a l   t a n k s   i s   t h e  added weight  of 

the  lower body  she1 1. 



INTEGRAL VS NON-INTEGRAL TANKS 

I ITEM 
TANK 
PURGE LINER 
FRAMES 
LONGERONS 
SHEAR PANELS 
LOWER SHELL 
FUSELAGE  AREA 
TPS 

~~ 

TOTAL 

Weight  Difference 

-45 ( -100) 
-499 (-1100) 
t 875 (t 1930) 
-163 ( -360) 
t45 ( t100) 

t 3126 (t 6890) 
t222 ( t490) 
t76 . ( t167) 

REDUCED INTEGRAL  STIFFENING 
NOT  REQUIRED;  STRUCTURAL SHELL PROVIDES  PURGE WALL 
INCREASED SPAN OF LOWER BEAM 
REDUCED OVERALL BENDING LOADS 
LOCALLY INCREASED SHEAR FLOWS FROM TANK SUPPORTS 
ADDED  STRUCTURE 
PROVIDETANKCLEARANCE 
INCREASED FUSELAGE  AREA  REQUIRING TPS 

~~ 

t3637 ~- KG (i8017 LB) 1 BASICALLY  DUE TO EXTRA  SHELL ADDED AROUND TANKS 

WNI = WEIGHT OF NON-INTEGRAL  TANKS 
WI = WEIGHT OF INTEGRAL TANKS 

SUMMARY: NON-INTEGRAL  TANK DESIGN IS 3637 KG (8017 LB)  HEAVIER  THAN  INTEGRAL 
TANK DESIGN FOR THE  VEHICLE  CONFIGURATION  STUDIED 

b b  

0, Figure 5 
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INTEGRAL VS. NON-INTEGRAL  TANKS 
Summary 

ITEM 

FUSELAGE CHANGE: 
HEIGHT 
WETTED  AREA 
VOLUME 
WEIGHT 

TENSILE 
THERMAL STRESS 
(PROPELLANT TANK) 

TANKREMOVAL 

TOTAL PROGRAM 
COST  CHANGE 

INTEGRAL 1 N0N;IANNT:SGRAL 
TANKS 

SMALL I NEGLIGIBLE 

NOT 
PRACTICAL 

POSSIBLE 

~~ ~~ 

$273,000,000 

EXPENSIVE 
MORE 

REASON 

~ 

PRIMARILY DUE  TO EXTRA ~ 

SHELLADDEDAROUNDTANKS 

1 
NON-INTEGRAL TANK ISOLATED 
FROM HOT  STRUCTURE 

TANK REPAIR TECHNIQUES ON 
COMPLETE  CONFIGURATION MAY 
BEONLYPRACTICALAPPROACH 

PRIMARILY DUE  TO  DECREASED 
PAYLOAD WEIGHT 1 

Figure 6 
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INTEGRAL VS. NON-INTEGRAL TANKS 
STUDY CONCLUSIONS 

(FIGURE 7)  

Integral  tanks  save  vehicle  weight.  Additional  stiffening t o  s tab i l ize   the  t a n k  wall t o  withstand 
overall body loads i s  considerably  lighter  than  addition of a complete  independent body she l l .  

For the  configuration  studied, thermal stresses  result ing from mutual constraints between cold 
integral  tanks and warm body s t ructure   are  reduced t o  acceptable  levels by detai l  design  techniques. 

The present  baseline  delta wing  o rb i te r  has a body arrangement similar t o  the  s t ra ight  wing orb i te r  
used for  the  trade  study. Body shaping of the  delta wing orb i te r  t o  reduce s ize  has reduced outer mold- 
l ine  t o  t a n k  clearances below those shown for  the  study  baseline  orbiter. As a consequence, clearances 
for  a body shell  t o  permit  non-integral  tanks would require  increase i n  body w i d t h  and greater depth 
than  considered i n  the  study and an added weight  penalty would resul t .  On the  other hand ,  body bending 
loads  are  constderably lower w i t h  the   del ta  w i n g  arrangement, and the  weight  penalty fo r  an added lower 
skell  would  be sTgntficantly  less. A weight  penalty of from 2270 t o  3630 kg (5000 t o  8000 lb )  i s  

estimated for  non-integral  tanks on the  present  delta wing orbiter;  therefore,  integral  tanks have  been 
selected.  



INTEGRAL VS. NON-INTEGRAL  TANKS 

Study  Conclusions 

0 WITH INTEGRAL TANK  DESIGN, THERMAL STRESSES DUE 
TOTEMPERATUREGRADIENTSTHROUGHBODYSECTION 
ARE NOT PROHIBITIVE 

0 FOR THE VEHICLE CONFIGURATION STUDIED,  INTEGRAL 
TANK  DESIGN SAVES WEIGHT 

0 INTEGRAL TANK  DESIGN HAS LOWER DEVELOPMENT, 
INVESTMENT, AND TOTAL PROGRAM  COSTS 

Figure 7 



MAIN  CRYOGENIC PROPELLANT TANK DESIGN CONCEPT 
COMMON VS. SEPARATE TANK BULKHEADS 

(FIGURE 8) 

Common t a n k  bulkheads were selected  for  the  baseline straight wing  o rb i te r  and the  baseline  booster 
a t  the beginning of the Phase B study. Common bulkheads were selected on the  basis o f  subjective  evalua- 
t ions t h a t  they would permit minimum vehicle  length and total  weight. 

Separate bulkheads  permit cornpl ete  draining of propel 1 ants i n  the  forward t ank  wi thou t  running pro- 
pel lant   l ines  from the forward t a n k  through t h e   a f t  t a n k .  W i t h  either  tension or compression common bulk- 
heads the weight of residual propel 1 ants w i t h  LOX forward may exceed the weight  saving i n  s t ructure .  

Common versus  separate t ank  bulkheads trade  study  presented  here  deals with the common bulkhead i n  
the   orbi ter  Siamese t ank .  Evaluation of common versus  separate  tank bulkheads for  the  booster  is  not 

covered i n  this  presentation. 



MAIN  CRYOGENIC  PROPELLANT  TANK 
DESIGN  CONCEPT 

COMMON VS. SEPARATE  TANK  BULKHEADS 

LOX  TANK LH2 TANK 

COMMON TANK BULKHEAD 

0 LEAST STRUCTURAL WEIGHT 
0 DECREASED FUSELAGE LENGTH AND 

VEHICLE  TOTAL WETTED AREA 

SEPARATE TANK  BULKHEADS 

0 LEAST RESIDUAL LOX 

Figure 8 
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COMMON VS. SEPARATE TANK BULKHEADS 
STUDY METHODOLOGY 

( FIGURE 9)  

The baseline  for  this  study was the  s t ra ight  w i n g  o rb i te r  employing integral Siamese propellant 
tanks w i t h  a common bulkhead between the oxygen and hydrogen tanks.  Minimum changes were made t o  i n -  
corporate  separate bulkheads and orb i te r  weight was held  constant 

W i t h  separate  bulkheads,  vehicle  length i s  increased t o  accommodate separated  tanks  necessitating 
evaluation of additional  structure and resizing of existing  structure  for  increased  loads.  

Based on S-IVB experience, minimum separation  distance between common bulkheads t o  accommodate the 
LOX t a n k  sump  was 635 mm (25 in .  ) . 

Methods of evaluating dropout  propellants  for  the common bulkhead configuration were based on methods 
from NASA CR-59255, modified t o  account f o r   t i l t ,  of l iquid  levels  result ing from non-alignment o f  t a n k  
centerline and thrust  vector. 

Vertical and horizontal  tail  surfaces were resized t o  maintain  aerodynamic-stability w i t h  increased 
fuselage  length, based on MIL-F-8785 short  term frequency  requirements. Tai 1 weight change 
was cal  culated  using empi ri cal methods. 



COMMON VS. SEPARATE  TANK 

Study  Methodology 

BULKHEADS 

0 BODYSTRUCTURE EVALUATEDTOACCOUNTFORVEHICLELENGTHCHANGE 

0 TANK SUMP CLEARANCE BASED  ON  S-IV B EXPERIENCE 

0 DROPOUT PROPELLANT WEIGHT PER NASA  CR-59255 

0 HORIZONTAL AND VERTICAL  TAIL SIZES  ADJUSTED FOR VEHICLE  LENGTH 

0 RESIZE FOR  CONSTANT PAYLOAD: $61.8 K/KG ($28 K/LB) 

Figure 9 



COMMON VS. SEPARATE TANK  BULKHEADS 
CONFIGURATION COMPARISON 

( FIGURE io) 

This i s  t h e   b a s e l i n e   s t r a i g h t   w i n g   o r b i t e r  and i t s   m o d i f i c a t i o n  used i n   t h i s   s t u d y .  

I n c r e a s e d   v e h i c l e   l e n g t h   w i t h  common bulkheads i s   p a r t l y  due t o  a1 lowance f o r   t h e  LOX tank sump 
between the  bulkheads.  With  separate  bulkheads  the LOX t a n k   a f t  dome i s  reversed, and t h e  LOX and LH2 
volumes are  no 1 onger   nested.   Addi t ional   fuse l  age l e n g t h   i s   r e q u i r e d   t o   p r o v i d e   t h i s  volume. 

The fuselage  length i s  increased by  adding  structure i n   t h e   i n t e r - t a n k   r e g i o n ;   f u s e l a g e   s t r u c t u r e  
forward and a f t   o f   t h e   t a n k s   i s   n o t  changed. 



COMMON VS. SEPARATE TANK BULKHEADS 
Configuration  Comparison 

COMMON TANK BULKHEAD CONFIGURATION /77 

45.1 M (147,8 FT) -4 
FUSELAGE CHANGES  WITH SEPARATE TANK  BULKHEADS: 

LENGTH = t 1321 MM ( t 5 2  IN.) 
WETTED AREA = t40.69 M2 ( t438 FT2) 
VOLUME = t83.53 M3 (t2950 FT3) 



COMMON VS. SEPARATE TANK BULKHEADS 
BULKHEADITANK ASSEMBLY 

( FIGURE 1  1 ) 

A technique has been established  for  fabricating a common tank  bulkhead. Our approach i s  t o  con- 
s t ruc t  bulkhead domes of an integrally  st iffened  plate,  formed t o  a spherical segment, rather t h a n  
attempting  the more  complex  honeycomb sandwich approach. The  two  domes are we1 ded t o  the  center  forging 
which eventually  is  attached t o  the t ank  center web with  mechanical fasteners. The " Y "  ring is  a welded 
assembly o f  forgings which i s  subsequently welded t o  the dome sub-assembly  with a single  continuous  cir- 
cumferential weld. 

The bulkhead  assembly i s  welded t o  the t a n k  barrel  section w i t h  a continuous circumferential weld. 



COMMON VS. SEPARATE  TANK  BULKHEADS 
Bulkhead/Tank  Assembly 

FORGING 

-/- WELD 

-l 

DOME SUB-ASSY BULKHEAD ASSY 

V 
A-A - 
B-B 

7 
c-c 

D-D 

LOX TANK LH2 TANK 

A 
BULKHEAD/TANK ASSEMBLY 

Figure 11 



COMMON VS. SE.PARATE  TANK  BULKHEADS 

COMPARISON  OF  MANUFACTURING  COMPLEXITY 

(FIGURE 12) 

Continuous , ci rcumferent ia l   automat ic   fus ion  welds  are  used  to   jo in   the  bu lkhead dome sub-assembly 
t o   t h e  "Yl' r i n g ,  and t o   j o i n   t h e   b u l k h e a d  assembly t o   t h e   t a n k   " b a r r e l "   s e c t i o n .  To f a c i l i t a t e   a u t o m a t i c  
weld ing  across  the  cusp  a t   the  tank  top and  bottom  center l ines,  as t y p i f i e d  by Sect ion A-A,  l o n g i t u d i n a l  
t r a n s i t i o n   s e c t i o n s   a r e   p r o v i d e d   t o   a l l o w  a r a d i u s   i n   t h e  cusp as i l l u s t r a t e d   i n   S e c t i o n  B-B. Th is  
assembly  technique wi 11  be  employed f o r   t h e  common bulkhead  (or  separate  bulkheads) and f o r   t a n k  end 
bulkheads. 

I t  became e v i d e n t   t h a t   w i t h   t h e   i n t e g r a l l y   s t i f f e n e d   b u l k h e a d  approach, t h e  common bulkhead  presents 
no  more d i f f i cu l t y   t han   separa te   bu l kheads   o r  end  bulkheads , and i n   f a c t  was found t o  be  less  expensive 
t o  manufacture  than two separa te   bu lkheads  p lus   in te r - tank   s t ruc tu re .  

.Bulkhead and tank  assembly  procedures  are  the same f o r   e i t h e r  a tension  or  compression comnon bulkhead. 



COMMON VS. SEPARATE  TANK  BULKHEADS 
COMPARISON OF MANUFACTURING  COMPLEXITY AT BULKHEAD/ 

CENTER WEB INTERSECTION 

COMMONTANKBULKHEAD B - l  

”_ ”_ - 
+ + +  + + +  

””” -7 
\ 

LOX  TANK J B J  
CENTER WEB 

+ +  
CUSP AT 

TANK 
SECTION 
SHOWN 

LH2  TANK 
CENTER WEB 

BASIC 
SHAPE - 

A-A 
SEPARATE  TANK  BULKHEADS 

LOX  TANK 
CENTER WEB 

INTER 
CENTER WEB 

Figure 12 



COMMON VS. SEPARATE TANK BULKHEADS 
WEIGHT DIFFERENCE 

( FIGURE 13) 

With separate t a n k  bulkheads design  there i s  a net  increase of 680 kg (1499 1 b )  in  vehicle  inert 
weight.  This  consists of increases  in  weights of s t ructure ,  TPS and L O X  feed  lines due t o  increased 
vehicle  length, and of decreases i n  weights of bulkheads, LOX t a n k  wall and aerodynamic surfaces. 

The 340 kg (749 lb)  saving  in dropout  propellant,  possible with separate  bulkheads, i s   re la t ive  t o  
the use of a compression common bulkhead in  the  baseline  vehicle. 

As part of the  trade  study,  various methods  of reducing dropout  propellant weight were investigated. 
Draining liquid oxygen  from the bottom of a tension bulkhead by routing  the LOX feed l ine through the LH2 
t a n k  was rejected because of the L O X  insulation  requirements. Syphoning LOX from the bottom of a tension 
bulkhead without  the  formation of gaseous  bubbles in  the  feed  line  is  questionable;  therefore,  the compres- 
sion bulkhead configuration was selected. Dropout propellant volume  was  computed using the method i n  
NASA CR-59255, "S tudy  of Terminal Draining." LOX feed 1 ines were located t o  take  advantage of the  " t i  1 t" 
of the t ank  centerline  relative t o  the  acceleration  vector a t  end  of burn.  The included  angle between the 
common bulkhead dome and LOX t a n k  wall was established t o  be 15 degrees,  as a minimum practical  value  for 
fabri  cation. 



COMMON VS. SEPARATE TANK BULKHEADS 
Weight  Difference 

(1 

! (KG) , 1LB) 

I 
I 

ITEM 1 A WT* 
I REASON  FOR DIFFERENCE 

:STRUCTURE (488)  (1076) 
1 BULKHEADS -148 -327 TWO TENSION  BULKHEADS WEIGH LESS THAN 
I. ONE COMMON COMPRESSION BULKHEAD 

LOX  TANK  WALL -198 . I -437 REDUCED LENGTH OF L O X T A N K W A L L W I T H  
TENSION BULKHEAD 

SKIRT ' 343 I 756 ADDITIONAL COMPONENT 
RESIZED  COMPONENTS 

UPPER  FUSELAGE 115 ~ 253 ADDITIONAL  VEHICLE  LENGTH 
CONTINGENCY  (10%) I 44 I 98 

THERMAL  PROTECTION SYSTEM (321) (707) 

I 

1 

I 332 1 733  INCREASED  LOADS  DUE  TO  INCREASED  VEHICLE 
LENGTH 

- 

' TPS MATERIAL I 292 I 643 , ADDITIONAL  VEHICLE  AREA 
CONTINGENCY (10%) 29 I 64 ' 

MAIN  PROPULSION SYSTEM ~ (42) i (93) ~ 

LOX  FEED  LINE ' 40 I 88 ~ ADDITIONAL  LENGTH  OF  LINE 
CONTINGENCY  (5%) 2 l  5 

AEROSURFACES ~ f i 7 1 7 - 7 - 3 7 7 )  
_ _ _ ~  _ _  " ". - _. . 

HORIZONTAL  TAIL 
CG SHIFT -235 -107 VERTICAL  TAIL 
CG SHIFT -142 -64 

DROPOUTPROPELLANT BULKHEAD  SHAPE 8 ORIENTATION -749 -340 
- "- " -. . . - 

TOTAL = t 340 t 750 

SUMMARY: SEPARATE  TANK  BULKHEADS  ARE 340 KG (750 LB)  HEAVIER  THAN COMMON TANK  BULKHEAD 
* A  WT = WEIGHT DIFFERENCE OF SEPARATE  TANK  BULKHEADS DESIGN  COMPARED  TO COMMON TANK 

BULKHEAD DESIGN 

Figure 13 
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COMMON VS. SEPARATE TANK BULKHEADS 
SUMMARY 

( FIGURE 14)  

Orbiter  size and weight increase w i t h  separate t ank  bulkheads. 

Program cost  increase with separate bulkheads includes development and investment  costs  plus  cost o f  
resizi  ng the system t o  regain 340 kg (750 1 b) o f  payload a t  $61.8K/kg  ($28K/1 b )  . 

i 



COMMON VS. SEPARATE TANK BULKHEADS 
Summary 

IT  EM 

FUSELAGE CHANGES: 
LENGTH 
WETTED  AREA 
VOLUME 
W El GHT 

TOTAL PROGRAM 
COST  CHANGE 

e&-- I 
COMMON TANK 

BULKHEADS BULKHEAD 
SEPARATE TANK 

REASON 

( t52  IN-) PRIMARILY  DUE TO INCREASED 
t40’69 ’* ( t438 FT2) 
t 83.53 M3 (t 2950 FT3) 

LENGTH OF FUSELAGE 

I t 340 KG ( t 7 5 0  LB) 1 
t $30,950,000 PRIMARILY  DUE TO DECREASED 

PAYLOAD WEIGHT 

Figure 14 



COMMON VS. SEPARATE  TANK  BULKHEADS 

STUDY  CONCLUSIONS 

(FIGURE 15)  

For the  orbiter  vehicle  studied,  the  cost  for  fabricating one common bulkhead was found t o  be less 
than  the  cost  for two separate bulkheads plus  inter-tank  structure;  there  are fewer par ts ,  fewer welds 
and fewer pounds  of structure.  

Orbiter weight was less  w i t h  the common t a n k  bulkhead design;  this  results  primarily from the  fuselage 
having less  length and less  surface  area. 

Structural  weight  saving w i t h  the common t a n k  bulkhead was halved by the weight of dropout propellant 
( L O X ) .  Dropout propellant volume was computed using methods for  cylindrical , non-ti lted  tanks;  analytical 
corrections were applied  for t a n k  centerline t o  thrust   l ine  angularity.  

Vehicle  configuration changes wi 11 be monitored for   effects  on the  selection of the common t a n k  bulk- 
head design for   the  orbi ter .  

A similar  study was  made using the canard  booster  with L O X  forward as a baseline. Small cost and 
weight  savings were indicated for the common t a n k  bulkhead  approach; however, vehicle  configurational 
considerations  resulted  in  the  selection of a separate bulkhead design for  the  booster. Current con- 
figuration  studies of the  booster  are a g a i n  addressing  the  question  of common vs.  separate t a n k  bulkheads 
i n  conjunction  with  locating LOX a f t .  



COMMON  VS.SEPARATE  TANK  BULKHEADS 

Study Conclusions 

0 COMMON TANK BULKHEAD DESIGN COSTS  LESS 

0 COMMON TANK BULKHEAD DESIGN WEIGHS  LESS 

0 WEIGHT DIFFERENCE IS SENSITIVE TO  DROPOUT PROPELLANT VOLUME 

0 CONCLUSIONS  ARE HIGHLY  SENSITIVE TO VEHICLE CONFIGURATION 
AS IT AFFECTS RESIDUAL PROPELLANT WEIGHT 

0 CONFIGURATION RELATED ADVANTAGES  CAN JUSTIFY SELECTION 
OF EITHER DESIGN 

Figure 15 
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COMPARISON OF FORMS OF INTEGRAL STIFFENING 
DESCRIPTION OF CONCEPTS TRADED 

( F I G U R E  1 7 )  

Concepts evaluated were isogrid , 0" - 90" waffle , 0" - 90" waffle  with  discrete  attached  rings , and 
45" waffle.   Intrinsic  st iffness  associated w i t h  these approaches yields high buckling eff ic iencies .  

When each candidate  stiffening concept was sized t o  react  just   overall  body loads, 0" - 90" waffle 
with discrete  rings and isogrid b o t h  had greater  residual  capability t o  react  circumferenti a1 bending 
load than  e i ther  0" - 90" waffle or 45" waffle. 0" - 90" waffle.with  deep,  discrete  stiffening  rings 
accommodates ci  rcumferenti a1 bending loads ( r e su l   t i  ng from TPS support) w i t h  m i n i m u m  weight.  Isogrid, 
however , has a large number  of potent ia l .  attachment  points ( a t  the nodes) and thereby  provides greater 

design f l ex ib i l i t y  t o  accommodate attachments t o  the t a n k .  

While 0" - 90" wafefle and 45" waffle  stiffening  concepts were competitive when sized t o  react   just  
overall body loads,  neither provided a mechanism as e f f i c i en t  as  isogrid or 0" - 90" waffle w i t h  d iscrete  
rings  for  distributing  point load introduction  into  the t a n k .  Consequently, further  investigation of 

these two forms  of integral   st iffening was not performed. 



COMPARISON OF FORMS OF 
INTEGRAL  STIFFENING 

Description of Concepts  Traded 

WITH DISCRETE 

Figure 17 



COMPARISON OF FORMS OF INTEGRAL STIFFENING 
KEY FACTORS CONSIDERED 

(FIGURE 1 6) 

MateriaT pTacement t o  match the maximum  number of fa i lure  modes will general \y  result  i n  minimum 
weight for buckling. Four primary fai lure  modes  were considered i n  th is  study:  (1)  general  instability, 
(L) panel instabi l i ty ,  ( 3 )  plate  buckling, and ( 4 )  local  crippling.  Consideration of interaction between 
fai lure  modes should be  made i n  more refined  design  analyses t o  prevent  premature overall  instability 
failures  precipitated by interacting w i t h  local  failure modes. One approach to  preventing this possibility 
w i t h  an insignificant weight penalty i s  t o  "design  in''  higher  local failure mode allowables. 

Integration of st iffening arrangement i n t o  the  overall  configuration  requires  consideration of external 
pressure load introduction i n t o  the tank and integration of the tank i n t o  the primary fuselage  structure. 
The f i r s t  consideration  relates t o  both orbiter and booster, whereas the second relates  primarily t o  the 
orbiter.  For the  orbiter, h i g h  unsymmetrical load introduction i n t o  the tanks results from support of TPS 
panels on a non-axisymnetric  moldline. Deep, discrete  rings can efficiently  carry  these  loads and are  easily 
integrated i n t o  the upper frames which s tabi l ize  longerons and support  side  shear  panels. 

Consideration of fabrication  constraints/compl  exity unique t o  each concept i s  important. Minimum 
practical gage i s  judged t o  be 1 mm (0.04 i n . ) .  A typical 0" - 90" waffle geometry section for the  orblter 
was machined from representative  plate  stock and verified  this judgement. I t  i s  felt t h a t  this i s  a 
reasonable  value for the  study  concepts. Allowance for sufficient  circumferential r i b  depth t o  accomnodate 
r i n g  attachment was  made. 
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COMPARISON  OF FORMS OF 
INTEGRAL STIFFENING 

Key Factors Considered 

0 MATERIAL  PLACEMENT TO  MATCH  MAXIMUM  NUMBER OF FAILURE MODES 

0 INFLUENCE OF STIFFENING ARRANGEMENT ON OVERALL CONFIGURATION 
STRUCTURAL WEiGHT 

0 FABRICABILITY: 
MINIMUM  GAGE CONSTRAINTS 
DISCRETE RING ATTACHMENT REQUIREMENTS 

Figure 18 
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COMPARISON OF FORMS OF INTEGRAL  STIFFENING 

UNIT WEIGHT COMPARISON 
' ISOGRID VS. 0" - 90" WAFFLE (WITH  DISCRETE  RINGS) FOR ORBITER 

(FIGURE 19) 

Comparison of unit weight for  axial compressive s t a b i l i t y  of representative  orbiter main propellant 
tank  material, geometry, and internal  pressure  indicated  insignificant  differences between isogrid and 
0" - 90" waffle  with  discrete  rings. The basic  difference  in  load  paths between these two approaches i s  
t h a t  0" - 90' waffle  carries  essentially  all   the hoop pressure  load  as hoop membrane load; whereas isogrid 
skin  shares  the hoop pressure  loading w i t h  the  integral ribs. Evaluation of hoop pressure  load sharing 
for the 0" - 90" waffle geometry resulted i n  less  t h a n  a 5% weight  saving  as some of the skin material 
had t o  be replaced i n  axial   st iffening t o  keep the same axial compressive  buckling fa i lure  mode allowables. 
This resul ts  i n  the  skin  thickness  for 0" - 90" waffle  being  sized t o  carry  all  the hoop pressure  load, 
This  defines  the minimum skin  thickness which also  resulted i n  minimum weight for  axial compressive loading 
for  the range of parameters  considered. 

Donne11 type stabil i ty  differential   equations with bifurcation from a membrane prebuckled  shape were 
used for  general and panel i n s t ab i l i t y  allowables. Checks  made w i t h  the  full  Fligge differential  equations 
indicated t h a t  the  higher  order terms neglected by the Donne1 1 equations had negligible  effect   for  the 
study . 
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COMPOSITES VS. CONVENTIONAL  MATERIALS 

STUDY METHODOLOGY 

(FIGURE 23) 

Temperature limits  indicated  for boron/epoxy and boron/aluminum are expected 100 mission  reuse 
temperatures. 

To minimize risk of delay i n  technology development 
applications where metallic elements could  be substituted 
selected  as  the  simplest t o  manufacture. 

To f a c i l i t a t e  replacement o f  composites  with  convent 

t was decided t o  l imit  composite  elements t o  
i f  necessary.  Straight, un iax ia l  elements were 

onal  metal  elements and t o  minimize  development 
requirements,  all composite  elements are  mechanically  attached t o  other  structure. 

I t   i s  assumed that  SR&T recomnended funding will  assure  the  adequate development o f  composite tech- 
nology by 1973. 



COMPOSITES VS. CONVENTIONAL 
MATERIALS 

Study  Methodology 

0 MAXIMUM TEMPERATURE FOR  REUSE:  BORON/EPOXY 176OC (350OF); 
BORON/ALUMINUM 37OoC (700OF) 

0 STRAIGHT UNIAXIAL STRUCTURAL ELEMENTS 

0 COMPOSITE STRUCTURAL ELEMENTS  ARE MECHANICALLY  ATTACHED 
AND DIRECTLY  REPLACED WITH METALLIC COUNTERPARTS 

0 RESIZE FOR  CONSTANT PAYLOAD: $61.8 K/KG ($28 K/LB) 

0 SR&T  RECOMMENDED FUNDING WILL ASSURE COMPOSITE STRUCTURE 
TECHNOLOGY IN 1973 

Figure 23 

4 -  
'4 
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COMPOSITES VS. CONVENTIONAL MATERIALS 
SELECTED COMPOSITE MATERIAL APPLICATIONS FOR ORBITER VEHICLE 

(.FIGURE 24) 

Areas for composite applications  are shown for the  baseline  delta  orbiter. 

Boron/epoxy was selected for thrust structure  tubes. Temperatures i n  th is  region of the  orbiter do 
no t  exceed 176°C (350°F) because o f  thermal protection  requirements imposed by engine power heads and 
equipment i tems . 

Boron/aluminum was selected for the remaining applications, which include  sti'ffeners  for wing skln  
panels,  fuselage  shear  panels and payload doors, and caps f o r  fuselage  frames. In these  applications, 
boron/aluminum elements are no t  exposed t o  temperature  exceeding 370°C (700°F). 



COMPOSITES VS. CONVENTIONAL  MATERIALS 
Selected  Composite  Material  Applications 

for Orbiter  Vehicle 

MAJOR FUSELAGE 

UPPER.FUSELAG 

G 
W Figure 24 



COMPOSITES.VS.  CONVENTIONAL  YATERIALS 
CROSS  SECTIONS OF SELECTED  COMPOSITE MATERIAL APPLICATIONS 

( F I G U R E  25) 

Thrust structure tubes consist  of uniaxial boron/epoxy composite  overlay on titanium tubes. Tubes 
are  2.4 t o  3.7 m (8  t o  12 f t )  i n  length, 254 t o  305 mm (10 t o  12 in.) i n  diameter, w i t h  4.0 to   6 .5  mm 
( .16 to  .26 i n .  ) thick boron/epoxy composite overlay. 

Fuselage frame outer  caps  are boron/aluminum composite. The s t ra ight  cap  elements have 18 t o  25 mm 
( . 7  t o  1.0 i n . )  f langes  that   are .61 t o  2.54 mm (.024 to   . lo0 in . )  thick. The cap  elements, which extend 
from the upper longerons to main cryogenic  propellant  tank rings, a re  u p  t o  3.7 m (12 f t )  i n  length. 

Stiffeners  for  fuselage  shear panels , payload  door and w i n g  skin panels are a1 so boron/aluminum 
composite. Stiffeners  for  fuselage  shear  panels and payload door are 20.3 t o  38.1 mm ( . 8  t o  1.5 i n . )  
i n  height, 0.61 t o  1.00 mm ( .024  to .040 in . )  i n  thickness, and u p  t o  1.01 m ( 3 . 3 3  ft) in length. Wing 
skin panel s t i f feners   are   20.3  to  63.5 mm (0.8 t o  2.5 i n . )  i n  h e i g h t ,  0.61 t o  5.10 mm (.024 t o  .200 in . )  
in thickness, and up t o  12.2 m (40.0 f t )  in length. 



COMPOSITES VS. CONVENTIONAL  MATERIALS 
CROSS SECTIONS  OF SELECTED COMPOSITE 

MATERIAL  APPLICATIONS 

APPLICATION 

THRUST 
STRUCTURE 

MAJOR & UPPER 
FUSELAGE 
FRAMES 

SHEAR PANELS 
ANDPAYLOAD 
DOOR 

WING 
SKIN  PANELS 
(STIFFENED) 

CONVENTIONAL 

uTITAN1uM 
f T1TAN1uM7 

3 -TITANIUM 

TITANIUM 

COMPOSITE 

BORON/EPOXY 

rBORON/ALUMINUM 

+- BORON/ALUMINUM 

yBORON/ALUMlNUM 
1 TITANIUM 

Figure 25 
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COMPOSITES VS. CONVENTIONAL  MATERIALS 
Potential  Weight Saving With  Composite  Materials 

APPLICATION 

THRUST  STRUCTURE 
UTILIZE BORON/EPOXY  OVER 
TITANIUM THRUST  TUBES 

PAYLOAD DOOR 
UTILIZE BORON/ALUMINUM STIFFENERS 

INTERMEDIATE FUSELAGE FRAMES 
UTILIZE BORON/ALUMINUM  FRAME  CAPS 

SHEAR PANELS 
UTILIZE BORON/ALUMINUM STIFFENERS 

WING SKIN/STIFFENERS 
UTILIZE BORON/ALUMINUM STIFFENERS 

MAJOR FUSELAGE FRAMES 
(WING ATTACH, INTERCONNECT TAIL 
SUPPORT  FRAMES, ETC.) 
UTILIZE BORON/ALUMINUM  FRAME  CAPS 

D ELT 
BASELINE WEIGHT 

KG 

744 
- 

887 

1828 

1452 

21  16 

3166 

LB  

1640 

1955 

4030 

3200 

4664 

6980 

~~~~ ~~~~~ 

A WING ORBITER 
1 WEIGHT  SAVING  WITH  COMPOSITES 

~~ 

KG 

184 

59 

186 

170 

530 

194 

TOTAL 1323  KG 

L B  
~~ 

406 

130 

410 

374 

1168 

428 

~ 

TOTAL 2916 LB 

1 

Figure 26 



COMPOSITES VS. CONVENTIONAL MATERIALS 
POTENTIAL COST SAVING WITH COMPOSITE MATERIALS 

(FIGURE 27) 

The cost for boron/epoxy  and  boron/aluminum composite materials applications is $50.3 M and includes 
RDT&E, investment and operational costs. The dollar value of the 1323 kg (2916) lb) weight saving result- 
ing from these applications is $81.5 M based  upon resizing to maintain constant payload at $61.8 K/kg ' 

($28 K/lb). The net program saving is $31.2 M and is the difference between the cost for composite 
materials application and the dollar value of the weight saving. 

SR&T funding to assure adequate development of composite technology by 1973 is estimated to be $.5 M 
for boron/epoxy  and $5.0 M for boron/al uminum. 

I 



COMPOSITES VS. CONVENTIONAL 

Potential  Cost  Saving  With  Composite Materials 
MATERIALS . 

~~ 

COST  FOR COMPOSITE 
APPLICATION 

WEIGHT  SAVING 

VALUE OF  WEIGHT 
SAVING 

NET PROGRAM  SAVING 

~ 

DELTA WING ORBITER 
COMPOSITE MATERIAL  APPLICATIONS 

BORON/EPOXY 
THRUST STRUCTURE TUBES 

$2,9 M 

184 KG (406 LB) 

$11.3 M 

$8.4 M 

BORON/ALUMINUM 
ELEMENTS 

$47,4 M 

1139 KG (2510 LB) 

$70.2 M ’ 

$22.8 M 

Figure 27 
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COMPOSITES VS. CONVENTIONAL  MATERIALS 
STUDY CONCLUSIONS 

This trade  study, which included  technical and econometric analyses, has shown t h a t  a significant 
program cost  saving can  be realized through relatively 1 imi ted use of boron/epoxy and boron/al uminum 
composites on the  orbiter  vehicle. This saving  is  possible w i t h  minimal technological advancement 
and r i sk ,  and can be obtained through applications t h a t  are  less complex t h a n  experimental structures 
which  have  been fabricated for tes t .  

Composites should be used i n  orbiter  structures where total  vehicle requirements can  be  met by 
composite elements of  the type studied. 
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MATERIALS 
2219 VS. 2014 FOR MAIN CRYOGENIC 

PROPELLANT  TANK  MATERIAL 

1 ALUMINUM ALLOY 2219-T87 

0 SUPERIOR  STRESS  CORROSION 
RESISTANCE 

1 ALUMINUM ALLOY 2014-T6 1 __ - - - - . . - - 

HIGHER ULTIMATE AND YIELD STRENGTH 

0 EXTENSIVE USE IN BOOSTER 
APPLICATIONS 

I 
I 

Figure 29 



2219 VS. 2014 FOR MAIN CR.YOGENIC PROPELLANT TANK MATERIAL 
STUDY APPROACH 

(FIGURE 30) 

Comparison of 2219 with 2014 was based primarily on published d a t a .  Adequate d a t a  are  available t o  
evaluate  weight based on factor of safety  design,  sensit ivity t o  stress  corrosion, and fabrication  techniques. 
Adequate d a t a  are n o t  available t o  assess with  confidence t ank  weight based upon analyses t o  assure  required 
t ank  l i f e .  Fracture  strength and crack growth d a t a  for b o t h  2219 and 2014 in  thicknesses of interest   are  
no t  found in  the 1 i terature;   therefore,   tests  are being performed during Phase B t o  provide  these data  for 
b o t h  parent  metals and welds. These d a t a  wil l   faci l i ta te   def ini t ion o f  allowable  operating  stresses, proof 
s t resses ,  and NDE requirements t o  achieve a required t a n k  l i f e .  
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2219 VS. 2014 FOR MAIN  CRYOGENIC 
PROPELLANT  TANK  MATERIAL 

Tank Weight  Difference 

TANK  WEIGHT INCREASE  WITH  2219 MATERIAL COMPARED TO  2014 MATERIAL 

FACTOR OF SAFETY 

BOOSTER 227 KG (500 LB) 

ORBITER 181 KG (400 LB) 

FRACTURE MECHANICS* 
1000  PRESSURIZATIONS 

3402 KG (7500 LB) 

680 KG (1500 LB) 

*BASED ON AVAILABLE  FRACTURE TEST DATA  FOR THICK SPECIMENS. 

Figure 32 



2219 VS. 2014 FOR MAIN  CRYOGENIC PROPELLANT TANK MATERIAL 
MECHANICAL  PROPERTIES  COMPARISON 

(FIGURE 33) 

Mechanical properties of 2014-T6 equal or exceed those  of 2219-T87 for  plate  thicknesses  required 
f o r  booster and orbi ter  tanks.  

MIL-HDBK-5  minimum guaranteed  values have been multiplied by 1.07 t o  o b t a i n  "Guaranteed Typical" 
properties used i n  t ank  material  sizing. Bracketed d a t a  are  typical  values from  Phase B t e s t s .  

k 



Mechanical  Properties  Comparison 

NOTE: BRACKETED  DATA ARE TYPICAL I 2014-T6 
, 

VALUES FROM  PHASE  B  TESTS I GUARANTEED ! MIL-HDBK-5 

63.5  MM PLATE 
(2.5 IN. PLATE) 
BOOSTER TANK 

38.1 MM PLATE 
(1.5 IN. PLATE) 
ORBITER TANK 

I TYPICAL 

Ftu (MN/M2) 
I 
I 480 

(492) 
(KSI) 69.6 

(71.4) 

(KSI) 

ELONGATION (%) 

(443) 
62.0 

(64.2) 
(9) 

494 
71.6 

465 

67.4 
- 

Figure 33 

"A"  VALUES 

448 

65.0 

400 

58 .O 

4 

462 
67.0 
434 

63.0 
6 

2219-T87 

;LIARANTEED 
TY  PlCAL 

472 
(494) 
68.5 

(71.7) 

376 
(407) 
54.6 

(59 .O) 
(9) 

435 
63.1 
376 

54.6 
- 

-. 
-L 

MIL-HDBK-5 
" A "  VALUES 

441 

64.0 

352 

51.0 

6 

407 
59 .O 
352 
51.0 

6 

1 



2219 VS. 2014 POR MAIN CRYOGENIC PROPELLANT TANK MATERIAL 
STRESS CORROSION THRESHOLD VALUES 

(FIGURE 34) 

Resistance t o  stress  corrosion  is a major consideration. The stress  corrosion  threshold is clearly 
higher  for 2219-T87, particularly i n  the  short  transverse  direction. 

For stress  corrosion t o  occur  there must  be sustained or residual  tension  stresses on the  surface ex- 
posed t o  a corrosive  environment. 

External  integral  stiffeners on both  orbi ter  and booster  tanks  will  require  protection from corrosive 
environments. Shor t  transverse  grain  will be exposed on machined flange  surfaces, Residual stresses can 
resul t  from machining,  forming, or attachment t o  .other  structural members. 

Difficulties  in  inspection of all  external tank surfaces due 
and access  panels  point u p  the  risk of using a material  susceptib 

t o  extensive removal  of TPS, purge walls 
l e  t o  stress  corrosion  cracking. 



2219 VS. 2014 FOR  MAIN  CRYOGENIC 
PROPELLANT  TANK  MATERIAL 

Is Corrosion  Threshold  Values 
” /I 

GRAIN I PLATE 1 HAND2FPRf:GS ’ 
MATERIAL 

DIRECTION M N / M ~  1 KSI , MN/M 

Stres 

7 

2014-T6 

2219-T87 

L ‘ 310 
L T  

48 ST 
207 

L > 276 
L T  > 262 
ST > 262 

45 
30 
7 

> 40 
> 38 
> 38 

207 
172 
48 

> 262 
> 262 
> 262 

I I I I 

WELDMENTS (GAS TUNGSTEN ARC) 

PARENT  METAL 

(0.75 TO 1.0 IN.) FILLER WIRE 1 (0.08 TO  0.125 IN.) 
19.05 TO 25.4 MM 2.03 TO 3.17 MM AND 

PLATE SHEET 

~ M N / M ~  I KSI I M W M ~  I KSI I 
2014-T6/4043 212 30.7 >148 >21.4 AS WELDED 1 203 ~ 29.4 ~ > 167 1 >24.2 1 AGED 

2219-T87/2319 > 24.9 > 172 > lo7  AS WELDED >15.5 
> 225 AGED >23.9 >165 >32.6 

30 
25 
7 

> 38 
> 38 
> 38 

Figure 34 



2219 VS. 2014 FOR MAIN  CRYOGENIC PROPELLANT TANK MATERIAL 
PHASE B TEST DATA 

(FIGURE 35) 

Data obtained from our Phase B t e s t s  on 3.81 mm (0.15  in.)  thick specimens show a s l i gh t  b u t  incon- 

clusive advantage for 2014, par t icular ly   for  low values of a /Q.  A t  a /Q values of a b o u t  2 .2  mm (0.09 i n . ) ,  
the two alloys appear t o  have equal strength; however, the  trend  indicates a possible  strength advantage 
for  2219 a t  higher a/Q values. There also appears t o  be an increase in c r i t i ca l   s t ress   in tens i ty   fac tor ,  
Kc w i t h  increasing  flaw  size  for b o t h  materials. 

A large  reduction i n  fracture  strength has  been measured for  some  2014 specimens with  long, deep 
flaws. Because of the  relative  length of these  flaws, b o t h  gross and net   fracture  stresses  are shown. 
Comparative data  for 2219 material  are n o t  yet   available.  

Relative  fracture  stress  levels shown from these d a t a  are  in substantial agreement w i t h  the   re la t ive 
fracture  stresses  obtained from pub1 ished d a t a  for  thick specimens and used for weight  comparisons i n  
this  study. 



2219 VS. 2014 FOR MAIN  CRYOGENIC 
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Figure 35 
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2219 VS. 2014 FOR MAIN CRYOGENIC 
PROPELLANT  TANK  MATERIAL 

Study  Conclusions 
2219-T87 

a HIGHER STRESS  CORROSION RESISTANCE 
a BETTER WELD ELONGATION AND AREA  REDUCTION 
a BETTER AGE FORMING 

HIGHER MAXIMUM TEMPERATURE FOR REUSE 

2014-T6 
a WEIGHT ADVANTAGE BASED ON FACTOR OF SAFETY  APPROACH 
a APPARENT WEIGHT ADVANTAGE BASED ON FRACTURE MECHANICS  APPROACH: 

FRACTURE TOUGHNESS  COMPARISON NOT  CONCLUSIVE 
CRACK GROWTH CHARACTERISTICS COMPARISON NOT  CONCLUSIVE 

)2219-T87  APPEARS TO BE BEST CHOICE1 

Figure 316 



are  applicable t o  
provide empi ri cal 

In comparing 
factor   for  genera 

RECOMMENDED TECHNOLOGY AND/OR DESIGN DEVELOPMENT EFFORT 

(FIGURE 37) 

Weight of  dropout  propellant  is a significant  factor  in  configuration  trade  studies.  Existing d a t a  
ideal  circular,  vertical  tanks.  Tests  should be performed on t i l t e d  Siamese tanks t o  
d a t a  for  more accurate  evaluations of t ank  and propellant system designs. 

forms  of integral   st iffening i t  was assumed t h a t  the same correlation (knock down) 
1 and panel instabil i ty  applied t o  a1 1 concepts.  Tests of the prime candidate  integral 

stiffening  designs,  isogrid and 0" - 90" waffle w i t h  d iscrete   r ings,  should be performed t o  determine 
accuracy of analytical  predictions on this   basis ,  Secondary benefits  resulting from th is   e f for t   a re  
evaluation of fabrication  techniques and determination of r e a l i s t i c  non-optimum weight factors.  

Composite technology development fo r  even the modest applications  selected  should be  underway t o  
assure  availabil i ty of established  material  processes,  fabrication methodology and design  techniques  for 
the  f irst   shuttle  vehicles.   Tests should  provide  data  for  fail  safe and sa fe   l i f e  designs of boron/epoxy 
thrust tubes, and for   fabr icat ion,  design and analysis of mechanically  attached  uniaxial boron/aluminum 
structural  elements. 

The need for  t h i n  gage fracture  strength and crack growth rate  data and for established  reliable NDE 
capabi l i t ies   is   essent ia l  t o  the  basic  structural  design approach t o  achieve  system l i f e .  I t  appears 
unlikely t h a t  complete reliance can be placed upon a f racture  mechanics approach in view of tank  weight 
c r i t i c a l i t y  and load  spectrum  complexity.  Flightworthiness will  have t o  be verified by inspection  tech- 

niques t o  a considerable  degree.  Directly  applicable  fracture  data should be obtained, however, t o  define 
N D E  requirements and t o  form a basis  for  design  criteria judgements. 

. ." 



RECOMMENDED  TECHNOLOGY AND/OR 
DESIGN  DEVELOPMENT  EFFORT 

OBTAIN  EMPIRICAL  DATA FOR DROPOUT PROPELLANT VOLUME  PREDICTIONS 
CONSIDERING SIAMESE TANK DESIGN AND TILT OF TANK  CENTERLINE 
RELATIVE TO ACCELERATION  VECTOR 

0 PERFORM  COMPARATIVE TESTS TO DETERMINE COMPRESSIVE BUCKLING 
STABILITY OF INTEGRALLY  STIFFENED  SHELLS 

0 DEVELOP BORON/EPOXY  TECHNOLOGY FOR THRUST  STRUCTURE APPLICATION 

0 DEVELOP BORON/ALUMINUM  TECHNOLOGY  FOR UNIAXIAL,  MECHANICALLY 
ATTACHED  STRUCTURAL  ELEMENTS 

0 DETERMINE  STATIC AND CYCLIC  FRACTURE STRENGTH  AND  CRACK GROWTH 
RATE  DATA FOR 2219 AND 2014 PLATE MACHINED TO THICKNESSES REPRE- 
SENTATIVE OF MAIN PROPELLANT  TANK WALLS 

0 IMPROVE FLAW  DETECTION  TECHNIQUES FOR MAIN PROPELLANT  TANKS 

Figure 37 





APPLICATION OF BERYLLIUM TO ORBITER PRIMARY STRUCTURE 

BY 
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INTRODUCTION - 
(Slide 1) 

In  seeking  feasible  and  practical  approaches  to  reduce  overall program costs   for  a reusable  space 
vehicle,  the  present  attack i s  t o  examine alternate  configurations  to  the two-stage  reusable  space  shuttle. 
Lockheed, Grumman, Chrysler,  and Boeing are   par t ic ipa t ing   in  such a c t i v i t i e s .  Lockheed cost  studies have 

shown a significant advantage fo r   t he  development  of the  stage-and-one-half  concept. 
Another  approach i s  t o  examine the  use of  advanced materials  and  concepts  for space shuttle  application 

because of the  potent ia l   for   s ignif icant  weight  and  cost  savings. 
Generally, i n  a material  selection  decision,  conventional-material usage resu l t s   in :  

0 Higher  weight of structure/TPS 0 Lower material  costs 
0 Larger  vehicle  size 0 Lower fabrication  costs 

while  use of  advanced mater ia ls   resul ts   in :  
0 Reduced weight of structure/TPS 0 Increased  material  cost 

Smaller  vehicle  size e Increased  fabrication  costs 
The costs   referred  to   are ,  of course,  those  for  structure/TPS  materials  and  fabrication  per  unit  weight. 

Weight savings due to   the  use of advanced materials, however, can  equate t o  system benefits, such as reduced 

vehicle  size,  smaller number of engines,  and  lower  propellant  loads. These benefits  have the  appealing  effect 
of actually  reducing  overall   costs.  It i s  not  possible,  therefore,  to  select  materials  properly  without  an 
evaluation of the  effect  on t o t a l  program development and  operational  costs. 



I N T R O D U C T I O N  

THE COST EFFECTIVENESS  OF ADVANCED-MATERIAL  USAGE 

ON  SPACE SHUTTLE VEHICLES CANNOT BE ASSESSED ON 

THE BAS IS OF VEHICLE PERFORMANCE OR PAYLOAD 

IMPROVEMENT ALONE BECAUSE OF OVERALL  SYSTEMS 

IMPLICATIONS. 

I T  1s LOCKHEED'S APPROACH, THEREFORE, THAT WITH  FIXED 

PERFORMANCE PAYLOAD REQUIREMENTS, ADVANCED MATERIALS 

SHOULD BE USED TO: 

e REDUCE VEHICLE SIZE,  WHICH  WILL 

e REDUCE  TOTAL PROGRAM COSTS 

Slide 1 



A prac t ica l  concept fo r   s t ruc tu ra l  panels i s  i l l u s t r a t e d   i n   s l i d e  2. This i s  a photograph of a 

Z-stiff ened beryllium  structural  panel  constructed by Lockheed under  Contract NAS 9-11222 for NASA/MSC. 

The t o t a l  area of the  panel i s  sl ightly  greater  than 4 f t2  (0.4 m2) and the  weight i s  less than 2 lb  

(0.9 kg). This panel was designed as a heat-shLeld  subpanel; however, i t s  structural   capabili ty would 

qualify it f o r  airframe structural   applications.  



S T I F F E N E D  B E R Y L L I U M  P A N E L  

Slide 2 



PRIMARY STRUCTURE  MATERIALS 
( Slide 3) 

The  apparent  high  material  cost  and  complexity  of  design  and  fabrication  have  delayed  the  use 
of  advanced  materials  in  aircraft  applications,  thus  far.  Regular  use  of  beryllium  as  a  primary  structural 
material  has  been  achieved,  however,  for a non-reusable  vehicle,  the  Agena,  where  proper  engineering  and 
manufacturing  expertise  have  made  possible  the  payload  benefits.  This  is  indicative  of  much  greater 
benefits  for  a  reusable  vehicle,  and  the  apparent  payoff  in  a  shuttle  application  warrants  an  effort  to 
prove  the  feasibility  and  cost-effectiveness  of  advanced-material  usage. 

In  its  evaluation  of  the  effects  of  advanced-material  use,  Lockheed  chose  beryllium  for  the  structure 
on  the  basis of trade  studies  which  indicate  that  this  material  results  in  the  minimum-weight  system.  The 
high modulus-density  ratio  and  the  excellent  elevated-temperature  characteristics  of  beryllium  permit 
maximum  savings  in  lightly  loaded  structure  and  in  thermal  protection  insulation  thickness. Of the  materials 
considered,  beryllium  was  also  found  to  be  in  the  most  advanced  state  of  development,  with a long  record of 
successful  space  flight  applications. In its  studies,  Lockheed  has  therefore  considered  beryllium as repre- 
sentative  of a high  level  of  structural  efficiency;  this  level  may  be  equalled or surpassed  by  other  advanced 
materials  or  concept  developments. 
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STRUCTURAL  STABILITY  WEIGHT INDEX VS. TEMPERATURE 
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'L BERY LL I UM 
I 

100 200 300 
TEMPERATURE (OF) 

500 

250 300 35Q 400 450 500 558 
(1 )  CROSS-PLY  LAYUP (Oo, 90'1 TEMPERATURE (OK) 
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COMPARATIVE SYSTEM PARAMETERS 

(Slide 4) 

To  gain an understanding  of  the  true  value of the  benefits  of  using  advanced  structural  materials 
and/or  concepts,  two  studies  were  conducted  by  Lockheed  with  the  goal  of  reducing  system  size,  weight, 
and  complexity  while  fulfilling  Phase B requirements.  The  approach  taken  in  the  first  study was to  design 
and  perform  a  weight  and  cost  analysis  of  systems  containing  conventional  (aluminum/titanium)  orbiters  and 
also  advanced-material  orbiters  which  are comptible both  with  a  conventional  fliLly  recoverable  booster 
(two-stage  concept)  and  with  drop  tanks  (stage-and-one-half  concept). 

The  second  study  addressed  an  orbiter  configuration  which,  because  of  the  restricted  internal  volume, 
is  applicable  only  to  the  stage-and-one-half  concept. 

The  remaining  slides  present  the  results  of  these  studies  for  the  two-stage  and  stage-and-one-half 
concepts.  The  cost  data  shown  reveal  the  intrinsic  value of reducing  inert  weight  and  provide  a  basis 
for  establishing  priorities  for  material or concept  development. 

The  orbiter  dry  weight,  which  was 189,000 lb (85,700 kg) f o r  Phase B with  aluminum  as  the  primary 
structure  material,  was  reduced  to 114,500 lb (52,000 kg),  while  la.unch  weight  dropped  from 3,500,000 lb 
(1,590,000 kg) to 2,492,000 lb (l,l3O,OOO kg). A comparative  cost  analysis  showed  a  decline  in  Research, 
Development,  Test,  and  Engineering (KDT&E) costs  from $6,395 million  to $5,686 million and in  total  program 
costs from $8,800 million  to $7,756 million  (see  discussion of slide 11). From results of the  second  study, 
when  the  orbiter  is  designed  to  be  only  compatible  with  the  stage-and-one-half  concept,  the  weight  is 
reduced  to lO7,OOO lb (48,500 kg).  Total  program  cost  is  further  reduced  to $5,214 million. 



C O M P A R A T I V E   S Y S T E M   P A R A M E T E R S  
C O N V E N T I O N A L   V S   A D V A N C E D   M A T E R I A L S  

TWO-STAGE 

CONV. A DV. 
MAT'LS MAT'LS 

0 ORBITER 
SIZE: (FT) 153 121 

(m) 47 '37 
DRY  WEIGHT:  (LB) 189,000 114,500 

(kg) 85,700 52,000 
ENG I NE NUMBER 2 2 

STAGE-AND-ONE-HALF 
(CONVERT1  BLE TO TWO-STAGE) 

CONV. ADV. 
MAT'LS  MAT'LS 

153 I21 
47  37 

261 , 000 146,500 
I18,Ooo 66,500 

' II 6 

0 BOOSTERlDROPTANK 
INERT WEIGHT: (LB) 5 18,000 387,300 126,000 63,000 

(kg) 234,000 175,000 57,200 28,500 
. ENGINE  NUMBER I I  8 

0 SYSTEM 

GROSS  LAUNCH 
WE1  GHT: (LB) 3,500,000  2,492,000 3,500,000 I ,  920,000 

(kg) I, 590,000 I, 130,000 I, 590,000 871 ,000 

($MILLION)  8,800 7,756" 7,357 5,815" 
PROGRAM  COST 

"COMPLEXITY FACTOR = 1.5 

Sl ide 4 



DIMENSIONAL  COMPARISON OF TWO ORBITER  CONCEFTS 

(Sl ide 5) 

A dimensional  comparison  of the  conventional-  and  advanced-material  concepts  for a two-stage  vehicle 
reveals a 21% reduction  in  reference  length  and a similar reduction i n  aerodynamic surface  size.  This i s  

possible  primarily  because of reduced  propellant  loadings even  though  mission  requirements  and  parameters 
have  been  maintained. The reduction  in  propellant i s  such tha t   the   s t ruc tura l  arrangement of the  tanks can 
be chosen t o  allow  an  in-line  concept which, for   ascent ,   d i rects  a l l  axial  iner t ia   loading from the  tanks 
d i rec t ly   in to   the   th rus t   s t ruc ture  and a f t  attachment  points.  In  addition,  only  cylindrical  and  spherical 
tank  sections were u t i l i z e d   t o  reduce  manufacturing  complexity  and  expense. 



D I M E N S I O N A L   C O M P A R I S O N  O F  T W O   O R B I T E R   C O N C E P T S  

ADVANCED-MATERIAL  ORBITER 

CONVENTIONAL-MATERIAL  ORBITER 
I 

I 

Slide 5 
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WEIGHT COMPARISON - TWO-STCIGE DEL'II-BODY ORBITERS 

(Slide 6) 

Weight  analysis  results  for  the  advanced-material  study  are  shown  in  the  opposite  slide.  The  Phase B 

conventional-material  orbiter  is  seen  to  have  a  dry  weight  of 189,000 lb (85,700 kg)  which  can  be  reduced 
to 114,500 lb (52,000 kg)  by  application of advanced  materials.  The  inherent  efficiency of the  selected 
structure/TPS  concept  results  in  a  reduction of required  propellant from 558,000 lb (253,000 kg) t o  

385,000 lb (175,000 kg). This  reduction  in  required  internal  volume  permitted  the  size  decrease  achieved. 
Since  the  orbiter  launch  weight  decreases from 778,000 lb (353,000 kg)  to 537,000 lb (244,000 kg),  the 
booster  inert  weight  is  also  smaller  by 'l30,OOO lb (59,000 kg),  and  the  system  launch  weight is reduced by 
over 1,000,000 lb '(454;OOO kg)  to 2,5OO,OOO lb (1,134,000 kg) for  the fKLly reusable  booster  application. 



- 

AERO SURFACES 
BODY STRUCTU RE 
TPS (200 NM, L I  -1500) 
MA1  N  PROPULSION 
OTHER 
CONTI NGENCY (IO PERCENT) 

DRY  WEIGHT 

PERSONNEL 
CARGO 
RESIDUALS, RESERVES AND LOSSES 
M A I N  ENGINE  IMPULSE PROPELLANT 

CONVENTIONAL ORBITER ADVANCED ORBITER 
WE1 GHT WE1 GHT 

(LB) (kg) (LB) ( k g )  

17,104 7,760 7,600 3,450 
43,300 19,640 19,  IO5 8,670 
35,290 16,010 17,499 7,940 
35,650 16,170 26,376 11,960 
40,494 18,370 33,529 15,210 
17,184 7,790 IO, 411 4,720 

189,022 85,740 114,520 51,950 

678 310 678 310 
23,55 I IO, 680 30, OOO 13,610 
6,788 3,080 6,631 3,010 

557,961 253,090 385,423  174,830 

LAUNCH WE1 GHJ 778, OOO 352,900 537,252 243,710 

BOOSTER INERT AT SEPARATION 518, OOO 234,960 387,322 175,690 
BOOSTER PROPELLANT 2,204, OOO 999,730 I ,  567,426 710,980 

BOOSTER GROSS 2,722, OOO I, 234,690 I, 954,748 886,’670 

TOTAL LAUNCH 3,500, ooo I, 587,590 2,492,000 I, 130,380 

Slide 6 



DESIGN  REQUIREMENTS 

( S l i d e  7) 

Applicat ion  of   the  Phase B proposal  ground  rules t o  the  design of a high-cross-range  orb i t e r   r e s u l t e d  

i n  a de l ta -body  orb i te r   having  a dry weight of 197,600 l b  (89,600 kg).  Cargo c a p a b i l i t y  f o r  t h i s   v e h i c l e  

was l imited  to   15,000  lb   (6 ,800  kg)   with  the  required  system  launch  weight  of  3,500,000 (1,590,000 kg). 

The r e s u l t i n g   o r b i t e r   i g n i t i o n   w e i g h t  was 778,000 l b  (353 ,000   kg ) .   Seve ra l   f ac to r s   l ed   t o   t hese   r e su l t s :  

0 3,500,000-lb (l,59O,OOO-kg) launch  weight  requirement 

0 Use of metal l ic   thermal   protect ion  system (TPS) 
0 Use of  delta-body sweep of 78' 
0 Use of  aluminum f o r  s t r u c t u r a l  body  system 

0 l5OO-NM cross-range  requirement 

A subsequent  study % a s  made to   de t e rmine   i nc reased   ca rgo   capab i l i t y   w i th   t he   subs t i t u t ion  of LI-1500 

f o r  TPS and  with  the  cross  range a t  200 NM without  changing  the  basic  vehicle.  The dry weight  reduced t o  

189,000 lb (86,000 k g )  and   t he   ca rgo   capab i l i t y   i nc reased   t o  23,500 l b  (10,700 kg). 
Given  the  a l ternate   requirement  of a 30,OOO-lb (13,600-kg)  payload  with  variable  launch  weight  raises 

t h e   i s s u e  of reducing  cost   by  reducing  orbiter  weight  and  composite  vehicle  launch  weight,   thereby  reducing 

program c o s t s .  The s tudy   per formed  to   cons ider   a l te rna te   mater ia l s  f o r  t h e   s t r u c t u r a l  body  system u t i l i z e d  

the  design  ground  rules  shown i n   t h i s   s l i d e .  



D E S   I G N   R E Q U I R E M E N T S  

0 

0 

0 

0 

0 

0 

200-NM CROSS  RANGE 

30, m - L B  (13,600-kg) PAYLOAD 

9,000-FTISEC (2,743-mISEC)  STAG I NG VELOCITY 

SUBSONIC  LID = 4.5; HYPERSONIC LID H IGH 
AS  POSS I BLE 

TWO-STAGE COMPATI  B lL lTY  WITH STAGE-AND- 
ONE-HALF SYSTEM 

PROPULSION  SYSTEM  (INCLUDING  TANKAGE) 
DECOUPLED FROM  BODY  STRUCTURE 

Slide 7 



DESIGN  FE4TURES 

(Slide 8 )  

Design features   are  summarized in   the  opposi te   s l ide.  The most significant  design  features  are: 

0 Reduce  body  sweep angle from 78' t o  75' 

0 Delete TPS substructure and fasten  the LI-1500 d i rec t ly   t o   t he   s t ruc tu ra l  body, 
where temperature  isotherms exceed 1000°F ( 8 1 O O K ) .  

Reducing the body  sweep angle  while  keeping  base  width  constant r e s u l t s   i n  reducing  the  reference 

body length from 153 f t  (47 m) t o  I21 f t  (37 m ) .  Deleting  the E ' S  substructure  panels  while  permitting 
the  unprotected body t o  heat up t o  1000°F ( 8 1 0 O ~ ) ,  and sizing  the LLT-1500 thickness on the   bas i s  of a 

maximum bondline  temperature of 600% (?go%), reduced WS requirements  quite  significantly  in compar- 
ison with those of the Phase B delta-body  configuration  (see  slide 6).  

Reducing the  orbiter  dry weight  has the   a l l i ed   e f f ec t  of reducing  propellant  loading  required,  thus 
resu l t ing   in  a significant  overall  reduction  in  stage  launch weight  and  composite vehicle   l i f toff  weight 

(see  s l ide 6 ) .  



D E S I G N   F E A T U R E S  

I 

0 REDUCED BODY SWEEP ANGLE: 78 - 75O 

0 SHORTER VEHl CLE  LENGTH: 153FT (47m) - 121 FT (37m) 

0 BERYLLIUM  USED FOR ALL  PRIMARY STRUCTURE 

( 1 )  Z-STIFFENED  PANELS: 30 IN. x 100 IN. (76 cm x 254 cm) 
(2) FRAMES: AT 30-IN. (76-cm)  INTERVALS 
(3) LONGERONS: AT 1 0 0  -IN. (254-cm)  INTERVALS 
(4) LANDING GEAR AND OTHER BULKHEADS 
(5) PROPULSION  FRAMING  AND  THRUST STRUCTURE 
(6) ' PAYLOAD  BAY DOOR 
(7) AERODYNAMIC  SURFACES 

0 ORBIT 'THRUST REACTED THROUGH  ASCENT  TANKAGE WITH LH2 FORWARDILOX AFT 

0 LI-1500 BONDED DIRECTLY TO BODY STRUCTURE, WHERE TEMPERATURE EXCEEDS 
1000°F  (810°K) 

0 LI-1500THICKNESS  SIZEDTO  LIMIT  BONDLINETEMPERATURETO 60OoF (59OOK) 

0 RADIATION  FOILS  AND  FIBROUS  BATTING FOR TEMPERATURE-LIMITED  COMPONENTS 

rp 
Slide a 

% 



COMPARISON OF A L U "  AND BEXYLLIUM PRIMARY STBUCTURE 
(Slide 9) 

To minimize the   s t ruc tura l  weight of the  Phase B orbi ter ,   an open-faced trapezoidal  corrugated  shell, 
stiffened  with  frames,  posts, and longerons, was chosen. The requirement of attaching LI-1500 d i rec t ly  
to   the  skin  led  to   the  select ion of a beryllium  skin-stringer  configuration. A configuration  comprising 
sheet-metal Z-shaped stringers  fastened  to  thin  sheet was selected.  This shape a l so   l ends   i t se l f   be t te r   to  

conically shaped shells  than  integrally  st iffened  panels.  The opposite  slide  presents  the comparison of 

the Phase B s t ruc tura l  approach  and the  present  concept. It i s  noted that   the  Phase B approach  uses a 

titanium  trapezoidal-stiffened  panel  to which the LI-1500 i s  bonded. The panel i s  supported by the  frames 
which, in  turn,  circumscribe  the aluminum corrugated  fuselage  shell. The titanium  subpanel i s  permitted  to 
operate a t  600'~ (59OoK) , but  insulation i s  required t o  limit the aluminum t o  200°F (363OK). The current 
concept i s  very much simplified by eliminating  the  subpanels and the  temperature  limitation of 200°F (365%) 
on the  fuselage. 

To account for  the  ever-present  thermal  stress problem, the  structural   fuselage was designed as follow's: 
The panels t o  which LI-1500 a r e  bonded w i l l  be axially  load-carrying  panels as shown in   t he   s l i de .  Along 

the  fuselage  sides,  the  bare  beryllium  panels w i l l  be mounted with  shear  clips. These panels w i l l  carry 
shear and  aerodynamic pressures  only.  Preliminary  analyses show t h i s  approach t o  have negligible  thermal 

s t resses  when the  lower  panels  are a t  75 F (295%) and  the  side  panels  reach 920°F (765O~) (a t  200 sec of 

reentry).  Materials  used  in  the  propulsion system are  conventional. Main and orbit  propellant  tank  weights 
ape  based on 2219-T87 aluminum. 

0 



C O M P A R I S O N  O F  A L U M I N U M   A N D   B E R Y L L I U M  
P R I M A R Y   S T R U C T U R E  

STR I P 

ALUMINUM STRUCTURE  BERYLLIUM  STRUCTURE 

Slide 9 



GROUND RULE3 FOR COST ESTIMATES OF ALTERNATE TWO-STAGE SHUTTLE 

(Slide 10) 

The basic   orbi ter  shown previously i s  the  two-stage ful ly   reusable   orbi ter .  

SYSTEMS 

Booster  costs f o r  t h i s  
system were obtained by scaling down from existing  in-house Lockheed data. System costs for the conven- 
tional-material systems were also  derived from similar data. 

Costs were developed using  the ground ru les  shown in  the  opposite  sl ide.  Although one may doubt the 
va l id i ty  of the  Sr t icular   cost   es t imat ing  re la t ionship (CER) used, the  techniques were applied  consistently 
t o  a l l  systems;  hence re la t ive   cos ts  were obtained i n  a known, impartial manner. 



G R O U N D   R U ' L E S   F O R   C O S T   E S T I M A T E S   O F   A L T E R N A T E  
T W O - S T A G E   S H U T T L E   S Y S T E M S  

ALL COSTS GENERATED USING LOCKHEED  CERs 

MISS ION  MODEL - 430 OPERATIONAL  FLIGHTS 

OPERATIONAL FLEET: 5 ORBITERS  AND 5 BOOSTERS PLUS IO PERCENT 
I N I T I A L  SPARES 

DEVELOPMENT TEST HARDWARE:  EQUIVALENT OF 5 ORBITERS  AND 
5 BOOSTERS PLUS 20 PERCENT I N I T I A L  SPARES 

LEARNING  ASSUMED  AT 90 PERCENT FOR PRODUCTION  HARDWARE 
AND NO LEARNING FOR TEST HARDWARE 

ALL CASES ASSUME  SAME  COMMONALITY BETWEEN ORBITER  AND 
BOOSTER SUBSYSTEMS 

OPERATIONAL  TIME  PERIOD IS IO YEARS 

TWO OPERATIONAL  LAUNCH  BASES 

MATERIAL  COMPLEXITY  FACTORS FOR DEVELOPMENT  WEIGHTED AT 
20 PERCENT OF MANUFACTURING  COMPLEXITY FACTOR 

Slide 10 



LOW-CROSS-RANGE DELTA-BODY ORBITER COSTS WITH LI-1500 TPS 

(Slide 11) 

The  values  obtained  for  the  two-stage  system  are  shown  in  the  opposite  slide.  The  two  columns  on  the 
right  indicate  the  effect  of  changing  the  manufacturing  complexity  factor  from 1 . 5  to 3.0 to  account  for 
the  increased  fabrication  costs  of  beryllium as compared  to  aluminum.  The  left-hand  column shows costs  for 
the  conventional  aluminum/titanium  system.  It  can  be  seen  that  savings  in  RDT&E ($450 t o  $700 million)  are 
achieved.  This  is  the  result  of  reduced  system  size  which  the  CERs  use  as  their  basis.  The  data  show  that 
orbiter  first-unit  costs  vary as follows  with  complexity  factor: 

3 Orbiter  First-Unit  Cost ($ Million) 
1.0 74 
1 .5  82 
2.0 88 
2.5 94 

Since  the  first-unit  cost  of  the  orbiter  constructed  of  conventional  materials  is $88 million,  a  cross- 
over  exists  at Zp = 2.0. Considering  orbiter R"&E the  cross-over  occurs  at Zp = 2.9. 



LOW-CROSS-RANGE D E L T A - B O D Y   O R B I T E R   C O S T S  
W I T H  L I -1500  T P S  

R DT&E 

ORBITER 

BOOSTER 

SYSTEM 
COMMON 

SUPPORT  AND 
MGMT 

PRODUCTION  HDWE 

OPERATIONS 

6 MILLIONS) 

CONVENTIONAL NEW TWO-STAGE WITH Be  STRUCTURE 
TWO-STAGE Zp for Be = 1.5 Zp for Be = 3.0 

6395 5686  5949 

221 6 2018  2227 

21  03  1867  1867 

708 584 584 

I368 1217  1271 

1258 I098 I191 

I I47 972 1011 

TOTAL PROGRAM 8800  7756 8151 

A 
0) 
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From a structural  standpoint,  the  delta-body  configuration,  being  both wing and fuselage,  offers  the 
advantage of a large  usable  internal volume for  the  surface  area.  When payload  dimensional  requirements 
(15 x 60 f t  ( 5  x 18 m ) ) ,  the delta-body  configuration,  and  the  stage-and-one-half  concept (which i s  
desensitized from orbiter  ascent  propellant  requirements)  are combined, the  shortest  possible  orbiter  with 
the  least   possible  surface  area emerges. The decreased  internal volume f o r  propellants limits t h i s  approach 

to   t he  stage-and-one-half  system. 
For this  study, a minimum delta-body (78 -sweep) envelope was determined which would house the  payload, 0 

thrust   s t ructure ,   suff ic ient   ascent   propel lant   to   not   s ignif icant ly  degrade  system  performance,  and  miscel- 
laneous  systems ( j e t  engines  and fue l ,   o rb i ta l   t anks  and propellant,  landing  gear,  cabin,  etc. ) . A s  noted 
in  the  sl ide,   the  reference  length o f  this   vehicle  was determined t o  be 110 f t  (34 m) and the  span, 
69.5 f t  (21 m).  For camparison  purposes, it was decided t o  examine three  structural   materials systems: 
(1) a l l  aluminum, (2)  aluminum except for  beryllium moveable aero  surfaces,  payload door, and TPS subpanels, 

and (3) a l l  beryllium.  Propellant tanks f o r  a l l  three remained aluminum and the  thrust   structure  t i tanium. 
Results of this  study  indicated  that:  (1) the all-aluminum  vehicle was not  feasible  because  the  re- 

quired number of engines was too  great t o  f i t  within  the  base and wing loadings were too  high f o r  aerothermo- 

dynamic efficiency, ( 2 )  the aluminum/beryllium vehicle was marginal on both  counts,  but (3)  the  all-beryllium 
vehicle  could  easily house the  engines i n   t h e  base  and had reasonable wing loadings. 



M I N I M U M - E N V E L O P E   S T A G E - A N D - O N E - ' H A L F  O R B I T E R  
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COMPAFATIVE PA€"ETERS FOR STAGE-AND-0NE-HA.LF MATERIALS 

(Slide 13) 

In addition  to  the  technical  parameters  developed  in  this  study,  the  opposite  slide  presents  the 
results  of  a  cost  appraisal  along  with  previously  shown  stage-and-one-half  data  for  comparative  purposes. 
The size  effect  of  the  extensive  use of beryllium  is shown as  is  the  effect  on  complexity  of  the  vehicle. 
The inert  weights,  the  number  of  engines,  and  the  gross  liftoff  weight  are  all  reduced  by  more  than 50%. 

Even  though  a  manufacturing  complexity  factor  of 1 . 5  has  been  used  for  beryllium,  total  program  costs 
are  reduced  on  the  order  of 29%. Increasing  the  complexity  factor  to 3.0 would still  yield a reduction of 
approximately 27%. 

It  is  important  to  note  that,  in  relation  to  the  cost  figures, NASA ground  rules  have  changed  since 
the  original  work  was  accomplished.  These  figures  are  consistent  within  themselves  and,  as  totals, would 

represent  the  same  relative  standing as the  most  recent  values. 



C O M P A R A T I V E   P A R A M E T E R S   F O R   S T A G E - A N D -  
O N E - H A L F   M A T E R I A L S  

STAGE-AND-ONE-H  ALF 
(TWO  -STAGE COM PAT1 BLE) 

CONV.  MAT'LS  ADV.  MAT'LS 

0 ORBITER LENGTH (FT) 153 I21 
(m) 47 37 

DRY  WEIGHT  (LB) 261,000  146,500 
(kg) I18,OOO 66,500 

ENGINE NO. I1 6 

0 DROPTANK  INERT 
WE1 GHT: (LB) I26,OoO 63,000 

(kg)  57,200  28,500 

0 SYSTEM: 
GLOW (LB) 3,500,000 I, 920,000 

(kg) I, 590,000 871,000 

PROGRAM  COST  ($MILLION)  7,357 5,815* 

STAGE-AND-ONE-HALF 
( M I N I M U M  ENVELOPE) 

ADV.  MAT'LS 

I10 
34 

107,000 
48,500 

5 

50, OOO 
22,700 

I, 600,000 
726,000 

5,214* 

"MANUFACTURING  COMPLEXITY  FACTOR = 1.5 
I& 
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STUDY CONCLUSIONS 
(Slide 14) 

Results  of  the  study  indicate  that  considerable  cost  savings may be possible by application of  

advanced materials,  providing  the  cost  estimating  relationships  are  valid. These relationships  obviously 
apply  considerable emphasis t o  system size.  

It i s  c lear  from the  study  that  reduced  system  complexity w i l l  r esu l t  because the  large  reduction 

i n  launch  weight  achieved  immediately  reduces the   s ize  and  complexity of the  propulsion system. Also, as 

s t ruc tura l  weight i s  reduced, wing loading,  reentry  heating,  landing speed,  aerodynamic balance,  and  other 
benefits  are  achieved. 

The study  also shows that  cost   savings  are a function of the system i t s e l f ,  with  the  stage-and-one-half 
system showing the  greatest   percentage  reduction  in  total   costs (29% as compared with 12% for   the two-stage 
system).  This  further  i l lustrates  the need for the  materials  selection  process  to  evaluate  costs f o r  the  
en t i re  system. 



S T U U Y   C O N C L U S I O N S  

e COMPARATIVE TOTAL PROGRAM  'COSTS  SHOULD BE 
MATERIAL SELECTlOhl CRITERION 

0 ADVANCED  MATERIALS CAN PROVIDE MAJOR COST 
SAVINGS TO SPACE SHUTTLE PROGRAM 

0 REDUCED SYSTEM WEIGHT AND SIZE IS KEY TO 
COST SAVINGS ACHIEVED WITH ADVANCED 
MATERIALS 
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DESIGN,  MANUFACTURE AND TESTING OF A 

TD IVICKEL-CHROMIUM  STRUCTURAL  ASSEMBLY 

Read Johnson, Jr. 
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and 

Charles L. Ramsey 
Air Force  Flight Dynamics Laboratory 

Wright-Patterson AFB, Ohio 



SUMMARY 

A milestone was reached  in  August 1970 when t h e   v e r t i c a l  fin was d e l i v e r e d   t o   t h e  A i r  Force 

f o r   s t r u c t u r a l   t e s t i n g .  Another  milestone w i l l  be reached upon completion  of  tests  presently  being 

conducted.  Correlation of t e s t  results with  previous  stress  analysis  predictions will be made. 

Subsequently, a pos t   s t ruc tu ra l   t e s t   i nves t iga t ion  will be conducted on t he   f i n   t o   de t e rmine  

mater ia l   res idua l   s t rength  a d  microstructural  changes. The  work conducted  during t h i s  program 

thus  far has con t r ibu ted   s ign i f i can t ly   t o  an understanding  of  the material performance  capabili t ies 

and  mauufacturing  characterist ics  of TD N i C r .  Also, the   cur ren t   se r ies   o f   ascent  and reentry  pro- 

f i l e  tests being  conducted on t h e   f i n  is providing a t imely base of data t o  assess the  performance 

of a large manufactured TD N i C r  assembly and t o  establish a demonstrated  capability t o  design with 

t h i s  c l a s s   o f  materials. 



INTRODUCTION 

This presentation summarizes s ign i f i can t   r e su l t s  of a current A i r  Force  sponsored  program t o  

explore t h e  potential  use  of  dispersion-strengthened metals (DSM) i n   s t r u c t u r e s   t h a t  w i l l  experi- 

ence  repeated elevated temperature service.  The program was i n i t i a t e d   i n  February 1967 by t h e  

A i r  Force  Flight Dynamics Laboratory  and spec i f i c   i n t e re s t  was centered on second-generation 

dispersion-strengthened  metals t h a t  had been  developed  with chromium as an alloying  element t o  
produce greater  oxidation  resistance.  After i n i t i a l  material evaluation tests, TD N i C r  (Ni-20Cr- 

2Th0 ) became the material of   p r imary   in te res t   in  the program  because  of i t s  superior  performance 

and  because  of i t s  advanced  development s t a t u s  compared t o   o t h e r  second-generation  dispersion- 

strengthened metals. 

2 

Early  portions of  the program  were  devoted to   the  determinat ion  of  typical environments 

experienced by candidate   s t ructural  components, material evaluation tests and experimental fabrica- 

t i o n  and t e s t i n g  of  subscale   s t ructural  components. Material propert ies  were established in t h i s  

phase o f  the program  and sufficient  fabrication  experience was gained t o  provide a basis for in- 

depth  evaluation  of  fabrication  approaches t o  be used i n  t h e  design o f  a s t r u c t u r a l  test assembly. 
The detailed r e s u l t s   o f  the  f irst  portion  of t he  program are given i n  AFF'DL-TR-68-130, Par t  I. 

Efforts  during t h e  later portion  of t h i s  program have been directed  toward  the  design, 

analysis,  manufacturing  and  testing of a major representa t ive   s t ruc tura l  assembly u t i l i z i n g  TD 

N i C r .  This  presentation w i l l  report  on t h i s  segment o f t h e  program. 

Information  generated  under t h i s  program  and the  current tests being  conducted on t h e  TD N i C r  

I& 
(D 

f i n  at AFFDL provide  timely  contributions t o  related NASA sponsored  efforts  investigating the 

(0 application of t h i s  material for   space  shut t le   s t ructures  and thermal protection  systems. 



DSM STRUCTURAL TEST ASSEMBLY 

The t e s t  assembly configurat ion  selected was a full s i ze   ve r t i ca l   f l n   o f   t he  FDL-SA, a high 

l i f t - to-drag  ra t io   reentry  configurat ion  developed  in  A i r  Force  sponsored  studies. The completed 

s t r u c t u r a l   t e s t  assembly is  approximately 2.4 m ( 8  f't. ) i n   l e n g t h  at t h e  base and 1 m (3-1/2 f't . ) 
high at t h e   t r a i l i n g  edge. The t o t a l   s u r f a c e  area, including  both  sides  of t h e  f i n ,  is approxi- 

mately 2.8 m (30 f t .  ). The s t ruc tu re  , fabricated  pr imari ly   f rom TD N i C r  material, i s  current ly  

undergoing simulated f l i g h t  load and thermal tests at t h e  AFFDL S t ruc tu ra l  Test Fac i l i t y .  

2 2 

The overa l l   des ign   approach   for   the   f in  test assembly  employed an in te rna l   load   car ry ing   ho t  

s t ruc tu re  made of TD N i C r  formed sheet   spars ,  ribs and diagonal members r ive ted   toge ther  and 

covered with a t o t a l   o f  30 TD N i C r  surface  panels with overlapping  edges. The surface  panels were 

designed to   ca r ry   on ly   l oca l   l oads ,  and are at tached  to   the  pr imary  s t ructure   through machined 

f i t t i n g s  which permit a l l  but one point  on the panel t o   f l o a t ,   o r  move d i f fe ren t ia l ly   wi th   respec t  

t o  the primary  structure.  The pr imary  s t ructure   sustains  all bending  and shear loads,  which are 

reacted at the base of the fin  through a s e r i e s  of  a t t a c h   f i t t i n g s  that  connect the TD N i C r  f i n   t o  

mating s ta in less   s tee l   f rames  which form a t r a n s i t i o n   s t r u c t u r e  between t h e  tes t  assembly and the  

major test  j i g  framework. The design  approach  of  using  discrete  panels  that  are  free t o  move 

r e l a t ive   t o   t he   p r imary   s t ruc tu re  was se l ec t ed   i n  an e f fo r t   t o   d imin i sh  thermal stresses caused by 

temperature  differences  throughout t h e  s t ruc tu re .  



DSM STRUCTURAL TEST ASSEMBLY 
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COMPLETED PRIMARY STRUCTURE I N  ASSEMBLY JIG 

(Sl ide 2 )  

The in t e rna l   s t ruc tu re  was assembled  by  standard j i g  assembly  techniques  used  with  sheet 

metal s t ruc tures .   This   s l ide  shows the  completed  primary  structure  in  the  assembly  j ig.  The 

assembly was s t a r t e d  by pos i t ion ing   the   base   r ib  and f i n   a t t a c h   f i t t i n g s   i n   t h e   j i g ,   f o l l o w e d  by 

m a t i n g   t h e   f i t t i n g s   t o   t h e   s p a r s .  The leading  edge members, r i b s  and  diagonals were then  posi- 

t i o n e d   i n  the j i g ,   d r i l l e d  and r ive ted   toge ther .  TD N i C r  r i v e t s  were  used in   the   t empera ture  

regions above 816Oc (1,5OO0F), Hastelloy X fas teners  were used  in   regions between 649OC (1,200°F) 

and 816Oc (1,500°F),  and A-286 fas teners  were used at the  base where temperatures are below 649OC 
(1,200°F).  Approximately 500 TD N i C r  r i v e t s ,  375 Hastelloy  X'and  about 800 A-286 r i v e t s  were  used 

i n   t h e  primary  structure.  After completion  of  assembly  operations,   the  structure was removed  from 

t h e   j i g  and  given a s t r e s s   r e l i e f   a n n e a l  at 6 4 9 O C  (1,200'F). The l imit ing  temperature   for   anneal  

was 649OC (1,200'F)  due t o   t h e   u s e   o f  A-286 f a s t ene r s  and f i t t i n g s   i n   t h e   b a s e   r e g i o n .  





TD NICKEL-CHROMIUM WARM HEADED RIVETS 

(Slide 3) 

The development of TD N i C r  fas teners   involved  s tudies   of  material microstructural   changes  that  

occurred  during  fabr icat ion  of   r ivets  and threaded  fas teners .  One of t h e  more serious  problems 

encountered  in   the program was the change i n   g r a i n  size and  subsequent loss of  strength that  

resulted f'rom excessive  compressive  deformation i n  forming the heads on fas teners .  It should be 

noted t h a t   t h i s  s t rength  loss due t o  a microstructural  change has only  been  observed  in material 
undergoing  compressive  deformation. From t e s t s  conducted up t o  t h i s  time the data obtained  indi-  

ca t e  that approximately 20% deformation i s  required t o  cause  detrimental  microstructural  changes, 

and this amount i,s greater than  the  normal  deformation at t e n s i l e   f a i l u r e  of TD N i C r .  

I n  normal f ab r i ca t ion   o f   r i ve t s ,  the  heads are formed  by  upset  forging either at room 

temperature  or elevated temperatures.   In  the  case  of TD N i C r  rivets, the  deformation  during head- 

ing  coupled wi th  subsequent  exposure to   t empera tu res   i n  t h e  range  of 871OC (1,600~~) t o  1,204OC 
(2,200'F) caused the micros t ruc ture   in  the head   o f   t he   f a s t ene r   t o  become fine-grained  and 

untextured. This type  of  microstructure i s  typ ica l   o f  low s t rength  TD N i C r .  

Production  of "D N i C r  r i v e t s  was first t r i ed  by heading   the   r ive ts  at 649OC (1,200'F) and 

subsequently  annealing them at 1,3OO0C (2,37OoF) f o r  1 hour i n  an inert   environment.   Slide 3 shows 

the r ive t s   be fo re  and after annealing.  Studies  of the  post-annealed  rivet  microstructures showed 

t h e  first fabrication  approach t o  be only   par t ia l ly   successfu l   in   ach iev ing  a high s t rength  con- 

d i t i o n ,  as the f ine   g ra ined ,  low strength  microstructure  was s t i l l  p r e s e n t   t o  some e x t e n t   i n  the 

head of t h e  rivets after annealing. 
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TD NICKEL-CHROMIUM WARM HEADED  RIVETS 

HEADED AT 649' C (1,200' F) FROM 
ANNEALED HIGH STRENGTH  BAR 

HEADED AT 649' C (1,200' F) PLUS 
ANNEALED 1 HR. AT 1,299O C 
(2,370' F) IN  ARGON 

Slide 3 



TD NICKEL-CHROMIUM -MACHINED RIVETS 

(Slide 4 )  

This slide illustrates the  second  fabrication  approach  in which the rivets were  machined  from 

bar stock  having a mixed g ra in   s i ze  and then  annealed at l,300°C  (2,37OoF). The material micro- 

s t ruc ture   ach ieved   in  t h i s  approach i s  typ ica l   o f   t he   l a rge ,   ax i a l ly   e longa ted   g ra ins   t ha t  are 
cha rac t e r i s t i c   o f  the high  s t rength TD N i C r .  The second  fabrication  approach  Drovided  the best 

r i v e t s ,  and, consequently, was used  for a l l  of the TD N i C r  rivets i n  the  test  assembly. 

A l l  TD N i C r  fasteners,   both  screws and r i v e t s ,  were  annealed at 1,3OO0C (2,37OoF) f o r  1 hour 

i n  Argon. They were then  preoxidized  in  the air furnace at 1,093OC (2,000'F) f o r  1 hour t o  

provide an i n i t i a l   o x i d e ' c o a t i n g .  This oxide  coating  should  help  in  preventing  gall ing o r  se iz ing  

of   the   f lush  head panel  attachment  screws  during high temperature  exposures. 



TD NICKEL-CHROMIUM  MACHINED  RIVETS 

MACHINED  FROM  PARTIALLY 
RECRYSTALLIZED  BAR 

Slide 4 

MACHINED PLUS ANNEALED 1 HR. 
AT 1,299O C (2,370’ F) IN ARGON 



TEST ASSEMBLY SURFACE PANEL 

TD N i C r  panels were used  over the e n t i r e  tes t  assembly, a t o t a l   o f  30 panels   be ing .used   to  

cover the f i n  primary  structure.  The panels  used a s ingle   faced   cor ruga t ion   s t i f fened   des ign   . in  

which the  d e t a i l   p a r t s  were assembled  by  spotwelding.  Panel  face  sheets  were made f'rom  0.38-mm 

(0.015-in. ) shee t ,  t h e  corrugations were 0.25-mm (0.010-in. ) material and t h e  edge members were 
0.51-mm (0.020-in. ) gage TD N i C r .  Assembly of   the  panels  was accamplished by spotwelding the edge 

members and cor ruga t ions   toge ther   in i t ia l ly ,   fo l lowed by spotwelding the f ace   shee t   t o  the sub- 

assembly  of  edge members and  corrugation. After each  panel was spotwelded it was then  cleaned, 

g r i t  blasted and  preoxidized at 1,093OC (2,000'F) f o r  1 hour  in an air  furnace. The panel   a t tach 

points  were dimpled  for the  6.35-mm (1/4-in. ) diameter NAS 1221  configuration  f lush head screws 

that were  used t o   a t t a c h  the p a n e l s   t o  the primary  structure.  The average weight for  panels  used 

on the  tes t  assembly was 8.2 kg/m (1.68 lb./sq.f't.). 2 

Seve ra l   c r i t i ca l   des ign   a r eas  were selected  for   prel iminary test  eva lua t ion   before   f ina l  

design  stages were reached. One such component se lec ted   for  tests was a typical   surface  panel .  

As shown i n   t h i s  slide, test panels were mounted on a TD N i C r  r i ve t ed  frame t h a t  s imula ted   the   f in  

primary  structure  and  the test  panel was then  subjected  to   repeated 30 minute  thermal  cycles t o  

evaluate   the  panel ' s   abi l i ty   to   withstand  repeated  thermal   exposures .  Maximum panel  face  tempera- 

tu re   reached   in   the  tes t  s e r i e s  was 1,227'C (2,240'P).  Panel  face  sheet  buckling  occurred  in the 

in i t i a l   f l a t - f aced   pane l   des igns  and r e s u l t e d   i n  permanent  deformation  of  the  face  sheets. The 

final  panel  design  incorporated  shallow  beads  in t h e  face sheet, a design  change  which  prevented 

buckling  and  provided a configuration  capable of sustaining  repeated thermal cycles.  The f i n d  

design  sustained 30 tes t   cyc les   wi thout   fa i lure .  
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TEST LOADS AND TEMPERATURES FOR EXIT FLIGHT  CONDITIONS 

The operat ional  mode of  the FDL-5A was projected as that  of a ver t ical ly   boosted earth- 

orb i ta l   reen t ry   vehic le   having  a nominal  reentry  time  of 60 t o  90 minutes. With such  mission 

c h a r a c t e r i s t i c s   i n  mind, the two tes t  conditions  considered  were  exit and r een t ry   f l i gh t   l oad  and 

temperature  cycles. 

Typical  load  and  temperature  profiles were developed  for  both  f l ight  conditions,  and modifica- 

t i o n s  were made t o  fit within  s imulat ion  capabi l i t ies  of t h e  test  fac i l i t i es .   T ime-his tor ies   o f  

t h e   t o t a l   f i n   l o a d s  and temperatures are shown i n   t he   nex t  two slides fo r   t e s t   cond i t ions  simulat- 
i n g   e x i t   f l i g h t .  The r e l a t i v e l y  low temperatures  during  boost,  coupled with the desire t o   p r o t e c t  

s t r a i n  gage instrumentation  against  damage from  temperature  overshoot,  led t o  the se l ec t ion  of a 

constant  %emperatwe  profile  of 149OC (30OOF) f o r   e x i t  f l i g h t  simulation tests. I 
I 
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DISTRIBUTION OF MAXIMUM TEMPERATURES 
REENTRY  TESTS 
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TEST LOADS FOR REEXFRY FLIGHT  CONDITIONS 

(Slide 10) 

The t o t a l  fin  loads are shown i n  t h i s  slide f o r  t he  reent ry  test condition. Maximum cycl ic  

loads  are  applied  during  the  period  of  peak  temperatures,   with the loads  decreasing  to   about  65 
percent  of  the maximum during t h e  per iod when a lower  temperature  plateau i s  applied. Minimum 

loads  are 40 percent   of   the  maximum loads fo r   bo th   ex i t  and  reentry  conditions.  The tes t  loads 

shown i n   S l i d e s  6 and 7, as well as t h i s  slide, are limit loads  s ince a maJor t es t  object ive is 

t o   e v a l u a t e  t h e  e f f e c t s  on the   s t ruc tu re  of repeated  applications  of  expected  service  loads  and 

temperatures. The loads  used  for   design  of   the  s t ructure  were higher by a fac to r   o f  1.8 f o r   e x i t  

conditions and by 1 .5  for   reentry  condi t ions.  The 1.8 r a t i o  of ultimate t o  limit load  used f o r  

exi t   condi t ions  included a dynamic f a c t o r  of 1.2. 
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DSM FIN TEST SYSTEM 

(Sl ide 11 ) 

The ove ra l l  tes t  srrangement f o r  t h e  f i n   c o n s i s t s   o f  a cantilevered  horizontal  attachment t o  

a v e r t i c a l   t e s t   j i g  framework. Shown i n   t h i s   s l i d e   w i t h   t h e   t r a n s i t i o n   s t r u c t u r e  removed i s  t h e  

test   setup  consisting  of  load,  thermal  and  data  acquisit ion  systems. 

Programmed cyc l ic   loads   a re   appl ied   to   the   s t ruc ture   th rough  hydraul ic   load   cy l inders   in  

response t o   s i g n a l s  from the  Common Load/Heat Control Computer. Both  normal  and  chordwise loads 

are   appl ied,   the  normal loads  being  introduced a t  f i t t i n g s   n e a r   t h e   t i p  of  each  spar and t h e  chord- 

wise  loads  being  introduced a t  approximately the  half-span  posit ion on t h e  rear spar.  

The heating  system  consists  of  heat lamp assemblies   in   posi t ion a few inches  from  each  surface 

of t h e  f i n .  The heat lamp assembly f o r  each side i s  divided  into 12  zones  each  controlled  through 

t h e  Heat Control Computer t o  provide  the  proper  temperature  profile. 

Data acquis i t ion  i s  accomplished by the  Transmitter  Multiplexer  Unit. Data s igna ls   a re  con- 
di t ioned   and   t rmsmi t ted   to   the  CDC 1604 Dig i t a l  Computer for  Storage  and/or  processing. 

Inco rpora t ed   i n   t he   t e s t  system are  automatic  and manual abort  procedures  for  temperature  and 

load  overshoot. The 1604 D i g i t a l  Computer a l so   con t ro l s  an alarm  display  board which displays 

d i f f e ren t   co lo red   l i gh t s   fo r   con t ro l  and backu? thermocowles  for  over and  under programmed 

temperature  conditions  for  each  zone. 
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EXIT FLIGRT SIMULATION TEST 

Basic tes t  data t o  be  recorded and reduced w i l l  be s t ra ins ,   temperatures  and def lect ions.  

S t r a ins ,  of course, can be measured only during  exit  flight p r o f i l e  tests because  of  temperature 

limits of ava i l ab le   s t r a in  gages. A t o t a l  of 41 s t r a i n  gages and 61 thermocouples were used t o  

instrument the primary  structure and a t t ach   f i t t i ngs ,   wh i l e  t h e  surfaee panels w e r e  instrumented 

with 59 thermocouples. This s l i d e  shows the f i n  during an exit p ro f i l e  test where 100% limit load 

is applied  and  surface  temperatures are approximately 149OC ( 3 O O O F ) .  The v i e w  shown here i s  along 

the  leading  edge,  forward  (right)  t o  aft ( l e f t )  posit ions.   Selected  temperatures and s t r e s ses  

experienced by the  primary  structure are shown  on the  next slide. 
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PRELIMINARY  TEST  RESULTS - EXIT FLIGHT CONDITION 

(Slide 13) 

I n i t i a l   d a t a   r e s u l t s  from the   ex i t   f l i gh t   cond i t ion   p ro f i l e  tests are shown on t h i s   s l i d e .  

Selected  stresses,  tension  and  compression  are  indicated at various  spar  locations of t h e  f i n ' s  
primary  structure as 100% limit load  is applied.  Temperatures shown are temperatures  recorded at 
the  t ime of maximum s t ress   condi t ion .  Maximum external  surface  temperatures of t h e   f i n  assembly 

ranged  from 121OC  (25OOF) t o  177% (350OF) during  the t es t  run.   Fif ty   repeated exit f l i g h t  tes t  
runs are scheduled  followed by a s e r i e s  of reent ry  tes t  cycles. 



I N I T I A L  TEST  DATA - E X I T   F L I G H T  lOC)% L. LOAD 
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DESIGN AND TEST OF ADVANCED  STRUCTURAL  COMPONENTS AND ASSEMBLIES 

By E. E, Engler  and C, E, Cataldo 
NASA  George C. Marshall  Space  Flight  Center 

Marshall  Space  Flight  Center,  Ala, 

In  the  development of structural  concepts  for  planned  new  vehicle  systems,  such  as  the  Space 

Shuttle,  proof  of  concept  through  design,fabrication  and  test  of  large  components  and  assemblies 

is  an  important  link  in  the  technology  program. All areas  of  development,  from  material  and 

analysis  method  research,  advanced  design,  manufacturing  technology,  cost,  NDI,  and  testing  are 

combined  into  one  program. 

Two structural  technology  areas  of  special  interest  for  the  Space  Shuttle  are  discussed  in 

this  report:  Development  of  TPS/primary  structure  interaction  and  application  of  advanced 

composites  for  primary  structures. 

The  two  programs  reported  on  have  as  goals  the  establishment  of  reliable  TPS/primary  structural 

design  and  the  demonstration  of  the  feasibility  of  the  design  by  tests,  and  the  determination of 

whether  or  not  advanced  composites  have  a  defined  place  in  the  planned  Space  Shuttle  stages. 

Several  individual  technology  tasks  are  underway  in  these  areas  and  considerable  progress  has  been 

made,  yet  the  work  is  far  from  completed.  In  general,  the  materials  have  been  selected  and  the  basic 

structural  design  concepts  developed,  but  construction  of  test  components,  test  facilities,  and 

testing  analyses  have  not  progressed as well  as  originally  anticipated.  Details  on  the  status  of 

the  programs  and  some  results  obtained  to  date  are  reported. 
hl 
Ln 

4 



TPS/Primary  Structure 

During  the  conceptual  design  of  phase B Space  Shuttle  study, a number  of  metallic  and  non- 

metallic  heat  shield  designs  are  being  proposed.  Shown  on  Figure  1  are  the  unit  weights  of 

some  of  the  metallic  designs,  including  the  ones  selected  for  test  item No. 1  (Figure 2 ) .  

The  spread  in  unit  weight,  depending  on  selection  of  design,  material  and  environment, 

clearly  indicates  the  need  for  the  pursued  program. A n  orbiter  having  a  wetted  area  of  approxi- 

mately  2200  m (20,000 ft ) could  experience  a  change  in  dry  weight  of 4540 kg  (10,000 lb.), 

which  is  equivalent  to  payload  weight,  by  having  a  unit  weight  change  in  the  TPS of 2.44 kg/m 2 

(0.5 lb/ft2). Pressure  and  temperature  predictions,  material  selection,  applied  factors  of 

safety  and  design  selection  therefore  are of upmost  importance. 

2  2 



METALLIC  HEAT  SHIELD  WEIGHTS  AT  TEMPERATURE 

kg/ rn 2 

19.53 

14.65 

9.77 

4.88 
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13789.5 Nlm - (2 psi) L I M I T  

L B d  3447.37 Nlm --- (.5 psi) L I M I T  

2 MSFC 
2 P AT TEMPERATURE 0 PHASE  B  DESIGN 

Figure 1 
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Detail  design,  thermal  and  structural  analysis  and  preparation  of  test  requirements  for 

Test  Item ill are  complete. 

Hardware,  including  skins  and  bulkheads,  is  on  hand  for  the  liquid  hydrogen  tank.  The 

welding  process  to  be  used  has  been  verified  and  work  orders  issued  for  component  fabrication, 

based on  advanced  information.  A  cleaning  procedure  is  being  developed  and  equipment  fabricated 

to  clean  the  tank  after  hydrostatic  test  preparatory  to  installing  the  internal  insulation. 

Process  development  for  the  materials  to  be  used  for  the TPS Test  Components  and  Test  Item 

No. 1 continues.  Machining,  cleaning,  forming  and  thermal  treating  processes  have  been 

established.  Joining  techniques  are  being  established. 

Materials  are  on  hand  for  the  additional  process  development  required  for  Test  Item No. 2. 

These  are  Haynes  Alloy  188  and  Columbium  Alloys  Cb  752,  C  129Y,  and FS 85.  Manufacturing 

procedures  are  being  developed. 

Three  metallic  heat  shield  panels  representing  Test  Item No. 1 configuration  and  materials  are 

being  fabricated. 

! 
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Material  properties  for  design  purposes  were  established  for  cobalt  based  superalloys L-605 

and HS-188 and  values  are  shown  in  Figure 3 .  Evaluation  of TD nickel-chrome  dispersion  strengthened 

alloy  and  its  fabricability  and  processing  is  in  progress. 

Stress  corrosion  testson  Inconel# 718, Waspalloy,  Rene' 41, A 286, L-605 and HS-188 were  per- 

formed.  All  alloys  passed  room  temperature  requirements. High temperature  stress  corrosion 

effects  and  required  test  procedures  are  being  determined. 
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During  the  material  evaluation of HS 188, previously recommended f o r  an upper  use 

temperature of 1095OC (2000' F.),  a loss of cold work s t rength  and increase  in   creep were 

observed af ter   repeated  temperature   cycl ing  to  levels shown (Figure 4 ) .  Resistance l eve l  

i s  i n d i c a t e d   a t  980' C. (18000 F.) 
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NDI  (Nondestructive  Inspection)  Methods  Development 

Super Alloys : 

Eddy  current  inspection  using  the  Phasemaster  Model D was  selected  since  it  does  not  require 

any  special  coupling  media  and  the  material  does  not  have  to  be  cleaned  after  use.  The  instrument 

basically  responds  to  changes  in  electrical  conductivity  which  makes  it  sensitive  to  surface 

cracks,  material  thickness  and  heat  treat  conditions.  By  observing  rate  of  indication  change, 

performing  multi-frequency  test,  etc.,  these  various  changes  can  be  distinguished  from  each  other. 

Sensitivity  to  various  conditions  is  as  follows. 

Coated  Columbium: 

In  addition  to  the  above  type  application,  the  Phasemaster  will  be  used  to  measure  coating 

thickness  on  coated  Columbium  alloys. 

Stimulated  electron  emission  radiography  will  be  used  during  processing  to  assure  homogeneity 

of  coating  chemistry.  In  test  this  technique  will  be  evaluated  as a possible  monitor of coating 

condition. 

Primary  Structure: 

Standard  radiographic  and  dye  penetrant  inspection  of  tankage  weldments  will  be  performed  to 

MSFC-SPEC-504.  Delta  Ultrasonic  and  Eddy  Current  Testing  will  also  be  performed  on  the  welds  to 



NDI METHODS 
TPS  PRIMARY STRUCTURE 

TITANIUM  AND SUPERALLOYS WELDMENT 1 NS PECTl ON 
EDDY CURRENT (PHASEMASTER MOD D) 

SENSITIVITY: 
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SURFACE CRACKS  THICKNESS  AS  ABOVE DUR I NG  STRUCTURAL & THERMAL TEST 
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COATING HOMOGENEITY DURING PROCESS 

Figure 7 
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L\3 complement  the  X-ray  and  penetrant  inspection.  The  delta  ultrasonic  technique  will  detect 

linear  defects  (crack,  oxide  inclusion,  etc.) as small as 0.5 mm (0.020") deep  x 0.75 mm 

(0.030") long  and  the  Eddy  Current  technique  will  detect  surface  cracks as  small  as 0.025 mm 

(0,001") deep. 

The  feasibility  of  using  acoustical  emission  monitoring (AEM; to  monitor  crack  initiation 

and  growth  on  a  simulated  flight  item  will  be  studied in  this  program.  The  structure  will  be 

instrumented  with 16 sensors  to  provide AEM data  during  test.  Baselining of the  tankage  structure, 

sans  insulation  and TPS,  will  be  performed  during  tankage  hydrotest.  Repetition  of  the  proof 

test  will  be  performed  in  the  test  fixture  with TPS and  insulation  installed  to  determine 

noise  and/or  interference  due to TPS,  insulation  and  test  fixture,  Continuous AEM will  be 

performed  throughout  structural  and  thermal  test;  areas  exhibiting  high  acoustical  emission  rates 

will  be  reinspected  using  the  standard N D I  techniques,  X-ray,  etc. A summary  of  proposed NDI 

methods  is  shown  in  Figure 7. 

Preliminary  design  of  Test  Item No. 2, shown in  Figure 8, has  begun.  The  structure  simulates 

a  typical LH2 tank  section  of  an  orbiter  stage.  The  load  carrying  tank  structure  has  a  metallic 

heat  shield  and  internal  foam  insulation. 



TEST ITEM NO. 2 

Figure 8 



Figure 9 shows the selected heat shield temperatures. Materials for TPS are titanium 

and beryllium up to 426' C (800'  F. ), HS 188 up to 980' C (1800' F.) and coated columbium 

for up to 1260' C (2300' F.). 
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Figure 9 



Application  of  Advanced  Composites 

The  application  of  composites  for  primary  Shuttle  structures  is  depending  on  two  main  factors: 

demonstration  of  a  reusable,  reliable  structure  and  definition  of  possible  weight  savings.  The 

weight  savings  will  also  be  assessed  in  relation  to  the  additional  cost  of  composites  over  con- 

ventional  aircraft  construction. 

The  evaluation  of  the  composite  systems  for  use  in  the 1 / 3  scale  thrust  structure  (Figure  10) 

is  conducted  on  two  components:  Engine  support  and  compression  panel. 

The  listed  composite  systems  are  used  in  the  program: 

Boron/Epoxy 

Graphit  e  /Epoxy 

Boron  /Aluminum 

For  weight  and  cost  comparison,  a  baseline  design  and  weight  estimate  of  each  component  in 

either  titanium  or  aluminum  is  established. 



I 

I 

2.03m 
(80") I 

SUBSCALE  THRUST  STRUCTURE 

SHEAR 

-1 

Figure 10 

\S K I N PANEL 
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03 Design  data  for  graphite/epoxy,  graphite/polyimide  and  boron/aluminum  composites  are 

presently  under  investigation  to  supplement  available  information  for  boron/epoxy  laminates. 

Work  under  Contract  NAS8-26198,  "Development  of  Design  Data  for  Graphite  Reinforced  Epoxy 

and  Polyimide  Composites,"  with  General  Dynamics/Convair  Aerospace,  has  found  that  the 175' C. 

(350°  F.)  flexural strength  of  unidirectional  graphite/epoxy  laminates  was  adversely  affected  by 

ambient  temperature  aging.  Typical  degradation  of  longitudinal  flexural  strength is presented 

in Figure 11. This data  shows  degradation  involving  three  different  graphite  fibers  and  three 

different epoxy'resin systems.  The  HT-S  fiber  is  Courtaulds  high  strength  material  marketed  by 

Hercules.  The X-904 resin  is  an  epoxy  system  from  Fiberite.  This  laminate  showed  a 44% decrease 

in  strength  after 20 weeks  of  aging.  The  same  resin  system  with  Celanese  GY-70  high  modulus  fiber 

showed a 30% loss in 11 weeks.  The  HT-S  fiber  with  Whittaker  1004  epoxy  resin  lost  21%  strength  in 

16 weeks.  The  1004  epoxy  resin  with  Morganite  Modmor I1 high  strength  fiber  lost  27%  in 21 weeks 

and  55%  in 44 weeks.  Hercules  3002  epoxy  resin  with  the HT-S fiber  lost  31%  in 20 weeks. 

Although  only  limited  tests  have  been run, the  data  indicated  that  the  room  temperature 

longitudinal  flexural  strength  has  not  been  adversely  affected  by  aging.  On  one  system  flexural 

strength loss was  encountered  at 82'  C.  (180'  F.). Other  data  show  a  strength loss at 175'  C.  (350'  F.) 

with  the  Narmco  5505  boron/epoxy  system.  Based  on  results  obtained  to  date,  absorption  of  moisture 



DEGRADATl0.N OF LONGITUDINAL  FLEXURAL  STRENGTH 
OF GRAPHITE/EPOXY LAMINATES 

(ROOM TEMPERATURE AGING) 
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3 CELANESE HIGH MODULUS GRAPHITE  FIBER 

4 WHITTAKER  EPOXY RESIN 
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6 HERCULES EPOXY RESIN 
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44 
30 
21 
27 
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0 by  the  epoxy  resin  appears  to  be  the  main  cause  of  strength  degradation  although  other  possible 

mechanisms  have  not  been  completely  eliminated.  The  water  appears  to  be  acting  mainly  as a 

plasticizer.  Some  preliminary  results  indicate  that  the  rate of degradation  can  be  greatly 

decreased  by a post  cure  at a somewhat  higher  temperature. Work on  obtaining  design  data  on 

graphite/epoxy  laminates  has  been  stopped,  and  the  available  effort  will  be  devoted  to  solving 

this  problem  or  used  in  other  ways. 

Test  data  to  date  shows  no  degradation  of  the 315' C. (600' F.) flexural  strength  on  room 

temperature  aging of the  graphite/Monsanto RS 6234 polyimide  laminates.  Additional  effort  will 

be  performed  to  insure  that  room  temperature  aging  does  not  adversely  affect  the  high 

temperature  strength  properties  of  graphite/polyimide  laminates,  Cure  studies  are  in  process 

on  polyimide  prepregs.  Results  obtained  to  date  using  hercules  HT-S  high  strength  graphite 

fibers  and  Monsanto  RS  6234  polyimide  resin  are  presented  in  Figure  12.  When  the  results  were 

normalized  to 60 vol. % fiber,  both  the  vacuum  bag/press  and  vacuum  bag/autoclave  cures  gave 

essentially  the  same  flexural  strength  of  about  1600 N/mZ (230,000 psi). When  only a vacuum 

bag  cure  is  used  the  flexural  strength  was  somewhat  lower  at 1310 N/m2 (190,000 psi). The  data 

also  show  that  using  the  vacuum  bag/press  and  vacuum  bag/autoclave  cures  the  minimum  flexural 

strength  should be 1172 N/m2 (170,000 psi);  and  for  the  vacuum  bag  cure  1034 N/m2 (150,000 psi). 



PRELIMINARY LONGITUDINAL  FLEXURAL  STRENGTH 
OF GRAPHITE/POLYIMIDE  LAMINATES 

( D I F F E R E N T   P R O C E S S E S  ) 
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231 1592.7 232 

2 
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Figure 12 



01 
01 
N Projected  weight  savings  comparing  the  selected  composite  systems and design  approaches 

with  s tandard  mater ia ls   for   the  shear  web  beam a re  shown  on Figure 13. The char t   ind ica tes  

the  weight  differences of bas ic   s t ruc tura l   e lements  and addi t iona l   meta l l ic   par t s   requi red  

f o r   j o i n t s  and f i t t i n g s .  



ENGINE THRUST BEAM WEIGHTS 

SHEAR  WEB BEAM 
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MATERIAL 
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1 GRAPHITE EPOXY I PRELIMINARY DATA, ALL BONDED DESIGN .60 

TITAN1  UM 1.0 1.0 1.0 1.0 1.0 1.0 

Figure 13 
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The  shear  web  beam,  shown  in  Figure 14, is  designed  with  boron/epoxy  composite.  Shear 

webs,  cap  members,  and  web  stiffeners  are  boron/epoxy  multidirectional  layup,  connected  by 

titanium  fittings.  Stiffeners  and  cap  members  are  bonded  to  the  web,  titanium  splices,  and 

thrust  post  fittings  are  mechanically  fastened.  Component  tests  of  joints,  tension  and 

compression  caps  and  a  simple  shear  beam  section  are  in  progress.  Design  and  analysis  are 

complete  and  hardware  fabrication  is  under  way.  Material  design  data,  established  under 

U.S. Air  Force  Contract  F  33615-68-C-1301  were  used.  Limit  loads,  used  in  the  beam  design, 

are  indicated. 
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Figure 14 
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Figure 15 shows the component test sections being built and tested. 

Components represent major parts of the shear web  beam and  test units will substantiate 

the selected design and analysis approach used in the beam design. 



COMPONENT TEST SECTION 
SHEAR WEB BEAM (BORON/EPOXY) 

BEAM CAP (TENS I ON) 

BEAM  CAP  (COMPRESSION) 

A 

Figure 15 



Projected weight savings comparing the  selected composite systems and design approaches 

with standard material, are shown on Figure 16. The list indicates the weight differences 

of basic structural elements and additional metallic parts required for joints and fittings. 



ENGINE THRUST BEAM WEIGHTS 

I TRUSS BEAM 1 
MATER I AL TOTAL REACT1  ON  POSTS FITTINGS TU B. MEMBERS 

kg 
280.4  50.0 155.0 75.4 I bs BORONlEPOXY 
m * 3  22.7 70.4 34.2 

kg 133.9 (PRELIMINARY) GRAPHITElEPOXY 

338.0  50.0 186.0 102.0 I bs TITANIUM 
153.5  22.7 84.4  46.3 kg 

295.0 Ibs 

BORONlEPOXY 0.83 1.0 0.80  .74 

GRAPH ITElEPOXY (PRELIMINARY) 0.86 
- 

TITANIUM 1.0 1.0 1.0 1.0 

Figure 16 



The  truss  beam,  shown  in  Figure  17,  is  designed  with  Boron/Epoxy  composite.  Tubular 

members  are  fabricated  from  a  multidirectional  layup,  bonded  to  Titanium  end  fittings. 

A strut  test  program  to  verify  the  selected  design  approved,  is  in  progress  under  contract 

NAS8-26675  with  the  Grurnman  Aerospace  Corporation.  Limit  loads,  used  in  the  beam  design, 

are  indicated. 
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cn 
Q) 
N 

I 

The relative weights of Boron/Epoxy tubes, Boron/Epoxy tubes with Titanium fittings 

and Titanium tubes with fittings are shown on Figure 18. 
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Figure 18 



The  design  and  fabrication  method  utilized  in  the  boron/epoxy  structure  is  indicated 

in  Figure  19.  The  boron/epoxy  tubes  are  capped  at  either  end  by  semicircular,  stepped 

titanium  splice  fittings,  bonded  within  the  laminate.  The  titanium  splice  fittings  are 

initially  split,  to  facilitate  fabrication  of  the  boron/epoxy  tubes,  which  are  laid-up 

undersize,  and  subsequently  "blown-out"  to  a  female  mold  form.  After  laminate  cure,  the 

split  end  fittings  are  joined  by  electron  beam  welding.  Heat  survey  studies  were  performed 

to  determine  the  minimum  proximity  of  the  electron  beam  weld  to  the  boron  laminate  without 

exceeding  a  temperature  of 140 C. (300' F.) at  the titanium/adhesive-boron/epoxy interface. 

Results  of  the  survey  showed  that 5 mm (0.200 inch)  proximity  could  be  achieved  with  proper 

application  of  chill  bars;  however, 13 mm (0.500 inch) was  chosen  as  the  design  value  to 

incorporate  a  safety  factor. 

0 
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Compression panel weights,  comparing  three selected composite systems with  high strength 

aluminum and titanium panel design, are sham in  Figure 20. The chart indicates  the weight 

differences of the  basic panel element and the  additional end fittings required. 



COMPRESSION PANEL WEIGHTS .735mx2.03m (29”x80”) 

MATERIAL BAS IC 
PANEL 

ALUM1 NUM 

GRAPH  ITElEPOXY I 12.0 I 26.5 
BORONlEPOXY 

BORONlALUM I NUM 

PAN 
END 
kg 

25.4 

27.7 

18.7 

18. 0 

IL Wl I BAS I C  I PANEL Wl 1 STRESS 

56.0 I 1.0 I 1.0 F 2 8 7  

61.1 1 1.11 I 1.09 I 379.22 
41.1 I .545 I .735 I 238.6 

39.6 I .51 I .707 I 337.8 
I *48 I 

.EVEL 

PSI 

33,200 

55, ooo 
34,600 

49, ooo 

Figure 20 



Figure 21 depicts  the  Boron/Epoxy  compression  panel,  presently  in  development  at  MSFC. 

Stringers  are  laid  up  separately  with  a  machined  titanium  fitting  in  each  end.  (Stringers 

laid  up  over  fittings  and  matching mandrel.) Mechanical  fasteners  are  added  through  the 

fittings  on  each  end.  The  skin  is  laid  up  separately  and  stringer  assemblies  bonded to.it. 

End  angles  and  frame  are  mechanically  attached.  (Shims  are  required  between  stringer  fittings 

and  end  angles.)  Interleaved  titanium  foil  0.178 mm (.007  in.)  is  used  in  ends  of  stringers 

and  skin  for  load  transfer  through  mechanical  fasteners.  Limit  loads,  used  for  panel  design, 

are  indicated.  Material  Design  data  used  were  established  under U.S. Air  Force  Contract 

F  33615-68-C-1301. 
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A 0.736 x 2.03 m (29 x 80 in.) graphite/epoxy  panel  (Figure 23) has  been  designed.  The 

panel  consists  of  a  skin,  five  "hat"  section  stringers  and  one  mid-panel  frame.  Laminated 

1.22 x 0.304 m (48 x 12 in.)  prepreg  graphite/epoxy  composite  is  used  as  the  primary  load 

carrying  material  with  thin  titanium  shims  sandwiched  between  graphite/epoxy  plys  at  frame  and 

end  attachment  areas  for  local  reinforcement.  The  number,  geometry  and  location  of  titanium 

shims  have  been  determined so that  the  panel'  does  not  warp  during  the  curing  cycle  and so that 

end  load  can  be  transferred  entirely  through  bearing  on  attachment  bolts.  Shims  terminate  at 

various  distances  into  the  panel  to  eliminate  stress  concentrations.  The  panel  contains 

12.03 kg (26.5 lbs.)  of  graphite/epoxy  and 1;98 kg (4.36 lbs.)  of  titanium  shims.  The  graphite/ 

epoxy  panel  program  is  under  contract NAS8-26242 with  Martin/Marietta  Corporation,  Denver  Division. 
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The  analysis  computer  program  used  for  panel  design  is  formulated so that  selected  input 

values  can  be  varied  to  determine  their  influence  on  panel  weight  (Figure 24). An input  of 

high  stress  level  results  in  panels  with  thin  skin,  many  stringers  and  large  stringer  height 

to  satisfy E1 requirements.  These  designs  are  heavy  due  to  the  excessive  amount  of  stringer 

web  material. As the  design  stress  level  is  reduced,  skin  thickness  increases,  stringer  height 

is  reduced,  and  fewer  stringers  are  required.  Stringer  web  weight  reduction  causes  panel 

weight  to  reach  a  minimum.  Selection  of  a  panel  stress  level  to  be  used  depends  upon  minimum 

gage  considerations,  expected  eccentricity  of  loading,  initial  curvature  of  the  panel  and 

strength  factor  of  safety  desired, 

Curves  were  plotted  for  panel  weight  versus  material  with  varying  design  stress  levels. 

Minimum  weight  designs  for  high  strength  and  high  modulus  fibers  were  approximately  equal. 

The  high  strength  fiber  was  chosen  because  of  more  consistent  strength  data  exhibited  and  the 

inherent  feeling  that  less  problems  would be encountered in designing  for  strength  values 

selected. 
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For  a  given  overall  panel  stress  level,  redistribution  of  panel  material  will  cause  panel 

weight  variations  and  will  allow  for  movement  of  the  panel  neutral  axis.  Selection of proper 

material  distribution  will  assure  minimum  panel  weight  with  reduced  eccentricity of loading. 

Area  Ratio - - Stringer  Area 
Total  Panel  Area 

Area  Ratio - - Area  of  Stringer Top Flange 
Area  of  Stringer  Top & Bottom  Flanges 

Figure 25 shows  the  material  properties  of  the  two  graphite  fiber  systems  used  in  the 

evaluation  and  trade  studies.  The HS type  fiber  was  selected  for  panel  fabrication 

(Fiberite  HY-El311B  prepreg tape). 
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A 1.22 m x 1.56 m (48 in. x 61.5  in.)  compression  panel  fabricated  from  Boron/Aluminum 

is  in  development  by  McDonnell  Douglas  Corporation,  St.  Louis  (Contract  NAS8-26295). A 

unique  fabrication  process,  eutectic  bonding,  developed  by  MDAC  (patent  pending) is used in 

joining  monolayer  boron/aluminum  foils  into  laminated  structural  parts  such  as  hat  sections 

and  skin  panels.  Panel  configuration  and  loading  are  shown  in  Figure  26.  Because  of  the 

potential  high  temperature  capability  of  the  composite,  the  panel  is  designed  for  a 

temperature  limit of  260 C (500' F ) ,  
0 

During  the  preliminary  design  of  the  panel,  estimated  material  properties  as  shown 

on  Figure 27 and  Figure  28  were  used.  Layups,  using  proposed  fabrication  facilities  and  tools, 

were tested  and  properties  are  shown  in  comparison  with  previous  estimates.  Lower  data  are 

due  to  lower  fiber  volume  of  the  monolayer  boron/aluminum  tape. 
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BORON-ALUMINUM MECHANICAL PROPERTIES 
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Conclusions: 

The  development  programs  reported  are  well  in  progress  and  results  will  be  available  in 

time  for  use  in  the  planned  phase  C/D  of  the  Space  Shuttle  development. 

In  detail,  Test  Item No. 1 (Mission  Simulation  Tests)  will  be  fabricated  by  October  1971, 

and  tests  completed  and  reported  by  mid-1972.  Test  Item No. 2  will  be  completed  by  the  first 

quarter  of CY 72. 

In the  area of composite  components,  the  composite  panel  program  and  the  truss  beam  develop- 

ment  will  be  concluded  by  December  1971. 

Configuration,  material  selection  and  design for the 1/3 scale  thrust  structure  will  be 

performed  as  soon  as  test  results  from  the  above  programs  become  available. 
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TEST ITEM #l 
FABRICATION  COMPLETE - OCTOBER 71  
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IN'ZRODUCTION 

The state-of-the-art  in  high  temperature  fastener  technology  has made significant  progress  since 

the days  of the  X-20, "Dyna Soar" , and "ASSE;T" programs. Ramsey and  Ingram  (Ref. 1) provided an 

excellent slxmrna~y of the  achievements a t ta ined from  1960 to 1966. This  paper i s  a br ie f  summary 

of the achievements  from 1966 to   t he   p re sen t .  These  achievements a re   the   resu l t  of two A i r  Force 

sponsored  programs. The first program was the  Advanced St ruc tura l  Concepts  Experimental Program, 

"ASCEP". This program was the  f i r s t  t o  make extensive  use  of  second  generation columbium al loys 

and coating  systems  in a s t ructure  of  s ignif icant   s ize .  Approximately 2700 fasteners  were used 

i n   t h e  ASCEP structure .  The second  program was the  Hy-personic Aerospace Structures Program, "HASP". 

This program provided  extensive development of joint   design  concepts,   design  allowables,   identifi-  

cation  of  service  problems, and t e s t  data on fasteners  subjected t o  r e a l i s t i c  environment. 

Ref. 1 Ramsey, C. L.; and Ingram, J. C. : Structural   Fasteners   for  Extreme  Temperature 
Uti l izat ion.  SAF: Paper N. 670887, Oct. 1967. 



SHEAR FIm 
(Figure 1) 

Biaxial, shear ,   and  uniaxial   load  f ixtures  were  used t o  develop  fastener  design  allowable data. 

Shown in   F igure  1 i s  the   shear   load   f ix ture  which cons is t s  of a p i c tu re  frame  assembly  with  pinned 

corners. This f i x t u r e  was used t o  develop  design  allowable data f o r  TDNiCr  and  tantalum  fasteners 

during  the HASP program. An L-605 shear  frame was used i n   t h e  TDNiCr t es t s ,   whi le  a T-222 tmtalwn 

shear  frame was used in   t he   t an t a lum tes t .  This fixture presented  the  biggest   design  problem  because 

it had t o  be  continuous in   o rde r   t o   p rope r ly   i n t roduce   t he   l oad   i n to   t he   t e s t  specimen. The primary 

concern was t o  match t h e  OAT c h a r a c t e r i s t i c s  of t h e  test  specimen  and  the.  picture frame. Both room 

and elevated  temperature  design  allowables were  developed. In   the   e leva ted   t empera ture   case ,   t es t ing  

was conducted up to   t he   fo l lowing  maximum operating  temperatures: 

a)  HS-25 t o   1 6 0 0 ' ~  (871'~) 

b ) T D N i C r  t o  lgOO°F (1038Oc) 

c )  Columbium t o  2400°F (1316'~) 

d )  Tantalmn t o  3000°F ( 1 6 4 9 O C )  

However, no design  allowable data were  developed for  pure  tension  loading of the   fas tener .  



S H E A R   F I X T U R E  

Figure 1 



1/4" (0.64 ern) DIAMETPER, SDYGLE S€EAR FASTENER TEST RESULTS 

(F igme  2)  

A summary of the   shor t   t ime  des ign   a l lowable   t es t   resu l t s  i s  shown in   F igu re  2. The r e s u l t s   a r e  

from the   s ing le   shea r   t e s t s  of 1/4" (0.64 cm) diameter  fasteners.  The f a i l i n g   l o a d   i n  pounds  (newtons) 

i s  p lo t t ed  on the  ordinate   and  the  tes t   temperature   in  OF ("C) is p lo t t ed  on the   absc issa .  Both 

threaded  fas tener  and r i v e t   d a t a   a r e  shown.  The threshold or crossover  point  between  uncoated  and 

coated  fas teners  i s  c l ea r ly   i nd ica t ed  at 1500°F (816Oc). I f   t he   des igne r  i s  f o r c e d   t o  a coated fas- 

tener ,   then   compat ib i l i ty   be tween  the   fas tener   and   s t ruc tura l   mater ia l  i s  essent ia l .   For  any coated 

appl icat ion,  a coated  tantalum  fastener  using a coating  system similar t o   t h a t  used on c o l m b i m  is  an 

a t t rac t ive   candida te  up t o  a temperature of 2600'~ (1427OC). 
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TEMpERfiTLTRE AND LOAD CURVE SHAPE HISTORY  OF TDNiCr JOINT LIFE TESTS 

(Figure 3 )  

In addi t ion t o  short  time  design  allowable tests, f l igh t -by- f l igh t   miss ion   s imula t ion   tes t s  were 

run to   eva lua te   long   t ime  e f fec ts .  The  same fixtures were used as i n   t h e   s h o r t   t i m e   t e s t s .  Shown i n  

Figure 3 are  the  temperature and load  profiles  used  to  conduct  the T D N i C r  j o i n t   l i f e   t e s t s .  The pro- 

f i l e s  shown simulate   the  entry of a high  performance  l if t ing  re-entry  vehicle.  The upper  curve  denotes 

temperature,  while  the  lower  curve  denotes  the  load. Load l eve l s  were es tab l i shed  on the basis of shor t  

time t e s t   r e s u l t s .   I n   t h e   c a s e  of T D N i C r  t e s t s ,   t h e   l o a d s  at temperature  had t o  be  reduced t o  60 per- 

cent of the  short   t ime  values .   This  was due t o   s t r a i n   s e n s i t i v i t y   c h a r a c t e r i s t i c s   o f   t h e  material a t  

high  temperature. 
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PHENOLIC TOOLS 

(Figure 4) 

Any discussion of high  temperature  fastener  technology would not be complete  without a few  words 

on too l ing  needed t o   i n s t a l l  or remove the   f a s t ene r .  A complete family of phenol ic   tools  were designed 
! 

and f a b r i c a t e d   f o r  use during  the ASCEP program. They a re  shown in   F igure  4. These t o o l s  were required 

f o r   t h e   n u t s  and b o l t s  of  bo th   the  HS-25 and  coated columbium fasteners   used on t h e  ASCEP s t ruc ture .  

The too ls   p roved   to   be   very   sa t i s fac tory .  The t o o l s  have  large  bearing  surfaces  and  being  fabricated 

of phenolic, a r e l a t i v e l y   s o f t  material, do not damage the  coated  fas teners  on which they  are  used. 

Tools (not  shown) f o r  use on t h e   i n t e r n a l  wrenching  fasteners were not as successful.  The co lm-  

b im  coa t ing   t ended   t o   ch ip  when t h e  hex t o o l  was inser ted   in to   the   recess .  To circumvent this d i f f i -  

cu l ty ,  a new hi - torque   s lo t ted   recess   fas tener  was developed  and  used  during  the  lat ter  stages of t h e  

program. 
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SUMMARY OF COATED C-129Y  FASTENER TORQUE TESTS 

(Figme 5 

Considerable  experience was gained  during  both  the ASCEP and HASP programs on i n s t a l l a t i o n  and 

removal cha rac t e r i s t i c s  of superal loy,   d ispers ion  s t rengthened,   and  coated  refractory  metal   fas teners .  

TZN, (21-752, and C - U g Y  fas teners  were evaluated  during  the ASCEP program,  while L-605, TDNiCr ,  and 

T-222 fas teners  were evaluated  during  the HASP program. A summary of to rque   t e s t   r e su l t s  i s  s h o m ' i n  

Figure 5 where C-129Y fas teners  have  been  pre-oxidized  for 15 minutes at 2000°F ( l O 9 3 O C ) .  As indicated 

by  the  resul ts ,   the   pre-oxidat ion  cycle   had a s ign i f i can t   e f f ec t  on t h e   l i f e  of   the   fas tener  as wel l  as 

on making i n s t a l l a t i o n  and  removal much eas i e r .  The average  instal la t ion  t ime  for   coated columbium 

fas teners  on the  ASCEP s t ruc tu re  was 0.7 minutes  per  fastener,  while  the  average  removal time was 

2 minutes  per  fastener.  These values  represent  the  average of 8 panels  containing  an  average of 

75 fasteners   per   panel .  

The i n s t a l l a t i o n  and removal  of HS-25 superal loy  fas teners  on the  ASCEP s t ruc tu re  was not  suc- 

cess fu l .  The average  instal la t ion  t ime was 1.8 minutes  per  fastener,  while  removal  time was 2 minutes 

per   fas tener .  These figures  are  quite  misleading,  because  approximately  30  percent of a l l  t h e  fas- 

teners   ga l led  up and  had t o  be   d r i l l ed   ou t  a t  considerable  time  and  expense. 



S U M M A R Y  O F  COATED  C-129Y  FASTENER  TORQUE  TESTS 

MATERIAL - COATING SAMPLE TEST 
NO. NO. - 

C-129Y - TAPCO 1 1 
(OX I D IZED) 

C-129Y - TAPCO 
(OXIDIZED) 

C-129Y - TAPCO 
(OXIDIZED) 
C-129Y - TAPCO 
(NOT OX I D I ZED) 

C-129Y - TAPCO 
(NOT OX I D I ZED) 

" z 

" 3 

2 1 

3 1 

4 1 

5 1 

APPLIED TORQUE 
in.-lb (m-N) 

110 (121,  LOOSENED 
AT 85 (10) 

150 (171, SLIPPED 
AT  85 (10) 

LOOSENED AT 
80 (9) 
150 (17) 

60 (7) 

50 (6) 

50 (6) 

155  (18) 

REMARKS 

MINOR COATING DAMAGE TO THREADS 

MAJOR COATING DAMAGE TO THREADS 

BOLT FAILED I N  SHEAR  AT  ROOT OF THREAD 

MINOR COATING DAMAGE TO THREADS 

MINOR COATING DAMAGE TO THREADS 

SEVERE COATING DAMAGE TO THREADS 

BOLT FA1 LED I N  SHEAR AT ROOT OF THREAD . ' 
REMOVED  FROM  ALLEN  RECESS 

Figure 5 



T-222 FASTENERS AFTER 3000°F (1649Oc ) EXPOSURE 

(Figure 6 ) 

Shown in   F igure  6 a r e   t h e   r e s u l t s  of exposing  coated  tantalum  fasteners  to 3000°F (1649OC) f o r .  

approximately 5 minutes  during a tantalum  panel   tes t .  As  indicated,   extensive  oxidation of t h e  fas- 

teners  has  taken  place.  Under  any  combination of load  and  temperature  that was experienced  in  these 

t e s t s ,   t h e   c o a t i n g  on both  the  nut   and  bol t   threads would break down and the  nut   and  bol t  would se ize  

together .  Above 3000°F (1649Oc), nothing  attempted would prevent  bonding of the  nut  t o  t he  b o l t ;  how- 

ever,  below 26000~  (1427OC)  no f a i l u r e s  were experienced. 



T - 2 2 2   F A S T E N E R S   A F T E R  3000OF (1649OC) E X P O S U R E  

Figure 6 
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CONCLUSIONS 

(Figure 7) 

In  conclusion,  it can be s t a t e d   t h a t :  

1. Reusable  fastener  technology i s  ready for engineering  development at temperatures up t o  2 6 0 0 ~ ~  

(1427OC). Superalloy  and  coated  colmbium  fasteners  have  been  developed  and ground t e s t e d .  D r y  film 

lubr icant  development  appears  needed t o  prevent  extensive  galling  and  seizure  of  superalloy  fasteners. 

2. In tegra t ion  of t h e   t o t a l   f a s t e n e r  system i s  requi red ;   tha t  i s ,  compat ib i l i ty   o f   the   fas tener  

mater ia l ,   coat ing  system,  and  s t ructure   to   be  fas tened must  be insured. 

3 .  The t o t a l   f a s t e n e r  environment  must  be evaluated  before a commitment can be made. It is not 

enough t o  s e l ec t  a fastener  based on any one property o r  cha rac t e r i s t i c ;  one must eva lua te   the   fas tener  

over   the  ent i re   use  spectrwn  before  a given material o r  even a fastener   configurat ion i s  se lec ted .  

i 



C O N C L U S I O N S  

REUSABLE FASTENER TECHNOLOGY I S READY FOR ENGINEERING DEVELOP- 
MENT FOR TEMPERATURES BELOW 26OooF (1427OC) 

0 INTEGRATION OF THE TOTAL FASTENER SYSTEM IS REQUl RED 

THE TOTAL FASTENER ENVIRONMENT MUS1 BE EVALUATED BEFORE A 
COMMITMENT  CAN BE MADE 

Figure 7 





BEARINGS, LUBRICANTS, AND SEALS FOR  ACTUATORS AND M E C m S M S  

by  Robert L. Johnson,  William R. Loomis, 
and  Lawrence P. Ludwig 

NASA Lewis  Research  Center,  Cleveland, Ohio 

ABSTRACT 

Lubricated  and  hydraulic  components  for  the  shuttle  vehicle  with 

high  temperature  and  vacuum  operating  capabilities  are  under  investiga- 

tion. A review  of  C-ethers  as  potential  hydraulic  fluids  and  lubricants 

indicates  important  advantages  of  increased  thermal  stability,  high 

bulk  modulus,  high  surface  tension,  and low vapor  pressure.  Good progress 

is  reported  in  resolving  lubricant-coolant  deficiencies of the  base 

fluid  by  formulation.  Actuator  rod  seals  with  polyimide  chevron  sealing 

elements  and  molecular  flow  impedance  are  described.  Problems of rotating 

shaft  seals  are  discussed  and  the  design  concept  is  presented of spiral 

groove  for  liquids  and  helical  groove  molecular flow pumping  seals  for 

low density  vapor.  Vibration as  well  as  high  temperature  is  suggested 

as  an  airframe  bearing  problem.  Calcium-fluoride  lubricated  porous 

metal  composites  and  mechanical  carbons  are  indicated  to  have  the  advan- 

tage  of  good  damping  capacity  in  a.ddition  to  useful  friction  behavior. 
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BEARINGS, LUBRICANTS, AND S W S  FOR AUTUATORS AND MECHANTSMS 

by  Robert L. Johnson,  William R. Loomis, 
and  Lawrence P. Ludwig 

NASA Lewis Research Center,  Cleveland,  Ohio 

INTRODUCTION 

Lubrication  problems i n   t h e   s h u t t l e   v e h i c l e  are very much dependent 

on  mission  and  design  details  that  remain t o  be d e f i n e d .   C r i t i c a l  

problems for airframe bearings  and  hylraulic  system components a re   asso-  

ciated  with  high  temperatures as well as with exposure t o  vacuum. Much 

considerat ion i s  be ing   g iven   t o  thermal p r o t e c t i o n   o f   t h e   v e h i c l e   i n  

general .  Thermal p ro tec t ion  of l u b r i c a t e d  components  and hydraulics must 

be  achieved i n   c r i t i c a l   c i r c u m s t a n c e s .  A reasonable  concept  for  design 

of such  components,  however,  would  be to   p rov ide  for them t o   o p e r a t e  a t  

t h e  most extreme  conditions  that  w i l l  give  an  acceptable  confidence 

level and  thereby  minimize  the  thermal  protection  problem. 

Airframe bearings  of  aerodynamic  control  surfaces w i l l  see very 

high  temperatures  (e.g., t o  1600' F o r  1144 K)  f o r  relatively shor t  

periods  of time, as well as high  loads  and severe vibration.  l 'Acoustic 

vibration"  of airframe bearings  has   severely  l imited  the  operat ion  of  one 

l a rge   supe r son ic   f l i gh t   veh ic l e  s o  t h a t  it i s  wel l  t o  provide damping 

capac i ty   i n   t he   bea r ing  materials or designs.  

The hydraulic  systems  under  consideration by poten t ia l   cont rac tors  

are bas i ca l ly   t he   so -ca l l ed  Type I1 ai rc raf t   hydraul ic   sys tems.  Such 

systems are in tended   to   opera te  a t  Q75' F (<408 K )  and   wi th  no considera- 

t i o n   f o r  vacuum exposure o r  operation.  There are very  per t inent  
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considerations  for  both  rotating  shaft  seals  and  linear  actuat0.r  seals 

as  well as  hydraulic  fluids  that  need  greater  attention. 

The  combination of operati.on at  high  temperatures  in  air  and  more 

nominal  temperatures in vacuum  imposes  a  complication for lubricated 

components  not  found in either  aircraft or spacecraft.  Fortunately, 

however,  it  appears  that  some  of  the  advanced  capabilities  shown  in 

recent  research  programs (ref. 1) of  the  Lewis  Research  Center  can  be 

adapted for  requirements  of  the  shuttle. 

The  objective  of  this  paper is  to present  a  discussion  of Lewis 

Research  Center  studies  and  backgrounds  that  are  pointing  to  solutions 

of  potential  problems  in  the  shuttle.  The  present  discussion  will  be 

limited  to  airframe  bearings  and  hydraulic  system  seals and  fluids  and 

supplements  reference 1. 

AIRFRAME BEARINGS 

Previously  reported  information  (refs. 1 and 2) showed  that  CaF2 

lubricated  ball  bearings  have  been  run  with  meaningful  loads (93,000 psi 

or 64,000 N / m 2  Hz) and  unidirectional  motion at 1200° and 1500° F 

(922 and 1089 K) for time  periods  greater  than 100 hours.  Airframe 

bearings  are  most  commonly  of  the  plain  spherical  configuration  as  shown 

in figure 1 but  both  ball  bearings  and  concave  roller  bearings  have  areas 

of application.  Because  weight is a critical  factor,  airframe  bearings 

are  usually  designed to operate  at  high  stress  levels.  (See  ref. 3 .  ) 

Most commonly, such  bearings  have  the  inner  surface of the  outer  race 

lined  with 0.007- to 0.008-inch  thick (0.018- to 0.020-cm) reinforced 



TYPES OF SELF-ALIGNING  AIRFRAME BEARINGS 

RADIAL 
LOAD 

PLAIN  SPHERICAL  BEARING 

BALL  BEARING 1 
, . . . - . . I I: . I CONCAVE ROLLER BEARING 

Figure 1 



polytetraf luoroethylene (FTF'E) f a b r i c .  The temperature  l imitations  of 

Pm will prevent i t s  use on t h e   s h u t t l e .  Both t h e  Concorde  and t h e  

Boeing SST use   fabr ic - re inforced  PTFE compositions f o r  airframe bearings. 

I n   r e l a t i v e l y   s h o r t   d u r a t i o n   s u p e r s o n i c   f l i g h t s   o f   t h e  Concorde, a t  least 

one  of  the FTFE compositions  has  shown.prohibitive  deformation  and 

wear as a result of  vibration. Thus, it i s  important t o   p r o v i d e  damping 

capaci ty  or e l a s t i c i t y  t h a t  can  minimize f r e t t i n g  and  impact damage by 

v ib ra t ion .  

The ear ly   exper ience   repor ted   for  CaF (ref .  1) lubr ica ted   h igh-  2 
temperature  bearings  used a fused   t h in  f i l m  of a CaF2 p lus  BaF2 e u t e c t i c  

on ba l l -bear ing   re ta iner   sur faces .  The l u b r i c a n t   t r a n s f e r r e d   t o   o t h e r  

bea r ing   pa r t s   t o   p rov ide  a t h i n   l u b r i c a t i n g  f i l m .  The bearing  performed 

well a t  the  condi t ions  discussed  previously;   but  it i s  important t o   n o t e  

t h a t  no v ib ra t ion ,   o sc i l l a t ing   mo t ion ,  or variable loading w a s  imposed. 

Greases or o i l s   p rov ide   e f f ec t ive  damping media for   bear ings   subjec t  

t o   v i b r a t i o n .  Because  of  high  temperature  and vacuum exposure,   the use of 

organic   lubricants   does  not   appear   to  be f e a s i b l e .  Thus, s o l i d   l u b r i c a t i n g  

materials wi th   r e s i l i ence  or damping a b i l i t y  are o f   g r e a t e r   i n t e r e s t .  

Figure 2 shows s l i d i n g   f r i c t i o n   d a t a   o v e r  a range  of  temperatures  for 

t h e  CaF2-BaF2 eu tec t i c   fu sed  f i l m .  I n  204- s i ze   ba l l   bea r ings ,   t ha t  

f i l m  g ives   f r ic t ion   to rque   of  2 t o  4 inch-ounces  (0.0142 t .o 0.0283 m-N) 

with a 30-pound (133 N )  axial load .   Addi t iona l   da ta   for  two o the r  

materials o f f e r i n g  improved  damping are   a l so   p resented .  The s i n t e r e d  

nickel-chromium metal composite was i n f i l t r a t e d  w i t h  a ceramic  oxidation 

i n h i b i t o r  (NBS A418 modified)  and  then  coated  with a Cs2-BaF2 e u t e c t i c  
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overlay.  This  composite  material  gave  similar  friction  performance to 

the  fused  film  lubricated  surface.  The  composite  remains  somewhat 

porous  and  would  offer  improved  damping  capacity as  well  as  extended 

life  compared  wEth  the  use  of  thin  solid  films. 

Mechanical  carbon-graphite  materials  have  been  very  useful in 

both  primary  and  secondary  seals  of  aircraft  turbines  where  vibration 

instability  is  common.  The  best  of  oxidation-inhibited  commercial 

carbon  materials  have  friction  behavior  similar  to  that  in  figure 2. 

That  material  has  substantially  lower  friction  than  the CaF lubricated 

surfaces.  Although  the  carbon  bodies  include  oxidation  inhibitors,  they 

are  subject  to  rapid  oxidation  above 1200' F (922 K) and,  in  fact,  the 

high  temperature  wear  mechanism  is  primarily  one of oxidation.  Mechanical 

carbons  are  considered  useful  to  the  limit of 5-percent  oxidation  by 

weight. A shielded  bearing  configuration  to  restrict  dissipation  of 

the  gaseous  products of oxidation  can  greatly  reduce  the  oxidation 

2 

problem  and  may  make  it  tolerable in view of  the  short  times at extreme 

temperatures. In addition,  the new materials  made  under NASA contract 

NAS 3-13497 for  seals  have  one-tenth  the  oxidation  rate  of commercialmate- 

rials  at 1300° F (978 K). (See  ref. 4. ) It  is also  anticipated  that  carbon 

fiber or cloth-reinforced  bodies  such  as  those  developed for brakes  can  be 

useful  compositions. 

SEALS 

Dynamic  seals  for  the  vehicle  structure  are  mostly  associated  with 

the  hydraulic  system.  The  use of linear  and  rotating  seals  with  local 

extreme  temperatures  and  exposure  to  vacuum  must  be  anticipated. 
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Actuator  Seals 

A significant  background of work on dynamic  seals for advanced 

aircraft  such  as the SST has led to the use of materials  and  configu- 

rations (e.  g. , PTFE foot seal) for actuator  seals  that  are  limited to 

about 400' F (478 K). The  metallic  seals used in the B-70 had  high 

temperature  capability and worked  under  laboratory  conditions  but  may 

be  inadequate for operational  use;  matched  surfaces  are  required  and 

tolerance to misalinement,  wear,  and  contamination  are  questionable. 

A more  appealing  approach  to  the  high-temperature  actuator  seal 

problem  is  the  use  of  advanced  polymers  such  as  polyimides  in  chevron 

configurations  with  needed  sealing  force  provided  by  pressure  and  metal 

springs..  (See  fig. 3 .  ) Such  seals  have  been  successful  under  severe  duty 

cycles to 500' F (533 K). (See ref. 5. ) Lubrication  studies in vacuum 

(ref. 6) show  polyimides to have  excellent  self-lubricating  properties  and 

have  no  measurable  deterioration  in  vacuum  until  temperatures of about TOO0 F 

(644 K) are  reached. 

Vacuum  exposure  is  the  primary  difference  between  experience  to 

date  with  the  actuator  seal  design  and  shuttle  requirements.  The  sealing 

mechanism  varies  with  change  in  state  from  the  viscous  liquid  continuum 

to  transition  (slip)  and  finally  molecular  flow.  Vaporization of residual 

liquid  adhering  on  actuator  rods  exposed  to  vacuum  can  accelerate  leakage. 

Thus,  vapor  pressure  and  surface  energies  of  the  fluid are important. 

Fortunately,  design  provisions  to  impede  molecular  flow  can  be  relatively 

simple.  The  Knudsen  number A/L which  controls  the  flow  regimes  can 

be  altered.  That  can  be  done  by  varying  a  characteristic  flow-field 

dimension L such  as  the annula'r  clearance  and  length  of  the  leakage 

path.  The  main free path A which  varies  with  pressure  is  a  function 
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of the  material.  The  geometries of the  boundary  surfaces  can  also  be 

important  to  the  molecular  collision  process for impeding  leakage  flow. 

An  experimental  measurement  of  weight loss for the  ester di (2-ethyl- 

hexyl)  silicate  (Octoil S) fran'a simulated  bearing  cavity  including a 

stationary  walled  housing  annulus  has  been  reported  with  reference  to 

the  Helios  antenna  despin  mechanism  (ref. 7). It was  found  that  the 

oil loss rates  were  much  greater  than  those  calculated  by  theory for free 

molecular  flow.  Further,  it  was  indicated  the loss rate  result  was 

greatly  influenced  by  surface  migration  phenomena.  Surface  migration 

is dependent on surface  energy  relationships  and  suggests  that  higher 

surface  tension  of  the  fluid  would  deter l o s s .  Further  lower  vapor 

pressure  of  the  fluid  would  have  been  advantageous both in establishing 

a  less  critical  flow  regime  through  the  annulus  and in reducing  the  fluid 

vaporization-of  the surface  migrated  fluid.  Factors  important  to  evapora- 

tion l o s s  are  summarized  in  reference 8. 

The  design  considerations  to  restrict  molecular  leakage  to  vacuum 

are shown  in  figure 3 to  be  rather  simple  changes  for  the  polyimide 

chevron  seal  assembly  that  continues  to  be  studied.  The  external  guide 

bushing  also  serves  a  sealing  function. In atmosphere  the  useful  tempera- 

ture for the seal  material  can  be from -400' to 600' F (33  to 589 K) for 

extended  operation  and  higher  (e.g., 900" F o r  755 K )  for short  periods. 

In simulated  aircraft  flight  cycle  experiments  at 500" F (533 K )  sealing 

a 4000 psi (2760 N/cm ) silicone  fluid  from  atmosphere,  the  leakage 

rate  for  over 1000 hours  of  operation  was <0.02 cc per hour (ref. 5). 

2 
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Rotat ing  Shaft   Seals  

Aircraf t   hydraul ic   motors   for   severe   service are usually  equipped  with 

face- type  seals  as shown i n   f i g u r e  4. Labora tory   v i sua l   s tud ies   a t  Lewis 

and  by  others  (ref. 9 )  show tha t   s ea l ed   f l u id - f i lm   vapor i za t ion   occu r s   i n  

t he   s ea l ing   i n t e r f ace  so tha t   on ly   pa r t  of t h a t   s u r f a c e  i s  wet  by l i q u i d  

and the  leakage i s  vapor   wi th   var ious   l iqu ids   reaching   the i r   charac te r i s t ic  

b o i l i n g   p o i n t s   a t   t h e   i n t e r f a c e .  The boundary  between  the  liquid  and  vapor 

phases i s  s t ab le   bu t  moves with  changed  operating  conditions  (e.  g.,  speed 

or pressure) .  The presence  of two phases and t h e   l i q u i d   a t  i t s  bo i l ing  

point  provides a suff ic ient ly   high  pressure  regime  for   viscous or  t r a n s i -  

t i o n   ( s l i p )   f l o w  of the  vapor. The relatively  rapid  leakage  through  the 

s e a l   t o  vacuum would  be fur ther   acce le ra ted  by surface  migration and  sub- 

sequent  evaporation. 

Figure 5 shows a  conventional  rotating  shaft  face  seal  assembly  as 

used on hydraulic  motors i n  a i r c r a f t   b u t  n o t  or iginal ly   intended f o r  

exposure t o  vacuum. This type of s e a l  would have  the-two-phase  interface 

fi lm  described i n  b o t h  atmosphere and vacuum. An improved seal   design 

f o r  vacuum i s  suggested i n  f i gu re  6. This   design  ut i l izes  a s p i r a l  

groove r ad ia l ly  outward pumping f a c e   s e a l  w i t h  in te r face   l iqu id   feed  t o  

remove heat  generated i n  shear of the t h i n  (100 t o  200 microinch or 

2.5 t o  5 . 1 j ~ m )  f i l m .  Further ,  a he l i ca l  groove  molecular f low vapor 

sea l  w i t h  low surface  energy  barr ier  films i s  provided t o  contain  leakage 

pas t   t he   sp i r a l  groove l i q u i d   s e a l .  The b a r r i e r  f i l m  should n o t  be wet 

b y  the   sea led   l iqu id .  
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These  sealing  concepts  to  vacuum  have  been  explored  in  studies  for 

space  power-generating  systems. The  spiral  groove  concept  was  used  to 

provide  a  no-leakage  seal  for  liquid  sodium  and  oil (ref. 10) and  has  been 

incorporated in recent  experimental  mainshaft  seals for aircraft.  Studies 

of a rotating  helical  molecular  flow  seal  combined  with  a  visco  seal for 

organic  fluids (4P3E polyphenyl  ether)  at  modest  pressures  gave  leakage 

rates to  vacuum  torr)  of 0.7 to 2.6 kilograms in 10 000 hours  (ref. 

11). That  seal  also  had  low-surface-energy  films  of PTFE in  the  molecular 

flow  section  to  eliminate  liquid  migration.  Several  of  these  concepts 

were  combined  to  provide  the  suggested  advanced  space  power  system  seal 

reported  in  reference 12. Consideration of the  design  requirements for 

the  space  shuttle  suggested  that the seal  concepts  of  figure 6(b) should  be 

applicable  to  hydraulic  motors  capable  of  operating in air  or vacuum. 

HYDRAULIC FLUIDS 

The  preceding  discussion  has  mentioned  several  properties  of  fluids 

that  can  reduce  the  seal  problems  of  hydraulic  systems  that  must  operate 

in  vacuum  as  well  as  in  air. In  particular,  surface  tension  should  be 

high  and  vapor  pressure  low for the  liquid. Figure 7 is  a  table  showing 

those  and  several  additional  properties  (important  to  hydraulic  systems) 

for  four  fluids.  The  fluids  identified as MIL-H-5606 (petroleum)  and 

I@-V (disiloxane)  are  considered  as  phase B fluids by present  shuttle 

contractors.  The  so-called SST ester  is  the  advanced  poly01  ester  fluid 

currently  planned for  the  Boeing  supersonic  transport. Also listed is a 

C-ether  (modified  polyphenyl  ether)  that we  are  currently  working  with 
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PROPERTIES OF POTENTIAL HYDRAULIC  FLUIDS 
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t o  improve i t s  a l r e a d y   s u b s t a n t i a l   c r e d e n t i a l s  as a hydraul ic   f lu id   and  

a i r -b rea th ing   eng ine   l ub r i can t   fo r   t he   space  shuttle. The only inadequacy 

of  C-ethers shown by t h i s   t a b u l a t i o n  i s  that  of  pour  point;   pour  point 

r equ i r emen t s   fo r   t he   shu t t l e  are no t   c l ea r .  

Figure 8 shows tha t   t he   pour   po in t   can   be   subs t an t i a l ly   r educed  

by ut i l iz ing  the  lower  molecular   weight  less viscous  polymers  of  the 

same chemical structure. A s  shown, the  pr imary  penal ty   of   using  the 

less viscous  polymer i s  t h a t  of  increased  vapor  pressure.  Even the  least 

viscous  f luid  has   vapor   pressure no g rea t e r   t han   t he   p re sen t   shu t t l e  

hydraul ic   f luid  candidates .   There i s  technology  for  achieving  reduced 

pour  points  including  &nding  varied  isomers,   changing  molecular  weight 

d i s t r ibu t ions   and  additive e f f e c t s .  Such approaches  have  not  yet  been 

ful ly   explored.  Also, as already  pract iced  for   both  high-   and low- 

temperature  systems, a cons t an t ly   c i r cu la t ing  f l u i d  system can avoid  thermal 

problemsof  the  operating  environment. A c l e a r   d e f i n i t i o n   o f   t h e  low- 

temperature  requirements on the   shut t le   hydraul ic   sys tem i s ,  however, 

needed. 

Figure 9 ind ica tes   the   e f fec ts   o f   t empera ture   on   vapor  pressure f o r   t h e  

o r i g i n a l   f l u i d s   d e s c r i b e d .  Also, t he   h igh   t empera tu re   t e rmina l   po in t   fo r  

these  curves  i s  t h e  limit of   t he rma l   s t ab i l i t y  shown by isoteniscope  data .  

The C-ether of fe rs  s u b s t a n t i a l  improvement ove r   t he   o the r  f lu ids  i n   f i g u r e  9. 

One of t h e  more c r i t i c a l   u s e s   o f   h y d r a u l i c s   f o r   t h e   s h u t t l e  w i l l  be 

the   f l igh t -cont ro l   sys tem.  The physical   s ize   of   the   system, i t s  response 

c h a r a c t e r i s t i c s   a n d   s t a b i l i t y   a r e   d i r e c t l y   d e p e n d e n t  on the   bu lk  modulus 
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Reference 1 4  suggests   that   the   C-ethers  w i l l  provide a t  least as 

good bearing l i f e  as t h e  best advanced esters. It is  s i g n i f i c a n t   t h a t   t h e  

bearing l i f e  comparison t e s t i n g  was done wi th   the   C-e ther   lubr icant  a t  

50" F (28 K )  h igher   temperature   than  the esters. The higher  temperature 

would r e su l t   i n   t he   C-e the r   func t ion ing  a t  much lower  viscosi ty  levels 

than   t he  esters a t  t h e   r e s p e c t i v e  t e L t  conditions  and makes the  favorable  

bearing l i f e  data  especially  noteworthy.  Reference 16 a l s o   i n d i c a t e s  

t h a t  t h e  t h i n  f i l m  (boundary)  lubrication  performance  of t h e  C-ethers  does 

not   deter iorate   with  higher   temperatures  as i s  usually  found  for  organic 

lub r i can t s .  It i s  suggested t h a t  a very   th in  f i l m  of a high  molecular 

weight  analog  of  the  C-ether  fluid  (e.g.,  friction  polymer)  forms on t h e  

wetted  metal   surfaces of t h e   l u b r i c a t e d   p a r t s .  The presence  of  similarly 

developed films has b e e n   i d e n t i f i e d   f o r   o t h e r   f l u i d s  by several i n v e s t i -  

ga to r s .  

The C-ether  f luid  has  been  used f o r  several fu l l - sca le   engine  tes ts  

as well as i n  numerous bench s tudies ,   bear ing  tests,  and  hydraulic pump 

systems.  Except  for t h e  bearing  endurance  runs  of  reference 14, t h e  

experience h a s  been  of   short   durat ion.   Apparent   lubricat ion  fa i lures  

have  occurred t h a t  had a common pa t t e rn .  

Fol lowing  successful   short- t ime  ful l -scale   engine  operat ion,   Prat t  

and  Whitney Aircraft   twice  found wear and s c o r i n g   i n  aluminum bearings 

run  with a s t ee l  sha f t   o f  a gear-type  lubricant  scavenge pump. An 

example  of  such f a i l u r e  as d u p l i c a t e d   i n   l a b o r a t o r y  tests is  shown i n  - 

f i g u r e  11. In   an  earlier engine  run, no  problem  had  been  encountered 

and it was found the gear  box scavenge pump was a d i f f e r e n t  model with 

lower  bearing  loads  and more massive housings. 
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Vane  Pump  operation  with " 5 0  steel  vanes  and  housings  (ref. 17) 

gave  higher  wear  with  the  C-ether  and  conventional  polyphenyl  ethers 

than  with  mineral  oils.  Piston-pump  operation of the  C-ether in a simple 

hydraulic loop (ref. 16) resulted in surface  smearing of the  S-Monel 

thrust  bearings  on  the " 2  tool  steel  swash  plate.  Experience  with  both 

25-ITII~ and I25-mmball bearings  under  severe  temperature  conditions 

(refs. 18 and 19) indicated  inadequacies.  These  varied  experiences  of 

unsatisfactory  operation  had  a  common  pattern: (1) There  were  frequently 

problems in achieving  temperature  stability  for  bearing  parts  during 

operation  and (2) Following  operation,  the  surf$ces  showed  wear  and 

smearing  of  the  surface  metal. 

Lubricants  for most  mechanisms  must  serve  the  dual  role  of  acting 

as both a  lubricant  and  a  coolant.  Enough  of  the  early  data  showed 

C-ethers  to  be  good  lubricants  under a variety of conditions  that  it  was 

clear  the  coolant  function  of  the  fluid  needed  consideration  in  evaluating 

the  failures  that  had  occurred. 

Examination  of  pump  and  bearing  parts  from  the  varied  experimental 

operations  described  showed  a  significant  common  characteristic.  The 

test  fluid  would not  spread  (wet)  on  the  surfaces  of  the  used  parts. If 

it is assumed  that  these  surfaces  have  a  film  of a high  molecular  weight 

analog  of  the  base  fluid,  the  lack  of  wetting  can  be  explained.  Aromatic 

compounds  show  a  decrease  in  surface  tension  with  increased  molecular 

weight (ref. 20). Consequently,  the  higher  surface  tension  liquid  is 

unable to spread  on  the  lower  surface  tension  film  covering  the  metal 

part. The  vapor  phase  occupies  much  of  the  volume  in  the  lubricant 
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immediately  following  concentrated  contacts  like  a  ball on a  bearing  race. 

When  the  vapor  phase  is a substantial  part of the  volume,  good  wetting 

of the lubric$t is  needed  to  provide a continuous  coolant  film. If 

wetting  is  equate,  cooling  may  be  ineffective  and  there  is  potential 

increases  and  instability. 

Based  on  the  premise  that  inadequate  cooling  by  the  C-ether  was  the 

reason  for  the  several  apparent  lubrication  failures,  formulation  to 

improve  wetting  was  recommended to the  fluid  manufacturer. The  concepts 

Of reference 20 were  suggested  for  guidance. A formulation  was  made 

available for evaluation  that  had  improved  wetting.  It  is  also  likely, 

however,  that  the  fractional  percentage  of  additive  could  have  other 

surface  chemical  effects in addition  to  improved  wetting. 

I 

The  results  from  this  modest  formulation  effort by the  fluid  manu- 

facturer  were  very  encouraging.  The  formulation  completed  a 100-hour 

run with  two  of six 23-m ball  bearings  operating  at 600" F (589 K) and 

44 000 rpm  (ref. 21 ) and  the  other  four  bearings  were run at  least 40 

hours.  Earlier  operation  of  the  C-ether  base  fluid  resulted  in  failures 

in a  few minutes.  The  formulation  also  provided  satisfactory  performance 

in bench  tests of the  engine gear  box  scavenge  pump  described earlier. 

Figure 12 is  a  photograph  of  the  originally  described  pump  housing  with 

a distressed  bearing  and  a  similar  housing  of a pump  showing  appearance 

after  operation  with the C-ether  containing  additives  that  improve  wetting. 

The bearing  surfaces  of  the  second  housing  show  no  distress. 

Another  observation  for  the  C-ethers,  but  more  common  to  conventional 

polyphenyl  ethers,  is  the  formation  of  sludge  that  can  plug  fine  filters. 
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Such  deposits  have  been  shown  to  contain  high  metallic  content  and  are 

most  likely from wear  debris  that  is  not  expected with  the  formulated 

C-ethers. 

The C-ethers  have  promise  as  hydraulic  fluids (and  air-breathing 

engine  lubricants) for the  shuttle  vehicle.  Initial  results  in 

compensating  for  deficiencies  have  been  successful. A contract  program 

of further  formulation  and  evaluation  studies  with  Monsanto  is  proceeding. 

CONCLUDING REMARKS 

Lubrication  programs  at  the  Lewis  Research  Center  and  by  contractors 

for  aeronautics  and  space-power  systems  provide  design  information 

applicable  to  the  shuttle.  Allowing  such  lubricated  components  as 

airframe  bearings  and  hydraulic  devices  to  operate  at  increased  tempera- 

ture  levels  and  with  capability  for  direct  exposure  to  vacuum  can  signif- 

icantly  reduce  thermal  protection  problems. 

C-ethers  are  important  candidates  to  replace  presently  proposed 

hydraulic  fluids  and  allow  higher  temperature  operation.  Greater  thermal 

stability,  bulk  modulus,  surface  tension  and  fire  resistance  as  well  as 

reduced  vapor  pressure  are  real  advantages.  Low-temperature  fluidity 

and  questionable  lubricant-coolant  performance  are  problem  areas  for 

which  reasonable  solutions  are  anticipated  from  present  programs. 

Hydraulic  system  seal  designs  for  linear  and  rotating  actuators  with 

capability for the  vacuum  problem  are  suggested  but  remain  to  be  evaluated. 

Smface-tension and vapor-pressure  properties  of  the  hydraulic  fluid  are 

important  to  the  sealing  problem. 



Airframe  bearings  lubricated  with C 6 F  base  eutectic  solid  materials 2 

in metal  composites  should be  effective  to >1600° F (1144 K). Oxidation 

inhibited  mechanical  carbons  may  have  promise of lower  friction.  Metal 

composites  and  mechanical  carbons  have  damping  ability  considered  to be 

advantageous  for  vibration  problems of high-speed  flight. 
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